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SECTION I

INTRODUCTION

On 9 July 1964, the NASA Office of Space Science and Applications (OSSA) dirtcted the

office of Advanced Technical Studies at the Tet Propulsion Laboratory to assess the.feasibihty

of perlornaing a [969 Mars Orbiter mission using the Atlas/Centaur launching vehicie. This

Engineering Planning Document reports the results of this study.

Th_ purpose of the study was to determine:

I) The gross capabilities and limitations of a 1969 Mars Orbiter launched by a

floxed Atlas/Centaur vehicle.

Z) The risks associated with such a system in this tilne-seale.

3) The pacing state-of-the-art and adv,-Iced develepmen* areas requiring

immediate additional attention and support.

During the course of the study three spacecraft, with discrete levels of performance

capability, eomple--:ty, and lifetime, were considered. These are referred to as Maximum,

Non-.inal, and Minimum Cases and will be describe s in detail in Sections VII and IX.

Briefly, the i_" raum Case was conceived to carry an extensive number of experiments

(listed in Table l-l) _-_r an orbiting lifetime about Mars of 180 days. The capabilities of

tb_isspacecraft are not =-gnificantly less than those of the Voyager-type orbiter consldered

by the APSSC (Advanced Planetary Spacecraft Study Committee) in 1963; e.g., see EPD-),39,

Volcrnes I/ and Ill.

The Nozn_nal Case censidered carries a son%e_chat reduced number of experiments

(listed in Table I-=) .,'oran o__biti_glifetinle of 90 days. This spacecraft, nowe,.,er, still

represent_ an ambitious and _g.-,ifizant._A__rsorbiting pro_r_-n, especially for a first attempt.

The Minimum Case considered is almost a trivial one; it represents a spacecraft

making maximum use of Mariner 1964 subsysten, s wh.ch performs as an attitude-stabihzed

spacecraft in Mars orbit for 30 days, but carries no _cientific instruments or science-related

equipment. Th_s concept does serve a usefu/ purpose, however, because it does establish

a minimum syst,.'m upon which one must build and improve.

,, , : _ ,
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Table l-l. "Maximum" Case Science

Item [ Experiments (180-Day Orbit) Weight (lb)
" I

1 Magnetometer 4.5

Z Magnetometer Boom I0

3 Plasma Probe 10

4 Energetic Particles Z. 5

5 Micrometeorite Detector 5

6 RF Occultation Receiver 5.5

7 RF Noise Detector 4. 5

8 RF hcase Detector Antenna Z.5

9 IR Inte rferometer* 26

1 0 UV Spectrometer 2.4

11 TV* Z3

1Z Mars Scanner¢ 1 3

1 3 DAS 37

14 Scan Platform 41.3

15 Case Harness 8

16 Case 5

Total Science Payload ZZI. 5 ib

Table l-g. 'Nominal" Case Science

Item Experiments (90-Day Orbit) Weight (ib)

1 Magnetometer 4. 5

Z IvC_agnetcmeter Boom 1 0

3 Plasma Probe I0

4 Energetic _articles Z. 5

5 Micrometeorite Detector 5

6 RF Occultation Recewer 5.5

• 7 RF Noise Detector 4. 5

8 RF Noise Detector Antenna 2

9 TV* 23

10 Mars Scanne 1-* 13

11 DAS ;'8

II 12 Scan Platform 23. 5

Case Harness £

Case 5. 5

Total Science Payload 143. 2 Ib

*Located on Scan Platform

•' l-Z
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SEC ]?ION II

SUMMARY

A SIGNIFICANT RESULTS

On the basis of thzs 3tudy, several important conclusions carl be stated.

I) The Nc"n_nai mission (a3 defined in Section I; Is fca.lble _n 1969 if the revised

30% floxed Atlas/Centaur pcrforma,_ce estimates (see Figure If-l) provided

by Lewis Research Center can be demonstr;,ted.

2) The Nominal mission is not feasible with the "original" 30% floxed Atlas/

Centaur performance estimat2s, however it should be nuted that e_en the

NorrAnal p,_yload is a rather amblhous or_e. It appea_s that some mission

between the Minimum and Nominal Cas,; is fe.slble witL the original 30%

floxed performance estimates.

3) No attractive fully-_tablhzed orbiter mission appears feasible without tloxmg

of the Atlas/Centaur.

4) The in-o-bit control and operation of the spacecraft appear to be the major

technological developments required to accomplish this rniss_on. Ground-

based command capability of the orbiting part of the mission will be required,

probably on an "around-the-clock basis" for the duration of the orbiter

lifetinne.

5) The abihty to observe the same small area of Mars at high resolution over

many months is doubtful for any mission considered.

6) Northeast launches (reqmred for Type I trajectories) offer significant

advantages in terms of short flight times, low communication distances, and

in-orbit geometry. Northeast launches reqmre special range-safety wmvers;

however, at this t_mc, the potential advantages appear great enough that such

launches should be t cnsidered.

7) Sterilization corstraints require early selection of a Mars high-altitude

atmospheric model. With the present m certainties associated w_th such a

model, the periapsls alhtude of Mars orbiters must be kept la-ge (or the order

of 4000 kin} with a resulting loss of approximately 125 pounds of active payload

in orbit compared to that possible with lower pemapsis altitude (1500 kin).

5) A cylindrical extensxon of the Surveyor nose fairing should be serious[y

considered. The present nose faixing imposes major packaging problems

such as requiring double-folding of the solar pemels and limiting the space-

crafts high-gain antenna diameter to 4-feet.

9) The program to uprate the Centaur performance should be cont=.nued if the

Atlas/Centaur is to be considered for Mars orbiting missions.

2-1 i'
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B. TRAJECTORIES

I. TyL_e I vs Type 1I TraJectories

Type I trenslt trajectories appear pertlcularly attractl,,_*. The trip tlrnes are from 80

tn 100 days shor_'er than those for Type 1I trajectories, and tht distance from Earth at

encounter is about 70if0 o_ that for Type I1 trajectories. In addi'.ion, '[ype I trajectories

provide several attractive gec;rnetmc advantages over the Type .I's; the Type I trajectomes

do not pass inside the Earth's orbit early in transit, and hence, reduce the associated

comrnumcations gray-out. Orbtt detemniuatlon uncertainties anu sensitivity to midcou_se

execution errors are s:gnificantly lower dumng the first several weeks of transit. Finally,

Type I trajectomes offer certain in-orbit mission advantages.

2. Nominal Orbit

A Nominal orbit with a periapsis altitude of 1500 krn, a a apoapszs altitude of 50,000 k.-r_

and an orbital pertod of 42 hours has been examined xn consid,,rable detatl. "Ibis Nonulnal

orbit y_e|ds maximum in-orbit p_.vload, consistent with the guidance capablhty provided by

DSIF tracking and the spacecraft propulsion and control subsystems. With the proper choice

of inclination, such an orbit m_mmizes Sun and Canopus occultation problems. The long

orbital period appears to be advantageous because with periapsxs passage occurring o_ly

once every 42 hr, there is "time to think" back at Earth where command and co:atrol

decisions must be made. Sufficient data can be collected _t each pemapsis to fully utlhze _he

entire orbital period for data transrnissaon.

3. Stemlizat_ on Requirements

P,'esent stemhzatxon requirements will force the choice of a higher perlapsis altitude

so that an orbit of 4000 krn by 50,000 km may be more realistic. If such is the casoe, approx2-

mately 1000 ft/sec additional velocity Increment ts re,,u_red to establish thLs orbit+ and there-

fore, an a.dditional 300 pounds oi vehicle performance is :equired at Earth injection to place

the same payload in-orbit as wa._ ue_ for the Nominal 1500 by 50,000-krn orbit.

2-2
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C. COMMUNICATIONS CAPABILITIES

For the nomi:lal case, with _ 90-day i_-orbi" lifetime, a single degree-of-freedom,

36-inch diameter ant,_nna is e,mployed. Two RF power levels can be considered, i0 and Z0

watts. Data rates resultmg £rorn these parameters are shown in Table 2-I.

Table 2-1. Data Rates Resulting from
19 and Z0-w Parameters

Power Outp_" i0 Watt Z0 Watt

Cruise Data Rate 8 I/3 bit/sec 16 Z/J b_t/sec

Orbit Data Rate

Until IZ/2/69 133 I/3 bit/see Z66 ;/3 bit/sec

Until g/_/70 66 Z/3 bit/see 133 1/3 bit sec

N ,te: Last day of arrival for Type I Trajectories 3 October 1969

Last day of arrival for Type il Trajectories Z _over%ber 1969

D. WEIGHT SUMMARY AND LAUNCHING VEHICLE PERFORMANCE

Table Z-I shows the propulsion reqturernents and sep._rated spacecraft weights for both

the 1500-krn by 50,000-kin and for 4000-krn oy 50, 000-krn orbits, fhe table also presents a

brief weigh * statement for the Minimum, l'4ominal, and Maximt_m cases, in addition, where

applicable, _he weights for Mariner 19_4 subsystems are also tabulated.

Figure Z-I shews the performance capabilities required to inject the Nominal case

p_tyload into L-itherof th_se two orbits.

It '_illreadi.ly be seen that '..heoriginal 30-percent floxed vehicle cannot inject the

Nominal payload into either orbit. The revised 30-percent floxed estimates will provide

a 30-day launch windrJ;v for the 4000-krn by 50,000-krn orbit and a much longer launch window

(in excess of 60 days) for the 1500-kin by 50,000-knn orbit.

i

!
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Table 2-Z. 1969 Mars Orbiter Summary

(Bipropellant System wlth Variable Loading)

Minimum Nornina, Maximum
MA- 1964

(30 Day) ,90 Day) (18G Day)

Science 0 I#3 221 71. I

Structure 65 88 I00 73.0

Thermal Control 20 35 35 13. I

Communications I01 165 210 100. 5

Power 179 294 384 157.2

Guidance and Control 78 i0@ 133 7 I.2

Pyrotechnics 13 16 17 I3.0

Cabling i0 20 26 19.8

46¢_ 865 1126 518.9

Design Margin (15%) 70 130 169 10

Active Orbit Weight 536 995 1295 528.9

Orbit: 1500 by 4000 by

50,000 km 50,000 km

4V Capability: 6660 ft/sec 7570 ft/sec

(Including 330 ft/sec Midcourse

and _t Loss)

Dry Propulsion Sys'tem 177 210 }51.3

Design Margin (15%) 26 31

Propellant 1085 1380

Separated S/C Weight 2283 2616 379.3

Adapter 100 100 56

Gross System, Weight 2383 2716 635

,3

7
4

2-4

%

] 965018274-029



EPD-Z50 Section II
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E. PACING ITEMS REQUIRING LARLY ATTENTION

On the basis of this study, sew:ral p.'.c_ngstate-of-the-art advanced

development rtems appear to require early altent_on'

II It is i,nperatlve that m_sLon objectives and experlrnents be selectt.d and

agreed upon e,t:ly m the;prehmlnary design. Th_s _s f.artlcu|arlv the ca_e

for an orbiting _lsslon, oecause the in-orbit lighting, control, _oqt_enclr_,

etc., are affe,:ted so strorg!y by the requirements of the experlrr, er, ts

themsetve,_.

2) The propl_lslon system s,'.ected, while not a cr:tLcal design problrm. ,.s a

long lead-time development and reqmres intitlatlon at an earl'), date

3) The in-orbit control and operation of the spacecraft and its planet-oriented

experxments is the major new technoio[_ical develo_rr_ent required for th_s

mission. The flexibility requxred for the exp_ri_.ents ,n the Nominal case

requires versatility and sopaistication in ehe command sy_ter_ 2o a degree

that should be wewed with skepticism so far as earl" orbiter missions are

concerned.

4) The CG&S reqmrements for an orbiter mission are sucF that it ts desirable to

ltihze a memory-oriented sequencer (i.e. a digital computer) to provide _no

orbit control, switching and sequencing.

5) The Date Automation System (DAS) elements to be employed for an orbiting

rnisolon will require considerable irr_provement over those used for Mariner-

1964.

6) Stor_.ge devices with a capacity of at least It. , by lO 6 bits are rcqmred, ano

thelr development requires early imtiatlon.

7) The missions considered in this study va:¢ In lifetlrnefrom 7Z0 days (Type I

trajectories, ._0days m-orblt) to 460 days (Type II trajectories, 180 days

in-orblt). It is readily apparent that s whole new technoiogv of long-hfe

performance of components and subsystems must be developed to accomphsh

such missions. Life tests, comparable to the mission duration, can probably

never be performed on which to ha.de conf,dence of demonstrated rehabihty.

Hence, other zechniques must be developed to provide stattstlcal conf,dence

and assuranc_ that m_ssion perform,,nce will be met.

8) Range safe_y dlscusstons should begin at once to explore the poss_b-lity of

utiliztng Northeast launch_r_gs, do_..-, to an azimuthas!owas _Sdeg East of North.

9) Serious consideration should be given to a cyhndrtcal extension of the Centaur

no,- fairing, An Exter, st_._ on the order of 4 ft appears to be desirable.

10) The selection o* a hlgh-,altitude Mars atmospb, ere model _nd the resolution of

the associated sterilization pohcy should be done pt.or to the initiation of

competttxve Phase I design studies by industrial co,atractors.

Z-6
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_CECTiON III

MISSION OBJ ECTIVES

The objectives for the lq69 Mars orbit mission as defined at the beginning of the study

are as lotLows:

1) Perform an orbiting mls;iiu, about Mars in the 1969 opportunity.

2) Provide the capability f_r planet-orie._tcd science; x.e., the capability of

po-nt_ng scientific instruments towa-d the planet.

3) Ablllt.v to c_ vrv non-planet-oriented science :.n the vicinity ol Mal s: ;. e., to

carry certair_ body-fixed instruments.

4) A hfetime in orbit about the planet ot at least 90 d_,ys, and if possible, a

li,etime of [80 da/s.

_,} Carry imerplan_tary scientific iz_strurr, ents which wo_ld function during the

transit from Earth to Mars.

6) Provide an opportunity for technological development which would be compat-

ible with _.n evolving planetary exploration program.

7) Be Ilexib'.e enougll to allow a repeat o,_ tt-e mission during the 1971 opportunlt/.

3-!
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SECTION IV

MISSION CONSTRAINTS AND DESIGN CRIT_ZKI-A

At the outset of th_5 m_ssion study, certain constra,nts and _leslgn crlterla were
J

1) The use of a floxed Atlas-Centaur lannchmg vehicle. The performance capa-

bility assumed was ldent*cal to that provided to Lockheed and to Avco earlier

thxs year for their JPL-contracted studxes of a 1969 Mars orbxter and a 1969

Fly-by Lander, respectxvely. Subsequently, the Lewis Research Cenler has

provided JPL with new estimates of the floxed Atlas-Centaur performance.

These performance estimates are shown tn Figure 2-!. Du,'mg the course of

the study both performance estimates have been conside*ed.

2) %'he use of the Centaur/Surveyor nose fairing, as shown tn Figure 5-2.

3) The availabihty of two launching pads for the Atlas-Centaur so that simultaneous

checkout and countdowr can be performed.

4) _ total of two spacecraft launchxng attempts for the 1969 or, portunity.

5) A nominal 30-day launching period to assure a high probabdity of achieving

two launchings.

6) Sterilization constraxnts such that there must be le_s than one chanze m I 04

that a single viable organism will enter the Mar_ at,-_osphere.

7) Cor'Jzderation of both Type I and Type II transit tr,,jectories. Type I trajec-

tories would require Northeast launches from the Eastern Test Range.

8) Deep Space Network (DSN) capabdxty which includes the availability of thr_e

210-ft receiving a-.tennas and command capability o¢ 100 kilowatt_ over 8',-ft

antennas during the entire orbit phaLe of the misjion. Adiscvssion of dzese

capabilities is presented ,n Appendix A.

., No test launchtngs to be performed przor to the 1969 opportunity.

10} Hardware consistent with the state-of-the-art at the beginning of prehrnmary

des,gn on March 1, 1965.

11) Sufhcient hardware and operational redundancy to handle most of th_ ioresee-

able nonstandard mission s_tuations which might occur due to malfunctions o"

the launching veh,cle, the spacecraft during transit, ano _5e spacecraft dur.,,,,,

its orbit lifetime.

1_) A typical instrumentation payload provided by NASA headc, uarters which con-

sists ,_f mstruments whlt'h ale planet-oriented and body-fixed:

a_ Scan Platforn,

1) Infrared Spectrometer or Interferometer.

Z) Ultraviolet Spectrometer.

4-1
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qm_ramam , r

3) TV

4} Mars Scanner (visual, thermal, and water vapo,,).

b) Spacecraft Body

I) Magneternete_.

Z) Plasma Probe.

3) Energetic Particle Detector.

4) _,_icremeteorite Detector.

5) _ Two-frequency Occultation Beacon.

6) Mars Radio-Noise Detector.

This preliminary list of instruments was provide, ,_yR. F. Fellows of NASA hea,_-

quarters. (See Reference 3,)

J

4-Z
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Reference 1: NASA Memorandum, R.F. Fellows, 11 August 1964

To : SL/Project Manager, Mariner Mars '6q Mission

From : SL/Mariner Mars '69 Program Scientist

Subject: Pre[iminary payload to be used for feasibility and design studies for the

Mariner Mars 1969 and lq71 orbital missions

The following payload is suggested ,ts the prelin-_lnary one to be used for

feasibility and deslgL studies for the Mariner Mars 1c'69 and 1")71 orbital

missions.

1. Scan Platform

t_. Infrared Spectroscopy {Interftrometer or Spectrometer)

Bo Ultraviolet Spectroscopy

C. TV Pictures

D. b,lars Scanner -- visual, therr:_M, and water vapor

2. el,, _ :ecraft Body

A. Magnetorne_er

B. Plasma Probe

C. Energetic Particles

D. Micrometeorite Detector

E. Two-frequency Occultation Beacon

F. Mars Radio-Frequency-Noise Detector

It is realized that this represents a more ambitiouo payload than has been

possible no date. However, the basic reason for undertaking the mission

is to accomplish a scientific exploration o£ the planet and its atmosphere.

Therefore, it is felt that the initial payload considered for design studies

should be one capable of performing a reaconabie scientific survey. St

may be necessary to decrease the size of this payload as a result of

feasibility studies, but the studies should demonstrate the necessity for

this, rather than starting with the premise Chat a smaller payload should

be considered.

The importance of a scan platform capable of accJmmodating four major

experiments cannot be overstressed. The rnost important information to

: be obtained concerns the nature of the change_ occu:'ring on the planetaryI

surface and the composition and characteristics of _he atmosphere. The

four types of instruments recommended here hold great _,romise in

obtaining this information. The visible, thermal and water yap _ scanner

is a very desirable addition to **heothez three scan experi_ents in that tt

¢ 4-3
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serves as an independent backup to some of their functions using a

different type of instrument. In addition, it ,8 an experimen¢ wlth specific

objectives aimed at answering some o: the important unknowns concerning

the atmosphere and surface.

Representative vleignts, power and telemetry requirements, and size are

not included because it is believed that this information is available to

JPL as a result of the Mar-q 66 deliberations earlier this year, and from

experimentz_ being carried on the Mars 64 mission and other space-probe

missions. The occultatlon beacon and the radio-frequency-noise exoerirnent

are relative newcomers and I hope to furnish specific information on

these in about two weeks, In any event, t.]_ey will require specialized

artennas, one pointing to the Earth and one surveying the planet.

Lifetime is an important consideration for this mission and it is realized

that many compromises are involved. In the absence of specific infor-

mation, "t is hoped t_hat communication with the spacecraft would be

possible for at ]east three months and preferably six mo_ths.

4-4
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SECTION V

ENVIRONMENTAL CONSTRAINTS

A. LAUNCH VEHICLE ENVIRONMENT

1. Launch Vehicle System Technical Description

The Atlas/Centaur la_mch vehicle consists of t_o stages: The first is a ,nodlfied

Atlas D, _nd the second (Centaur) _s a hquld hydrogen/hquid erygen, higJ-sp _.lflc impul'_e

ctage. The principal features of the operatlonai vehicle are h_t=d hL Tat,l and the

confxguration i._illustrated in Figure 5-I.

The Atlas/Centaur is now in its flight-test phase; therefore, it is not possible at this

time to precisely define the configuration =nd performance expected to be available for

Mariner Mars 1969. However, selected ground rules for Atlas/Cen,;&ur performance are

noted in Table 5-g.

Table 5-i. Atlas/Centaur Estimated Characteristics

Item [ Stage 1 Stage Z

Vehicle Atl: s (Modifled) - Stub D Centaur

Engines Rocketdyne Atlas Complex Z Pratt and Whitney,
(Z boost, I sustainer, RLI0-A-3

Z vernier)

_ominal Thrust. Ib 165,000 (per boost engine) 15,000 (per engine)
57,000 (sustainer)

I, 000 (per vernler enginc)

38[:.000 (total)

Fuel RP- 1 Liquid hydrogen

Oxldize r Liquid oxygen

Guidance iViinneapolis -Hc neywe II all-inertial

Launch Gross Weight Z99, 7Z9 Ib

Overall Dimensions 1I0 ft long x I0 ft diameter

a. First Stage

(i) V¢ _ic'e IWiodiflc_tions. The first-stage vehicle is a modified verslon of

the Atlas ICBM (S_V[-6-_ Series D missile. The principal modificat,ons to the Atlas D

missile are:

I) The forward conical section of the LOX tank has been enlarged to a

i0 ft diameter cylindrical section.

5-I
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LOW5dA6FAIBiNGS " _"'_ LH7 TANK

PANELSIflSULA'i'IUH (4) 1AHK

P AHbg ENGINES(21
15 K HOIKIHALTHRUSTEArN

LOX

HAASUSTAINER_NGIHE57 K THRUS!

• ,__AA BOOSTERENGIHES(2) 165 K EACH

Figure 5-1. Atlas/Centaur Configuration
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Table 5-2. Selected Gro_md R_les for Atlo._/Centaur Performance

= Item Selections and Performance Requlren',ents

A Trajectory Constraints

1. Launch Azimut' (eL), AFETR 90 ° to 114 °

g. Injecuon True Anomaly (_i) +2 °

3. Parking Orbit Altitude 90 nm

B First Stage

I. Designation Atlas Stub - D

2. Propulsion Syste,_n MA-5 (165K)

3. Baffled Injectors Yes

4. Retro Rockets 8

C Second Stage

I. Des 1_'.nation Alph_/Centaur

2. T_Lnk Material 301

:, 3. Nose Fairing 1520 lb*

4. Insulation Panels 800 Ib

: 5. Propulsion RLI 0-A-3}

6, Guidance System k4H-3

7. Hydrogen Peroxlde

Attitude Control System Yes

8. Telemetry System "TASC"

9. Range Safety Receiver Dual

i0. C-Band Beacon Yes

II. (Electrical) Battery I00 amp hr

1Z. Jettison Weight 4000 lb

D Performance Ru:es

, I. Booster ]Engine Cu:off (BECO) 5.7 g'S

Z. Insulation Staging BECO +50 sec

3, Fairing Staging BECO +83 sec

"; 4. Sustainer Cutoff (SECO) (minhnurr. residuals sensor)

5. Vernier Engine Cutoff (VECO) at SECO

6. Separation Sequence

i Atlas /Centaur "Fast"

I 7. Centaur Propellant Data 3.0 si.gma
Flight Performance Reserve (FPR)

}

i _Weight figures presented in Lhi_ table are approximate.

5-3
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Z} A 10 ft diameter sheet stringer cylindrical adapter to support the

Centaur stage hz_s been added.

3) An acivanced propellant-utilization svstem will be ircorporated.

4) The vehicle equipment pods have been modified to accomi odate

electronic equipment changes and to reduce gross weight.

5) The General Electric radio guid=,nce system, the impact predicter

the reentry v_t,i_l_ separatior, systc_% and the high-znte,:sity photo-

flash system have been removed.

6) The flight-control system is equipped to accommodate steering

signals from the second-stage guidance sy,_tem.

(2) Airframe. The first-stag_ airframe is composed of the mai_, propellant

tank section, the aft booster section, and the forward mterstage-ada_ter section. Total

length of tl-,e airframe is approximately 7Z. 5 ft. The main propellant tank consists of two

tandem compartments 10 ft in diameter jointed by eliipsoidal intermediate bulkhead. The

tank is a thin wall, internally pressurized monocoque structure. The boos_ :-Jection

structure is a jettisonable compartment housing the du, l-boost engines and thezr associated

hydraulic and pneumat.:,: subsystems. The forward aria _ter _ection is a 10 ft diameter sheet

string,:r aluminum cylindrical _ection approximately 1 ft _/ 4g ]oining the Atlas and Centaur

stages. This adapter i:s attached to the Atlas and is fit e . _kth access doors and cutouts tt

provide for Centaur HzO Z system servicing, oxidizer (1 . and Centaur) boiloff tines, tlae

Centaur alt umbilical, the interstage heat:ng and alr-co. .ioning , a_ts, and the helium hr, es

for Centaur engine chilldown. The Atlas/Centaur separa_,oJ_ ._/uten_ :.s • s.aUed o_. the

adapter. The Atlas/Centaur separation system utilizes a lineal -sha _ .ar_e _o effect

so,station of the Centaur from the interstage adapter. Infiight oper_._.e.: o.¢ the separatio_

system is initiated by a signal from the first-stage flight-control programmer coincident with

Atlas sustainer and vernier-engine cutofL The sustainer retro rockets are installed at

Station 1139 near the booster separation plane.

(3) Propulsion, The propulsion subsystem is composed of'.hree assemblies:

The booste:--engine assembly, containing two engines, the vernier engine.,., for roll control

during sustai'_er flight, ano the sustainer engir_e. Tne total nominal thrust ratxng for the

propulsion subsystem at liftoif is approximately 388,000 lb {Table 5-1).

(4} Flight Control. Flight control of the first stage is accomplished by an

iutopilot {located in the first stage} that xs fed guidance or steering commands from the all-

inertial missile guidance set, located in the second stage (Cents,_r). The autopilot contains

displacement gyroscopes for attituder,eference,ratc gyroscopes for response damping, and

a programmer for the init:.alvehLcle rollcommand afterl_ftoff,early pitchprogramming,

and controlsequencing. Veh'_l_ att'tudeand steering control is accomp:ished in flightby

the coordinated gimbahng of the fivepropulsion thrustchamLers inrcsponse to the auto_ilot

signals.

5-4
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(5) Telemetry. The first-stage telerc, etry system, which is essel,tialiy the

same as that used on Atlas-D R and D missiles, monitors first-stage f-nct,ons from before

lau_ch tobeyonc_ Atias/Centa,_r separation. The telemet=y equipme,:t, excluding the trans-

ducer and one of the two antennas, is locat,-t _n the B-I equipment pod. The antennas are

.,,u'mted on opposite sides of the first stage t the forward end of the e%uxpment pods.

(6) Range Safety. The Atlas employs a modified Mark II range-safety com-

n_and system simila, to that used on Atlas D-A:G and E missiles. A destructo* mounted on

the f,rst stage, and a destructor-control-unit ard destructor mounted on the second stage

constitute the range-safety command system. %'he system provides the capablhty of m,_.nuaily

cutting off the Atlas engines and/or destroying t!,e composite vehicle at any t_me during hrst-

stage flight. The complete system is inactxve after normal Atlas/Centaur-staging is obtaiped.

L. Second Stage

(1) The Centaur coL_figurationis shown in Figure 5-Z. Centaur propuis}on :s

provided by two gin,bal-mounted Pratt and Whitney RLI0-A-3 engines, provlding approxi-

mately 15,000-1b thrust each. The second stage is bolted to the first stage (Atlas) adapter

-_ction. The length of'he second stage is 47 ft from the aft end of the thrust chambers to the

tip of the _ose fairing.

(Z) Nose F_[ring (4-3.Z). The 4-3-Z nose fairing, which has the f.}l]owlng

features, may be utilized:

1) The two upper portions, which are half-cones, are _nstalled on the

upper spacecraft adapter, with spacecraft attached, m the hangar at

AFETR.

2} F-&iowing this installation, the encapsulated spacecraft xs not

physically accessible.

3) The encapsulated spacecraft, incuding upper spacecraft adapter, is

then mated to the lower adapter section cf the Centaur at the launch

s land.

4) The two lower-half cylindrical sections of the nose fa,ring are t_en

installed between the upper portions and the Centaur.

5) The _,'_flightseparation of the clamshell nose fal,'ingis accomplished

in '.wopieces.

(3) Airframe. The main propellants are conta:ned with:n the second-stage

airframe which also provides structural support _or all secon6-stage airborne systems, as

well as primary structural .ntegrity for the Centaur vehicle.
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THE SECOND-STAGECENTAURis a hJgh-_n_rgy

space vei_cle powered by two Prat_ & Whitney

RL-IO engines. Fully lueied, the vehwle weigh5

about 37,000 pounds. The lan( ._tructure is

labricated ]rom thin-gauge stmrdess steel. On

operational vehic!e_, skin thickne_ of the cylin-
drica! portion of the tank is 0 014 inch.

i

Dry weight: 3,900 pounds _ .... 10 feet -
First ignffion gross weight: 37.000 pounds

t

Equipment Compartment _ __ |

m

Liquid Hydrogen Tank

30 feet

Boost Pump i_ \

Main Engines (2) ....... i

• Figure 5-Z. Centaur Stage Configur,,tion

5-6

1965018274-043



EPD-Z50 Section V

Mounted on the forward tank bulkhead and arranged around tbe periphery of the pa',load

mounting-ring are the electrical and electronic eciu.ipment packages. These units are

arranged in two tit.rs to maintain a favorable locat!Lon of the center of gravity for the second-

stage -e_.icle. T!]e low-drag clamshell fairing, designed to reduce the drag o_ the two-sta_;e

vehicle an,_ shield the spacecraft and second-stage electrical and electror,_c e'._utp.._c_t frem

excessi, e aerodynat,.Lc heating during flight, encloses the -:t,Llp:nent located forward of the

tan* _,dapter rLug.

The midsection includes d,_ :-,,am propellant: tanks on which are located the electrical

fairing, conduxts, antennas, fuel-tank xnsulaUon, and attitude -control :ocket engines.

The hquid-hydr_gen and liquid-oxygen tanks are pressarized balloon tanks constructed

of stainless steel. The l;.quid-hydrogen tank consists of a cylinder with an ellip'_oidal bulkhead

welded to each end, and w$;h the cylindrical portion of the tank welded to the circumference

of the liquid-oxygen tank to forrn the basic shape oi the vehicle. The thrust structure is

attached to the lnwer bulkhead of the liquid-Gxygen tank and provides support _or tr_e main

engines. ?he propeJlant tanks are self-Fressurized, requiring no a_xiliary presqufization.

Four removable insulation panels, wi*da built-in iairings to accommodate antepnas,

conduits, _nd other basic tank protrusions, completely cover the liquid-hydrogen tank walls.

These panels are jettisoned during ascent-_light phase just prior to nose-fairing jettison.

The propellant-tank forward bulkhead is insuJzted on its entire exter_.or surface by I incb

tbic_ stafoam panels which are covered by a laminated alunfinum and fiberglass sheet.

The airframe aft section, which is enclosed by the interstage adapter to the Atlas

vehicle until ,_tlas/Cenr=ur staging, consists of tbe main engine and boost-pump structure.

the pneumatic control system (including gas storage bottles and associated equ_.pment), and

the mounting structure.

Upon actuation of the nose-fairing separation system and by command from the Atlas

programmer, the explosive fittings fire to separate the nose fairing into two "clamshell"

halves, and the gaseous nitrogen thr,_xst bottles (one in each half) force the panels outward.

This motion continues, with each panel rotating approximately 45 degrees about tts hiage line.

At this time, the hinges release and the two nose p,muls fall outward and away from the stfll-

acceJerating vehicle.

(4) Propulsion. The s_cond-stage propulsion subsystem contains three

individual elements: attitude control, mah, engines, and main-engine propellant feed.
r

l

i The attitude-control unit consists of six monopropellant hydrogen peroxide rocltet

engines mounted on the periphery of the main propellant tanks at the iaterstage-adaptor

5-7
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separatzon plate, T¢¢o 3-1L thrust umts are located 180 degreea apart and p, .,wde pitch

attitude control. Each of these units is integrated with a pair of 1. 5-tb thrust umts. These

smaller umts prove.de yaw and -c,11 control by firing i.n opposite directions alcq_ ,t plane

tangent to the periphery of th,: tank. The six units may be fired individually or :n any

combination.

The 1.,.i.-, en_ir, e assen-,bly consists of _'o Pratt and ,Vhitncy RL-IC-A-3 f_xcd-thruat,

single-chamber, regeneratively-cooled turbopump-ied engines rated at 15,000-1b thrust

each at Z00,000 ft. The engines are gimbal-mounted to permit a square pattern movement of

_:3 degiees from the engine centeriine. Each engine has its own integral propellant turbopurrp

driven by a hydrogen-gas expansion turbine, prestart and start controls, thrust chamber,

igniter aystem, vai_es, and interconnecting lines which provide multiple restart capability.

Toe hquid-oxygen and hquid-hydrogen propellants are consumed at a norrnnal oxidizer/fuel

ratio of 5:1 by weight. The total flight-daty-cycle operating time will be approximately

420 seconds.

Nor hal operating propellant-mixture ratio is controllzd by means of a propcllant-

utilizatior system composed of fuel ,nd oxidizer capacitance probes, an error ratm detector.

and an oxidizer-boost-rump control unit. Engine-mixture ra_.io is adjusted by varying a

mixture-ratio control valve in the box Lne.

15) Guidance and Contre!. The guidance subsystem (or guldan_c se*} _'ons_st3

of five major components:

1) The mertial platform

Z) "I,_e platform electronics

3) The _ignal conditioner

4) The na.'gatmn computer

5} The pulse r_balance, gyro torquer and pcwe',' supply

(a) Guidance Set. The guidance set performs the following functions:

1) Prowdes a gyro-a=ablhzed three-axis orthogonal reference

system fo_ the ne.tsurat:nent of vehicle thrust acceleratmn m

inertial coordinates.

2) Provides continuous steering s_gnal_ to the Agen,, type t:mer used

on Centaur and to logic in the Atlas Autopilot.

_) Provides continuous coordinate transformat,on of the ateermg

signals from platlorm coordinates to vehlcle coordlnates

referenced to the vehicle pitch, _aw and roll axes.

5-8
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m

4) Provides dlscrete signals (to the Agena type timer) for such

commands as booster engine cutoff (BECO), booster separation,

and main engine cuto(i (MECO).

5) Accepts a steering alert signal from the Agena type txrner.

6) Provides its own temperature covtrol.

7) Provldes xts own power derived from *he vehicle pover supply

sys _.errt.

8) Provides analog and digital telemetry outpu.s.

{b) Inertial Platform. The inertial platform consists of an outer houstr,g

and a f2ur-g.mbal, all-attitude gimbal structure. The platform contains three single-degree-

of-freedom r_te integrating gyros and th:ee petAdulous pulse-rebalanced _._c_lerometers. The

platform incorpor:_es provi_.ions for optical determination of gyro drifts, accelerometer

misatignment angles, and gyro compassing accuracy by means of three optical grade mirrors

and a prism mounted on the tuner-optical access to the mirrors and prism. The pr;sm size

and location permits pre!aunch optical alignment of the inertial platform in azimuth _o a

speckxed accuracy.

_c) Platforn, Eiectromcs. The platform electronics in,.lude the modula-

tors, amplifiers, and oth, r electronic components and _;rcuitry required _-ostabilize tbe

platform, to cage and align the gimbals, to isolate and amplify the coc_-dinate-tr_rlsformat.ion

signals, and to route th., platform signals to and _roxa_ the guidance-set c_mporents.

(d) Signa I Conditioner. The signal conditioner provides demodulators

scalin_ and other electronic circuitry to modify the guidance-set signals fc." acceptance by

the Centaur telemeter.

(e) Nawgation Computer. The navigation computer performs ttnae-

varying solutions of the guidance equations h_ _light and provides prelaunch outputs such as a

semiautomatic calibration sequence from gyro drift and accelerometer scale factor, timing,

and leveling and azimuth torquing co_nrnands. The computer, then, performs in the following

specific modes:

1) Cor:poner_t cahoration and plaHorm alignment mode.

2) C_mputer and guidance _yatem checkouL

3) The guidan,.e mode (_teering sign,tit, gyro :orquing and

discrete com_'nand_).

: 4) Prediction and reset mode.
5) ,_, self-order _,:st routine during _li p:.ases of operation.
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(f) Other Components. The pulse rebala,me, gyro torquer, and power-

supp)y component supplies preci-_on voltages and currents necessary for the operat._on of the

accelerometer-pulse rebalance electronics and of the remainder of the guidance-set

electronics,

The control subsys.tem consists of an Agena type timer, a rate gyro package, a servo

amplifier pe _kage, and the controllers for the main and attitude control engines described

above,

The Agena type timer accepts the steering s ,nals and discrete signals described above

f,om the guidance set, provides a steering alert signal to the guidance set, provides signals

and logic funr-tions for the rate gyto and servo ampli.fier packages, accepts an eng.ne alert

signal from the Atlas programmer, and proviaes commands for such functions as engin e

start _ind payload separation.

! c. Launch .Facilities

ETR facilities at Cape Kennedv Florida, will be used for launch and prelaunch

operations. Prelaunch assemb'y and cl_eckou viilbe conducted in Hangar H or J for the

At1_s and Centaur stages and at the Spacecraft Checi(out Facility (Euilding AO) for the space-

craft. An Exp'osive Safe Facility will be used for propellant and gas ioa4ing final spacecraft

alignment, installation of the retro rocket and other hazardous com_0nents, and spacecraft

i encapsulation.

r

i. Launch o_erations will be conducted from ETR Complex 36A and 36]3 using facilities]

installed for the Centaur R and D Program. ETR launch-through-injection tracking and

telemetry r eceptio:, will be required for Mariner 1969 Lmtrumentation and DSIF _tcquisition

; ., purposes. ,

Z. Launch Ve._icle Environment .
i

a. Thermal Environment

; Condi _ned air circ-ui_ted:inu.rnally to the _9se fairirg is available for temperature

-o.,tro'.M t,,e_p_cecraft. The air tempera_u, e, humidity, ¢low rate and direction of flow

: ,t¢, ..onal.

Atlaunch when the ,titconditioning is disconnected, _,e air which is inside th'.'nose

flirin_ cavit F escapes through smzll hol'es near the lowPr end of the nose faJrin g. The

resulting ambient pressure is as defined on Figures 5-3 and 5-4.
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With regazd to aerodynamic heating, the -',se fairing on a worst case (that is, a 3

sigma maximum heating trajectory) has a _ _ating rate of 1 57 BTU pe," hour per square foot.

This is consider__d to be the average for the period of time from launch through nose fairing
4

ejection.

b. Vibration ar.d Acoustic Loads

Specification of these loads is not planned before early 1965.

c. Cleanliness Envlronment

Specification o:t cleanliness environment is not planned befo-.'e early 1965.

d. Quasisteady-State Loads

" Quasisteady-state acceler?_tions at the separation plane imposed by the launch vehicle

should not exceed:

1) 5.9 g longitudinal

Z) 0.4 g lateral

3. Typical Sequence of Events for Atlas/Centaur
Parking Orbit Mission

Sequence of events and event times for a typical Atlas/Cen_tur Parking Orbit Misslon

are _iven in Table 5-3.

5-13
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Table 5-3. Arias/Centaur Typical Event rimes (Parking Orbit)

Time

Item Event (Second)

I. L".ftoff 0

2. Booster Cutoff (BECO) 135

; 3. Booster Jettison 138

4. Insulation Panel Jettison 185

5. Nose Fairing Jettison Z18

6. Sustalner, Vernier Cutoff

(SECO, VECO) ZZZ

7. Atlas-Centaur Separation 2_Z_

l_ 8. Ceutaur Main Engine
- l_t Start (IVLES #i) Z30

9. Cent,fur Main Engine
Ist "_utoff(MECO #I) 532

10. Centaur Main Engine
2nd Start (_.4_ES#Z) 2,032

1I. Centaur Main Engine
2nd Cutoff (MECO #Z) Z, 137

1Z. Spacecraft Separation Command Z, 143

13. Start 180 ° I'urn 2 ,48

i 14, _nd I80 ° Turn and

Start Retrornaneuver 2,348

': 5-I_
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B. SOLAR FLARE ACTIVITY

From a direct time extrapolation of the solar Sun spot cycle and related flare data, it

is predicted that the 1969 cnission will occur during the declining portlon of Sun spot cycle Z0.

During the equivalent portion of cycle 19 (roughly calendar year 1960) flare activity _as

extreme.

REFERENCES

]. Solar Proton Manual: __ditedby Frank B. McDonald, NASA TR R-169; S_;tember 1963.
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C. INTERPLANETARY METEOROID FLUX

£he meteoroid environment in interplanetary space is a potential hazard to planetar_

spacecraft because of the length of time associated with the cruise phase of a planetary

mission. The results ofLxplorer XVIand Mariner II {along with other data) show that the

near-Earth flux is signxficantly greater than that in interplanetary _pace fc " part_,:les of mass

less than approximately 10 -7 grams. Larger meteoroids are not expected to exhibit a greater

concentration near the Earth; therefore, the near-Earth flax and interplanetary ftux would be

expected to be the same for meteoroids of mass greater tXan 10 -7 grams. However, suffi-

cient statistical data on interplanetary particle fluxes are not available. Whipple states (see

Reference 1) that there is limited evidence that the meteoritic impact rates may be 10 to 100

times greater than predicted by his flux equation for particle masses of 10 -4 gram and that

! it is necessary tJ allow for the possibility, not proved, "that there is an unobserved large

! flux of meteorit]- material in the mass range 10 -3 to 10 -7 gram. " It will be shown in

Subsection XI. 1 that the meteoroid size of interest to a Mars orbiter mission is approximately

10 -4 to 10 -5 grams; thus this aspect of the flux-mass di3tribution is very important.

7t is now generally accepted that .-uost meteoroids have average densities of approxi-

mately 0.4 gm/cc. Although the distribuion of these particles in interplanetary space has

not been defined, Whipple states (see Reference 1) that "It is safe to assume that the

variation near the plane of the ecliptic will follow at least an inverse law of s 91ar distance. "

This statement may not be realistic since, in the interplanetary space betweem Earth and

Mars, the asteroid belt {mear distance = Z.6 A. U.) Is a "F,ource" of meteor,,_ds v_.tn

average densities of approximately 3 gm/ce. The flux-mass distribution of these

,.cteoroids and their radial distribution in interplanetary space is completely unknown,

except for the Large asteroids, {minor planets) which have been observed visually and

x':hose orbits have been determined. It is expected that the asteroidal meteoroid flux

would be higher at Mars distance than at the Earth distance frcm the S,zn. F'or the

Mariner 196q opportunity, encounter occurs at a Mars radialdistance from the Sun of

approximately 1,4 A.U. ; therefore, the meteoroid hazard in 1969 would not be expccted to

be as severe as may result in years where the e-.counter occurs near 1.'_ A.U.

REFERENCES

1. F.L. Whipple. "M'.'teoroids and Penetration," Jo*-rnal of Geophysical Research, Vol. 68
No. 17, pp. 4929-4939, September 1, 196_.

(

_ 5-16

• eP , ,. _;

] 9650] 8274-053



EPD-ZS0 Section V

D. IN-ORBIT PARAMETERS

1. Magnetic Fields

Fields up to the order of magnitude of the field of ;he Earth may be expected.

Z. Radiant Flux-Martian Surface

Refer to Memorandum RM-4000-NASA (spe Reference 1].

3. Meteoroid Flu c

Use the interptanetary da_a of Subs,_cticn C.

REFERENCES

1. Geometric and Photometric Parametezs of the Terrestial Plan,:ts, G. De 9ancouleurs.

Memorandum RM-4000-NASA, prepared by Rand Corporation, March 1964.
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E. _viARS HIGH -ALTITUDE ATMOSPHERIC DENSITY

The only estimates of high-altitude (thermosphere) atmospheric density for Mar,"- are

those of Chambe :laln (Refere _ce i)and Vachon (Reference Z). In both cases, the atmos[)her[c

radiati_re balance was based on low (,._,5 ._¢rcent by volume) CO z content in the at_nospher:'.

Recel'. _. ev,dence (References ? and 4) from ground-based astronomical c, bservatlons indica*es

that CO z may comprise 7 to 25 pt, rcent by volume of the Mars atmosphere. Therefore,

application of either set of estimates is not strlctly correct to model atmospheres with

varying CO Z content.

One of the model atmospheres used to predict minimum periapsis altitude consistent

with a c_rtain spacecraft orbit lifetime is the "maximum" model atmosphere given in "NASA

Standard Engineering Models of the iV_ars Atmosphere" (Reference 5). Thls maximum model

atmosphere is based on a Mars surface pressure of 40 rob. The high-altitude thermosphere

thermal gradient used to estimate the high-altitude density profile is +Z°K/km. This value

"was based on a representative _alue given by Vachon,," Although Vachon "prefers" a

thermosphere thermal graaie:,t of l°K/km, there is inadequate evidence to state that the

gradient should no_ be 2_K/k*n or higher. The higher the thermal gradient, the greater tbe

scale height at any gi_.en altitude, therefore the g_:eater the density at that al'.itude. As

discussed in Sectien VIII B. 3, this "maximum" model atmosphere requlrcs approximate],¢ a

4000 km periapsis in order to achieve a 50-year spa_:ecraft lifetime in Mars orbit.

REFEt%ENCES

I. 3.W, Chamberlain "Upper Atmosphe, es of the Plane_s," The Astrophyslcal Journal,
V!3b, No, Z, pp 58g-593, September 196Z.

Z. D.N. Vachon, "The D_nsity of the Upper Atmosphere of Ivlars," General Electric Co. ,

Space Sciences Lab., Report No. R6gSD58, May Ia62.

3 L.D. kaplan, G. Munch, ann H, Spinrad, "A, Analysis of the Spectrum of Mars,"

Ast_'ophvsical Journal Vol. No. 139. No. i, Jam,ary 1964.

4. G.P. Kuiper. Private Communication, to be pubhshed as University of Arizona
Lunar and Planetary Communications No. 31 and 32, 1964.

5. NASA Standard Engineering Models of the Mars A:mosphere. Ed by G. _'. Levin,
D.E. Evans, a"d V. Stevens to be published as a NASA Space Vehicle Criteria Document.
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SECTION VI

SPACECRAFT CONSTRAINTS

A. SUAVE fOR NOSE FAIRING

Figure 6-I illustrates the clamshell-type Centaur/Surveyor nose falrlng and available

envelope. The spacecraft envelope is ba_ically conical except for flats at the line of separa-

tion of the two nose fairing halves. A sterdization d_aphragm extends from the Centaur adapter

, out to the nose fairing at the start of the conical shape. Although space'raft sterilization Ls

not a requirement for thls mission, the nose fairing diaphragm is retained within the envelope

to ensure spacecraft cleanhness.

The nose fairlng separation is accomplishen with cold r_s jets located in the forward

end. There has been no cons:deration glvem in this study to potential blast effect, of the

spacecraft trorn these gas jets. The two halves of the fairing hinge at their _upport points on
the Centaur forebody, and at nose fairing separation, the clamshell rotates outward about

these hinge points. As the nose fairing opens, the ster,lization dlaphragn- rnoves upward into

a region potentia_'lyavailable for spacecraft components. To avert contact of the nose falring

and the spacecraft, the spacecraft con_ponents rntLstbe packaged to allow for this motion.

Consideration should be given to extending the cylindrical section of the nose fairing.

An extension of from 3 to 5 feet will facilitate packaging of the solar panels, antennae, and

propulsion systen_s The nonnnA[ configurations described tn Section X.A are restrlcted by

the avazlable envelope and any increase in subsystem siz- is severely limited by the nose

fairing.

¢
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B. STANDARDIL .iJ PACKAGING

1. Conceptual Design

a. Standardizatinn of Assemblies and Subassemblies

The arrar.gement of electronic subsystems in the spacecraft elecLz,J_i_ eq_iprr, cnt

compartment (octagcu) requires the fo]lowing considerations:

1) Uniform _cat distribution for temperature control.

2) Proper weight distribution for spac_.ccaft center of gravity contr, ol.

3} Layout of subsystems for minimum cab!ing.

4) ?Aeeting alignment or sensor-or;entation requirements.

Tl',e use of standard-_zed assemblies and subassemblies provides maximum flexibility to

c_timize equipment layout "_,'ithin the octagon ccmpartment since an electronic subsystem ca_

be located in any of the octago,, bays.

Z. Structural Integration

To improve spacecraft structural e(ficiency, electr_n_.c equ;pvaent assemblies are

considered as load carrying znembers. Th.s approac, ol integrally joining electronic

subassemblies into on'. spacecraft cornl_rtment providcu rr_aximurr, _,tiffness with minimum

weigt.t. The structural design goal is to keep the rr..sonances within the subassemblies above

400 cps frequency to minimize bending of compone',ta and interconnecting joints. Expe'cience

has shown that such a design goal is not too difficul _ obtain _nd that such equipment, in

gener_ _, is free of mechanical failures in vibration environment.

3. Proposed Configural.mn

A stct!cturally well-integr_,ted and highly flexible design cot.figuration is proposed for

.' Mariner 1969 as shown in t,gur'. 6-_.

This configuration, whi,:n Is _ypical in each of the eight ele,'tronic equipment bayj,

consists of '_ree basic elements:

1) Chassis-harness asse rr£_,y

Z) Electronic dquipment _ubassvmblies

3) Outer pauel

o
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DOUBLE SIZED------ 7

_--CHASSIS ,. SUBASSEMBLIES/
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Figure 6-Z. Marinez 1969 Packaging and Cabling Conception
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a. Chassis-Harness Assembly

The chassis-harness assembly consists of _ shallow tray which contains the inter-

cor,nectin_ harness for that bay. /_llthe connectors are rnoun_ed to the conlmon plate and are

provided -_ith 0. 030-incl_ float for free mating with the subas_.embly connectors. Since _he

connectors are fixed in their position, more direct wiring is obtainable. Farthermore,

flexing of harnesses is not required, thus connectors need'not be potted and the use of

smaller gauge wire is possible.

b. Electronic Subassemblies

The electronic subassemblies are standardized to the basic dire of 6. Z5 x 6.75 inches

_.ndare used in two columns in each bay. Wherever possible, to ft.rther reduce inter-

connecting cables, double sized (6. Z5 x 14 inches) subas3emblics can be used.

The connectors for the electronic subassemblies are mounted with guide pins. These

pins see-,e as both -_or_-nectorfasteners and as alignment pins for mating with cable connectors.

This t_,chrAque _.;_vides straight engagement and disengagement of connectors which reduces

the possibility of bending the connector pins.

c. Cater Panel

The outer panel serves two purposes; it provides the outer shear panel for the space-

craft and it provides the temperature control plate. This panel would not be used during

equipment electrical testing and checkout. The subassemblies would be mounted to the

chassis-harness assembly by the bottom fasteners. The outer panel would be needed only

for environment_.i testing and in the final spacecraft configuration.

4. Packaging Techniques

To obtain better fabricaticn and quality control and to reduce spacecraft complexlty by

using fewer processes and materials, as few packaging techniques as practical will be used.

a. Two Dimensional Flat Layout

Subassemblies, where large variation in component sizes is predominant and where

component value changes are anticipated, are i_*ended to be packaged in a fiatlayout con-

figuration using single sided printed wiring'boards and bifurcated terminals with externally

visible solder joints. This technique is expected to be used in power converters and power

supplies and some interface circuits. Whereve: practical, repetitive circuits should be

pacl_ged in cordwood modules for better volume utilization.

6-5
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b. Cordwood Packaging

An., uttemp_ will be made to standardize three-dimens_onal cordwood packaging for

general electronic packaging. Welded cordwood p_.ckaging techniques are considered

acceptable.

Interconnections of cordwood modules are _xpected to be standardized on two basic

techni- _es: multi-layer and point-to-point solde red interconnect techniques.

c. Microelectronics

Packaging techniques for microelectronicE are under study, and applications will be

recommended as techniques are qualiEied.

5. Octagon Size

The present nominal spacecraft configuratkon shows the octagon height I. 25 times

Mariner 1964 with resulting volume of I.43 times Mariner 196,_ _ince the midcourse bay is

used for electronics (using the liquid propulsion system). H a solid propulsion system is

used, the octagonal structure must be scaled _p l.43 times for the same packaging volume

since the midcourse bay is not available for electronic e_uil_ment. This volume requirement

came from an estimated increase tn sizes of electronic sub:systems as compared with

Mar._.ner 1964.

However, i_creaued use of three-dimensional packaging could reduce _.heoctagon size

requirements to aFproximately that of Mariner 1964. This use of added thre_-dimensional

packaging would not only decrease the size of t"e bus, but wouJd also appreciably reduce the

weight. An estimated 30 pour.ds could bc s__ved by cordwood packaging which would come

from smaller structures, fewer subchassis and storter cables.

Spacecraft v_etght reduction could also be obt_,ined using microelectronics. If space-

craft digital circuits were replaced with microelec-ronics, an additional 30 pound reduction

could be readily realized.

6-6
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Co TEMPERATU_,%E LIMITS OF SUB_YST_MS

The followin_ bJ/k temperature limits represent the bes • estimate of the rJub_ystern

cognizant engineers. These temperature limits are to be used for gross design purpose_

only. A more det_,ll_,d list will be generated during the design process, -where the thermal

problelns associated _,'ith each comp3nent will be investigated. The dc_a_lmd list \.zi]! reflect

the actual capabili_:ies ol the subsystem as well as the capabilities ,_z the temperature control

system.

This list is based on allowable values for Mariner 1964 where applicable. Temperature

limits for the liquid propulsion system are based on anticil'ated lowest fill :ernpera:ures and

maximum operating temperatures and are consist,,nt with available ullage volume, Allowable

tempe_'atur_ extre:nes for the solid propulsion system are consistent with required engine

_tart and performance characteristics. Temperature limits for science instru:nents are

th,_se p_escribed by the experimenter. Although the iDfrared (IR) spectromett;r, 11%inter-

ferometer and ultraviolet (UV_ spectromete1" are not part of the nominal science payload,

allowable temperature limits for these instruments are included in Table 6._1.

6-7
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Table 6-I. Temperature Limits of Mariner 1969

Subsystem. Operating, Non-Operating

Min Max Min Max
"F °l-' °F °F

1. Bus
Pot e: _ 1 4 1 67 * N/A N/A

Propulsion
Liquid (fuel tanks) 35 125 35 It5
Solid N/A N/A g0 _g0

DAS 14 150 -67 Z57
Data Encoder 14 167 14 167
Command 0 185 0 185
Radio 14 167 N/A N/A

Tape Recorder 14 150 14 167
Attitude Control 14 167 14 ! 67

Gyros 30 131 30 131
Battery 40 140 14 140

Z. External Components
Solar Panels -175 175 -175 ?O0
Solar Panel Actuators 10 110 -100 130

Solar Pressure Vane -400 300 -400 500
Solar Pressure Control -65 175 -65 Z00

Cabling -Z00 Z50 -Z00 250
A/C Nitrogen 40 140 0 Z00
Sun Sensors 30 130 -20 160

Canopus Sensor -30 100 -30 125
High Gain Antenna 0 167 0 167
Low Gain Antennae 0 167 0 167

Louver s -300 300 -300 300
Thermal Shields -Z00 g00 -Z00 g00

Squibs -70 167 -70 167
Pyru Arming Switch - 58 Z57 - 58 257
Unlatch Motion Sensor -70 167 -70 167

Separation Initiated Timer Z0 140 20 ] 40

3. Science

IR Spectrometer -lI0 50 -110 140
IR Interferometer 18 Z3 -58 140

UV Spectrometer 14 104 -22 140
TV 14 131 -2Z 176
Mars Scanner -40 -4 -58 158

Magnetometer 14 1 31 - 58 17 6
Plasma Probe 14 131 -58 176

Trapped Radiation Detector 14 131 -22 140
Cosmic Dust Detec*.or 14 13! -58 176

[ Occultation Beacon 14 131 -58 176

i RF Noise Det¢ctc,r }4 131 -58 176

•N/A - Not applicable

6-8

, n _, .L _._. : 7 ?

1965018274-063



_PD-Zb0 Section VII
i in i ii i i Ill I ___ ,_ i

SECTION VH •

SYSTEM DESCRIPTION AND PERFORMANCE CAPABILITY

A. SYSTE2V[ DESCRIPTION

The complete system, required for accomplish_n_ the Mars-orbiter mis_'i(,nconsists of

a number Of equi,.ment elements and a 3cries of operations wh',;h range from the t_scin_ of

various portions of _he s)stem through the flight operations of the mission to the recovery

and analysis of the mission data. The present study, and *..he balk of this report, ar ._

concerned with the flight spacecraft and its characteli._tics. In Subsection B, t_e nature of

fl,e other equipments and operations Of the mission a,e idev_._fiedand b_iefly dis(.uJsed.

Subsection C summarizes the capabilities of the spaL.ecraft systems described in this report,

and Subsection D _ndicates possible alternate desi_:_ approaches and mechanizations beyond

the scope of the. _ present study report.

.J
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B, SYSTEM ELEMENTS

I. Launch Vehicle

_. General

Two Atias/Ce.-,taur launching vehicles are required ior thil mission. A two-burn

Cent, am' stage was considered for this mission. Items involve_ in the spacecraft/Centaur

interface area are sbown in Figure 7-I.

b. Performance Capabili: y

The launch vehicle capabi!itie, as pertaining to the Mariner 1969 orbiter mission are

graphically depicted in Figure 8-29 through 8-32 in Section VIII, Subsection B. 4. Two launch

vehicle performance estimates are considered; the original NASA numbers, and the rel2tively

new Lewis Research Center pe._forrnance figures. These figures show the parametric

r_lationship between launch ve;licle capability and injected spacecraft weight for the Mariner

1969 Orbite_ M_ssion as considered/ in this EPD.

2. Spac ecraft System

a. Spacecraft

The flight spacecraft consists of an integrated bus-orbiter spacecraft. The character-

i_tics of these flight elements a_e given in other portions of this EPD.

The following type_ of orbiter spacecralt equipx,_.nt a:e required:

1) Structural Test Model (STM)

2) Temperature Control Model (TCM)

3) Proof Test Model (PTM)

4} Type Approval Equipment (TA)

5) Flight Spacecraft

6) Spacecraft Spares

Three types of spacecraft configuration are presented iu this study; a rr,inimum.

n-.minal, and maximum configuration. Each case has somewh_.t different capabilities and
characteristics as described in Section X.

7-Z
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Figure 7-1. AtLas/C, entaur/Mariner 1969 Confisuration
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5. Operational Support Equipment

a, System Test CJmplex (STC)

ThE :viariner 1969 S_-ztem Test Complex shall include all e]ements, both electrical and

mechanical, necessary to support subsystem and system testing of the spacecraft. It shall

c.)r.sist of a selected group of electronic test equipment an@. those mechanical fi×,z-es

necessary to assemble, handle and artic<date the spacecraft du_'ing and in preparation for

such t_ s Ling.

The basic object:re to be _tisfied ir the design of the Mariner 1969 Operat,_-Lal

Support Eou, prnent (OSE) is the generation of a too! which ._ha]l be c,:pabl£ of veriiymg the

design and the flight readiness of the Mariner 1969 sp_.ce.-:'aft. To accomplish _.is goal, the

system test complex must b_ mechanized so that it is capable ui exercising the spacecraft

through all its stan,_ard and backup modes of opera,,on. In addition, the STC must be

sufficiently flexible to adap_ to nonstandard conditions. The STC shall albo be capable of

supporting such troubleshooting as is necessary to locate spacecraft failures down to the

provisioned sp_.re level. To minimize troubleshooting time OSE shall be mechanized so that

it can d,ffe,'entiate between OSE and spacecraft failures.

b. Launch Complex Equipment (I.CF,

The Mariner 1969 Launch Complex Operational Support Equipment shall include all

elements necessary for prelaunch operational support of the spacecraft.

The basic objective to be satisfied in the design of the Mariner 1969 LCE is the

generation of equipment which wili be capable of Eupporting spacecra;t prelaunch operations,

and verifying the flight readiness of the Mariner 1969 spacecraft. However, certain practica_

considerations exist around the OSE used with the launch comple_ which must be ob&erved in

the basic design. These considerations include compliance with JPL Spec 3050S requl.oements

for equipment to be used in uncontrolled environments and size and weight limitations o, the

umbilical towe," junction box.

4. Space Flight Operations System

a. U.S. Air Force Eastern Test Mange (_'.Tl%) Try, eking Network

The ETR Tracking Network covers the launch througl_ Certaur separation p_ase of the

mission. It prov,des :racking data for the in,tial s_acecrait orbit determination and forwards

information tr the DSIF .4rations for initial spacecr .'it acqu}sition.

7-4
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b. Space Flight Operations Facility (SFOF)

Tile 5 "OF will be utilized to conduct the flight operations o._ the ,nissxon. Any unique

operations equipment requixements for the Mars 1969 mission will be incorporated and m, fl_

c_erat_'_nal within the SFOF.

c. Deep Space Instrumentation Facility (DSIF)

The DSIF will be utilized to communicate w_th the spacecraft during the space fllgh'_

operations of the mission. It v_illincorporate ar.y special equipment required for the mission

and may have to provide the capability to communicate with two independent flight units

simultaneously (Z--orbiter Slracecraft). "£he DSIF will provide an 85-foot 109 kw net for up and

down link dur:ng ._ruise, an 85-foot 100 kw net for orbit uplinkj and a 210 foot net d_wnlink

during orbit.

d. Compatibility Verification Equipment

This equipment will include all items required for maximum complete preflight systems

tests which incorporate the spacecraft, OSE, Computer, SFOF, SDAT (Spacecraft Data

Analysis"ream),D31F, either AFETR or sag, and communications between these entities.

The amount of_ equipment in t_lis category will be small if the OSE (STC .tnd LCE) are pro¢ided

with SFOF and I).SIF compatibility equipment.

5. Syst,.'m Intcgratior,

a. Interface

the complexity of the mission gives rise to a number of major mterf.:ce areas. These

interface areas will receive the same at_.ention and control as is given to the aesi3n,

developmeut, and testing of the equipment elements of the mission. Interfaces exist between

all of the equipment _lements previously specified, ar_,_ al? of '.he operations entities of the

m_ssion (SFO, SDAT, testing_ etc,).

b. System R_iiability

A reliabilit I program will be init_ _ed dt:,'lng the study phase of e_fort, and wi:, continu_.

throughout the 2roj_ct perlod. The reliab_.lit/pro_.-_m will include all reliability activities

o! the project and _tstablieh requirements to be .._etthroughout the It_dy, design and

develc_pmen_, processes E].ements of thi¢ program tncl,_de:

7-5
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I) Reliability Prediction and Estimation

2) T.,'ailure /__ode, Effect, and Critica;ity Analyses

3) Maintainability and Elimination of Human-in6uced Failure

4) Design Review Program

5) Failure Reporting and Gorr_ction

6) Stan:lardization of Design Praclic=s

7) Pazts and Materlals Program

•. 8) Equipment Logs

9) Testing and Reliability Evaluation

I0) Do:urnentation Requirements

II) Relationship of Reliability Plan to _ality Control Activ._.ties

c. Testing and Operations

'' T_ _ testing and operations activi;ies of the Mariner 1964 project will be required ;or

theMars 1969 mission. Test and operations requirements will be studied during the space-

craft design study period and established as soon as appropriate design data exist. Appropri-

ate testing of the complete orbiter systerr, will be carriea out during the first SAF operations

perioa,

d. Project implementation

Th_ Mars 19"69 mission requires that all of the syst'_m eier, "_ %s described above be

developed and integrated into a flight _ystem tea _'" for launchir, g in 1969. In order to _ this

" each element must unde, go %_propriate study, ,_es_.gn, development, fabrication, :,nd te_ting

phases. A common approach for all eler,ents of the mission is given here _-'herein each

element is developed, by perff_,rming the foltowing tasks:

I) Prepare a set c; oS_ectives a_d design criteria (or the mission element.

Z) Examine the variot_s means of uAee:tir.g the objectives. Prepare design

chara.:teristics and res_.xaints data for ene or more approaches to meeting

the objectiveu _-:_mh_ the applicable restraints. This data shall provide a

description of the system in sufi.:ient detail so that the functions of the
J

,. mission _iement canbe identified and the interfaceo between this and

/_ '_ other mission elements can be described.

/' 3) ,_Prepare specifications of each system and subsystem within the mission

element. _'_anctional, design, or detail specifications will b_ required

according to the nature o£ the mission element and the phase of effort.

4} Prepare a project pla_ including cost, manpower,'and schedule inforrn_*.ion.

?-6
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5) Carry out _il fabrication, assembly, testing, operations, and analyses

required by the projec_ and the data developed under steps 1) through

4) above.

The emphasis among the several tasks given above will vary, ss the project progresses

from study through design and dcv._;lopmen _. phases, and accord_ _.o the nature of the

particular mission element under consideration However. it i.. intended that operational

and interface elements of the project be developed in this manner as well as the various

equipment elements. The five areas of effort given above will also serve as major headings

in documenting the nature of the proje'._ elements and their development.

C. PERFORMANCE CAPABIIXTLES

Three s?acecraft systems have been considered within this s_udy. These systems,

designated as "maximum, " "nominal, " and "miuimum" cases, are described in some _etail

in the following sections of this repozt. By comparing the spacecraft weight estimates for

each of these cases with the launch vehicle capabilities shown in Figures 8-Z9 through 8-32,

t}.efollowing conclusion_ may be reached. In considering the original NASA figuras, it may

be observed that no mission considered in this study is feasible with zero-percent floxing.

With 30-percent flowing, however, a nominal mission does exist for a 1500 krn periapsis

altitude, but not for a 4000 km ,2erJapsis altitude, in examining the more recent Lewis

Research Center performance figures, it may be seen that a minimum mission exists for

zero-percent floxing at 1500 km periapsis altitude only. The 30-percent LRC _igures will

support a nominal mission at both 1500 and 4000 km periapsis altitude. It is to be noted that

none of those figures wilt support the maximum case as outlined in this EPD.

D. ALTERNATE DESIGN APPROACHES AND MECHANIZATIONS

The time scale of the present study precluded detailed examination of the alternate

system design concepts for planetary orbiters. Zn order to illustrate the range of possibilities

from which the spacecraft concepts of this report were selected, Tables 7-1 and 7-2 are

included here. Table 7-1 shows alternate technical approaches for m_.eting the functional

requirements of the orbiter mission. Some of the system implications and interactions

implied by these alternate mechanizations are shown in Table 7-2. These possibilities in

general suggest increased technical performance over t_he cases studied in detail, but

involve considerable development, con,paratively speaking, and therefore, are not as

attractive from a project feasibility standpoint.
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SECTION VIII

SYSTEMS ANALYSIS

A. EARTH- _iARS TRAJECTORIES

I. Basic Trajectory Characteristics

In dealing with a Mars orbiter mission, care must be taken to distinguish between two

kinds of trajectories. One is the interplanetary trajectory and is associated with the transfer

of the spa-;ecraft from Earth to Mars. The other trajectory is that one _ssociated with the

motion of the orbiter in a satellite orbit about Mars. The characteristics and selection

criteria oi the forme_" will be discussed in this section and those of the latter in Subsection B.

There are two major types of interplanetary tcajectories: Type I being defined as those

for which the heliocentric central transfer angle from launch to encounter is less than 180

degrees, and Type II those for which the transfer angle is greater than 180 degrees. Some

of the important characteristics of these trajectories for the Mars [969 opportunity are

presented in Figures 8-I through 8-6. All of these figures are plots of particular parameters

as a function of lau=xch date and arrival date, with Type I in the lower right and Type II in the

upper left region. The definitions of the parameters plotted in these six figures are gi_'en in

the following paragraph, _.nd the significance of these parameters with respect to the mission

will bc discussed in succeeding paragraphs.

Figure 8-I depicts curves of constant optimum orbiter mass for gO, 30 and 50-day

firing periods assuming continuous variable propellant loading, and also curves of constant

declination (DLA) of the outgoing geocentric asymptote_ Figure 8-g presents curves of

constant hyperbolic excess velocity at Mars (VPL}, and Figure 8-3 curves of constant

geocentric injection energy (C3}. Figures 8-4 and 8-5 include angles which dellne the 19,:a:1on

of Earth and Sun, respectively, with respect to the incoming Mars asymptote, and _'_gur _ 8-6

is a repeat of the basic Figure 8-3. It will be noted that _igures 8-I, 8-g, 8-4 -.id _-S ,.re

on transparent overlays for ease tn comparirg vari _us -equirements.

The curves of constant orbiter mass are derived from tradeoffs between C$ and V.PL;

the higher C 3 becomes, the lower VPL must become in order to achieve the sA_ne orbiter

mass. The D]_A curves are included in Figure 8-I because of the limit'_tionf which they

place, on the Type 1 trajectories.

Specifically, rh_eDLA restricticl_s are as follows: In past lunar and planetary missions,

launch azimuths between 90 {due east _ and Iz_ degrees (east-south,;ast) have be_n used. _Io'_-

ever, when, as in the:case of the M_rs 1969 Type I trajectories, 'he absolute magnitude of the

declin_.tion of the outgoing asymptote becomes greater than t.hatof the !a_.i_udeof the laun,=h

site, there exists a band of launch azimuths slYnme_ric about 90 degrees tn which it is not

possible to launch without performing prohibit.!ve _.og-leg maneuvers. "_'he_ize of i_is band

depends r.pon the declination of the outgoing asy_nptote and is depicte_ in Figure 8-7 From

3-I
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BLUE OVER%&Y

Fi_, e 8-i. Curves of Constant Orbiter Mass for Various p. 8-,

F_gure Periods (Variable Loading)

RED OVERLAY

Figure 8-Z. Hvpezbolic Excess VelocltyRelative to Mars p. 8-_
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BLUE OVF_.Iq LAY

Figure ,_-4. l_elatlonsklp of Mars=Earth Vector Io Appt,,- :: ;,__,'tx,_!,tote _. 8-5

RED OVERLA i

Figure 8-5. Relationships ot Mars-S., _ "_'ector t_ Approach Asymptote p, h-6

1965018274-079



1965018274-080



I ,



Section VIII EPD-Z 50



Section Viii EPD-250

40
LOCI

LIMITING-LAUNCH
AZIMUTH

20 ] I

1'o I
-90 -70 -50 --30 -iO I_ 30 50 70 90

OUTWARD RADIAL DECLINATION, 8s (deg)

Figure 8--7. Limiting Launch Azimuth vs Outwarc. Radial
Dechnation for Cape l{ennedy

this fisur . we see that for declinations g_earer in absolute magnitude Lhan _6 _legrces it is

in,_possible to use launch azimuth_ between 66 degrees and 114 degrees, hence the tradition_.l

l_.unch azi,nuths cannot be used. For DLA = -36 degrees and a laun_'h azimutJ- of 114 degrees

extremely long coast times are required and would be particularly undesirable for Centaur.

However_ if it Ls pos=ibte to use launch azirr.,_Lbsas low as 45 degrees, then it is possibte to

achieve a two-hour :_,.nch window with short coast times if DLA2 - 50 degrees, (strictly

speRking, iDLA I < 50 degree._), and a o,_e-hour window if DL%_> -51 degrees. But, if

launch azimuth is restricted to the 90 to If4 degree region in order to maintain rn_.nimum kill

probability levels, then a one -hour wb=dov,, with a sltort coast arc can only be achievsd if DLA

_> -27 degrees. Because of the h_,ghinjection energy cequired for such trajectories (see

Figures 8-I and 8-3) Type I trajectories are no_ useable xf the traditional ;aun,:h azimuths

must be used, not even with the more powerful Sa,_urn CI-B boost vehicle. Furthermore,

direct ascent launches are not feasible for the 1969 :nission because o2 the severe payload

losses which occur whenever DLA is more than a fl,_,,degze¢= ,_w,_y(tom -Z8.3 degrees.

8-8
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The question of whi('h launch azirnufas can be used depends not only upon the required

tracking and telemetry re':a, age but aL.'o upon the probability cz the vehicle inpacting an

inhabited area due to a malfunction during boost. Allo,vable launch azimuths are specified by the

range safety grou F at the Lastern Test _.ange, and involv¢ a tradeoff between the mission

requi,:e_ents for a given launch azimuth and the impact probability for that particular azhnuth.

General Dynamics/Astronautics has performe-L ;,very thorough impact proDabilicy study for

the basic Atlas/-entaur. Figure 8-8 shows t!.e kill probability as a function of launch azim_,th

and has been taken frozr, an unzlassified page Jn the GD/A report (Reference i). This curve

Is based upon an assumed reliability of 0 percent for the Centaur, so that :( the reliability is

acLx_ally R c, then the kill probability for any azinzuth is equal to (I -Rc ) times the number read

off the curve. Therefore, if the Centaur has a reliability in 1969 of 90 percent, then the kill

probabilities shown in Figure 8-8 will oe reduced by an order of rn_gnituae, thus resulting in

a value of about 10 -5 for a northeast launch ;it 45 degrees. Aithuugh _'.%e45 degrees kill

probability value is be.+ween one And two orders of magnitude higher than the 90 -114 degrees

values, it is still a very small nun_ber. As a matter of fact , roughly the sa',n_ as the

probability of tossing 17 consecutive beads with an unbiased coln. It would certainly be

questionable to forbid the use of northeast launches and their associated short-flight-time

Type I trajectories based upon a Kill prob-_bility as low as 10 -5 .

ix;o-3 --T_
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Since the DL,A = -50 degrees curve passes through _he Type I maximum orbiter mass

curves, some of the nominal launch period is lost. For this rea-oD, Z0 and 30-day launch

period curves are also plo.ted for the constraint tha: DI.,A _> -50 degrees_ It should be r.oted

at this point that the DLA = -50 degrees value originated from its cot ._espondence with a

launch azi' uth of about 46 de_:rees east of north, which was once believed to be a firm lower

bound that could not be violated. Figure 8-8, however, shows l_.unch azir_..uths do_vn to 35

degrees. Lf these could be ot_ta[ned, the Type I trajectory launch periods and achievable mass

Jr., orbit at Mars coald be increased. A discussion of achievable orbiter mass is given in

Subsection B. 4.

As mentioned ear:let, Fzgures 8-4 and 8-5 present orientation angles of Earth and Sun

relative to the inco:ning asymptote at Mars, These angles are defined in Figure 8-9, where

is the incoming asymptote, _ is normal to S and parallel to the ecliptic plane, and R is

normal to _and _. The coordinate origin is at the center of .Mars. These figurea are useful

for determining the regions for which Earth and Mars are occuJ.ced for flyby and orbiter

trajectories, and will be discussed further in Subsection A. 3.

MEASURED !N R, T PLAI_IE
MEASUREDFROM S TO

o

J

"

",,,j

IF _, POINTS TO SUIV,

•r/ = ETS AND _ • ZAP

IF A POINTS TO EARTH,

•r/ • ETE AND _ • ZAE

Figure 8-9. Definition of R, S, T, Aiming
Coordinates and Body Angles 17 _nd
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Quite generally, some of_e mai,_ diEferences between the Type Iand Type lltrajectories

giving near optimum orbiter _nass for _rs 1969 a-e as follows: Type I's have flight times

of about 185 days, arrive at /_L_s from early to late September, are always outside of the

Xarth's orbit, approach/_/tars from the sunlit slde, an?. result in slightly less weight in orbit

(than Type I/) for flring periods in excess of abort; 15 days. The Type ll's have flight times of

about 270 days, arri_/e _.: m_ddle to late October, dip inside the Earth's orbit during the early

_art of the flight (see Figure 8-I 1), and approach Mars nea_ the terminator but slightly from

_e dark side. The fact that the T'¢pe II orbits _:p inside the _arth's orbit introduces a dif-

ficulty in that the low-gain antenna is p_inting away from the Ear_l during the early portion

of the flight if it is in the _ariner 64 con.qguratlon. This will probably result in the need for

a second low-gain ar:_nna. A _rohib_tive decrease in payload would rpsult fro__, trying to

correct this situation by going to different ._aunch and arrival dates i. _. , a second antenn_

would _vei_h much less than the decrease in payload resulting from usin_ trajectories which

requir_ only one antenna.

In order to perform a more detailed study of the chalac_eristlcs and problems of the

orbiter mission, six interplanetary trajectories were chosen, for further study, three T/pe I

_nd three Type II. These trajectories represent first, middle and last launch dates for the

variable propellant loading, optimum mass in orbit, 30-d_y launch period (nssu_ing the -50

degrees DLA constraint for Type l). An attempt was no, de to minimize t_e variation in

arrival date so as to keep the approach geometry rei%tively constant. Important trajectory

characteristics are presented it, Table 8-1.

The explar_tion lot the v_.rious columns is as i'ol[ows:

LAUNCH DATE '_elf-explanatory

ARRIVAL DATE Self-explanator_

FLIGHT TIME Self-explanatory

C_ Twice the total _eocentric injection energy per unit
mass, km2/sec _

VPL, V o Hype:bolic excess velocity at Mars, km/sec

ErE F'roject the Mars-Earth vector onto the R-T aiming
plane. Then ETE is the angle measured clockx_ise

from T to the negative of this projection

ZAE Angle at Mars between the approach asymptote _ and
the Maro-Earth vector?

ETS, ZAP The same as for ETE and ZAE except for the cure
rather than the F.arth

] 9650] 8274-086
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CD E

CDE+90 Zarth-Mars distanc," at encounter, encountpr plus
90 days, and encounter pllz 180 days

CDE+I80

SD E

SDE+ ........90 o_._ as above for Sun-Mars distance
rather than Earth-Mars distance

SDE+180

GCE Clock angle of the Earth at encounter

_PS Earth-probe-Sun angle at encounter

SGI Semi-major axis of dlspersion ellipse
in R-T plane, assuming a spherically
distributed 0. 10-meter /sec velocity er rot

in each of 3 orthogonal directions at a few
days past injection

SGZ Semi-minor axis of dispersion ellipse in _-'T plane

0 Angle between the _'-axis and SGI axis measured
clockwise from

One major item to be noticed in tni= table is the fact that ,_he Earth and Sun positions

relative _o the incoming asy nptote (ETE, ZAE, etc.) vary more. r_pidly for the Type I

trajectories than for the Ty_e LI. Ho;ve_ez, [t should also be noted that the Type I trajec-

tories have flight times nearly 5 months shorter u_an the Type II. In addition, the distances

from the Sun and the Earth are larger for the Type 11. Although the dispersion ellipses are

large, for Type iI, the orientation angle of the ellip_ is steady for Type 1I and varymg for

Type I.

It should perhaps be mentioned i'4 connection with fixed propellant loading that although

the payload would be decreased over the variable lo,_dmg case, it would still be possible to

keep the arrival date relatively constant, just as it would be possible with variable loadin_

by decreasing the required payload, and hence the arrival geometry. Furtherv-,ore, the

outimum launch p',:riod would not vary by much from the variable loading case.

Z. H.diocertr'_c Arrival Conditions

The hehecentric locations of the Earth and Mars for the Type I and Type II bands of

arrb,.d dates are presented in Figure 8-10. It is interesting to note that the Earth-Mars-Sun

angle for all arrivats is around45to46degrees, thus simplifying the mechanization of th_ ._gh-

gain antenna.. Figures _-11 through 8-14 illustrate tne variations during heliocentric transfe*

*Projectio*_ of disper,_io.,,ellipsoid onto _-'_ plane.

8-13
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6-1-69
7-1,-69

/
/ /"

/

Figure _-I0. Heliocentric Arrival Geometry
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of the Earth-:_pacecraf* $un angle (cone angle of Earth) and clock anglc of the Earth fcJ:

transits I-A, I-C, II-A, andE-C. Figure 8-15 shows the be:xav__,:_ of Earth-Mars distance

and cone and clock angle of the Earth (as measured at Mars) as a function of calendar date.

it has been stated by NASA hhat the minhnum mission (in orbit) lifetime should be about

3 months with a desired liietin'.,e of 6 months. One migbt then logically ask when the major

surface changes or "wave of darkLnin,;" occurs. In Reference Z, De Vaucouleurs makes the

following remarks :

"By mark:.ng the heliocentric longitude '/o at which r.he upwards trend of the
variation curves becomes noticeable (at some arbitrary love] above the
minimum intevsit/), i. e. , by plotting the points of incinlent darkening, it
is even possible to trace with fair accuracy the propagation of the 'front'

of a darkening wave progressing evenly northward from the south polar
area.

"This wave starts near the end of the southern winter ( _o = 250 degrees) at
about latitude % = -60 degrees; it then spreads and crosses the equator

before mid-spr::ug (_o = Z90 to 300 degrees), reaching latitude _40 degrees

before the end of the southern spring (_o.= 330 degrees). The front of the
wavc thus covers 100 degrees in latitude (6000 kin% in about 130 days,
travelling at some 45 kmper day (or 0.5 rn per sec). There is a possi-

bility that the propag_t_nn might not be exactly synchronous at all longitudes
around the [ _obe, but the observational =naterial is not yet sufficient to
confirm t_i... "

The heliocentric lo_giulde of Mars for the currently assumed Type I transfer arrival dates

varies from about 307 to 3P5 degrees, while for the Type II arrivals this range is ]30 to

345 degrees. It would appear that only the Type I transfers arrive before the "end" of the

northward progr_sslon of the wave of d_rkening. Even then, however, it may be questionable

if these changes can be. _een as the wave of darkening _dll be at roughly 15 degrees north

latitude, but the orbit periapsis will be at some 40 degrees s_,uth with primary coverage in

the . athernhernisphere. Itwouldse_m wiser, however, to assure good photographic coverage

of the interesting Mars latitudes just sou¢h of the "_quator and take "pot luck" on being able to

see a change in a given surface feature a= _p._osed to covering the less interesti-._ northerly

latitude region with the sliiu chance of seeing a given area twice and observing a change.

Figure 8-16 has been extracted from Reference 2 and illustrates the uorthwald progression

of the wave of darkening as a fu.nction of the heliocentric longitude o_ Mars. This tigure

would seem to suggest the desirability of arriving earlier in 1969 when the rate of increasing

darkening is a maximum in the southern hemisphere, in order to see the greatest difference

in darkness intensity levels during a given orbit lifetime following enco,u.Z¢r. It is important

to note at this point, however, that other interpretation3 (by industry study groups) of the

preferred arrival time have been proposed which suggest that the current arrival dates are

attractive, Most of these poiz',,ts of view are based upon Fig_,ro. 4 of Reference 3 by J.H. Focas

of the National Observatory of Athens. Perhaps it is felt that ii _he orbit lifetime is as long

as sLx months, the darkeni,Ag intensity will have diminished in certain areas so that the

8-19 ,,
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Figure 8-15. Earth-Mars Range, Cone and Clock
Angles of the Eart}-.vs Calendar Date

observation of a change might be De_C,zble. Before placing a requiremez)t on the orbit lifetime

of 3 to 6 months, however, this whole question ._-.¢olvingthe like]zhood of '=observing" a

seasonal change should be carefully investigated. Such question8 should be answered as

(a) is the optimum arrzval period at the tlme of maximum rate of increasing darkening, or

after the level of greatest darkening has :,ccurred? (bl what is the likelihood of observing _e

same area twice at a suitable interval? and (c) even if a given area is ob_ezved twice, does

the probability of detecting a change depend upon also having si_nilar lighting conditions and

viewing angles for bot'_ observations ?

3. Approach Aiming Diagrams

Figures 8-4 and 8-5 give the orientation angles of Earth and Sun with respect to the

incoming asymptote. These angles determine the regions of Earth and Sun occultation for

flyby trajectories, and ETE and ETS can be partially used for determining the occultation

region. _ for orbiters. For example, if the Earth-Mars line lies _ the orbiL plane, the Earth

will be _,cculted during part of the orbit. The facLor which determines whether a boay is

occulted or not for an orbiter depends upon the sxze and orientation of the ellipse with respect

8-2.0
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-80 "----""l---- I j ; v n l u '= f ,

SOUTHERN SPRING

-60 _ ,,/__ (v/-- 267"-357")

IO

240 269 _80 300 ,520 340

HELIOCENTRIC LONGITUDE OF MARS

Seasonal variations of intensity in the dark areas of the surface of

"_la,'_ at different latitudes during the southern spring in 1930, after
G. DE VAUCOULEURS (Peridier Obs., 1945).

[;'or gr_,ater clarity the curves arp slightly displaced in latitude, but the
circles marking the time at which each spot begins to darken are placed at
the correct latitude.
The alignment o| these circles demtnstrates th,: existence and the propagation
of a ,_easonal wave of darkening spreading northwards from the south polar
re ion.
(l_: Depressio Hellespontica; (2): Hellespo_tus; (3): Mare S'reaurn; (4):
Aurorae Sinus; (5): Sinus Sabacus; (6}: _anges; (7}: Eur, hrate_ (south);
(8}: Syrtis Major; (9); Lunae Laeus; (10)t Euphrates (north); (11): Nilokeras;
(12): YdiacusLacus.

Figure 8-16. Northwar_i Progression o:Wave of Darkening
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to the Body-Mar_ line. Figure_ 8-17, 8-!8, and 8-19 give the occultation zo_: o- Earth,

Sun and Canopos for the trajectories II-B, l-A, end I-C, as defined ir. Table 8-1. Only the

middle Type U trajectory is inctuded because tile arrival ge.ometty variati(r is suffxciently

small that this plot is representative of the other Type LI trajectories. Since Type Iapproach

geometry varies much more rapidly, the first and last days are plotted. In these figures

EPM zs the Earth-probe-_.ear-limb of Mars angle, SI-'M i, zqe same for the Sun, and CPM

the same for Canopus. As was stressed before, tb..se fiRures really or, Iv .giv_ the eccu;ta'.i.a

zones for flyby traje::tories; however, for an orbiter passing through a particular occultation

zone, thc body associa:ed with that zone "rill probabl/ be occulted, assuming no r_tane change

xs _nade at orbxt iniect_o_

REFERENCES
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B. SATELL_ITE ORBIT SELECTION

I. O_neral Orbit C,.-,nsideratio=_

A large nunlber of -onsideratiopsareinvoJvedin attemptxngto select the optL,_una param-

eter values for a sat,'iiite orbit about Mars. This section w !1 describe the nnost in_portant

_rzm_tpr_ and indicate those factors which mr, st strongly irnluence their selection. During

the diccussion, it will bc holed tna_ one of the most signifi_an*_ constraints in deslgmng an

orbiter mission about Mars invoIve.s the selection of a periapsis altitude which is felt to be of

sufficient height as to ensure a probability of 10 -4 that an ,ansterile orbiter will decay into the

Mars atmosphere prior to contamhtation by a later mission. Depending upon the assumed

high-altitude density model, practically any value of periapsis altitude from about 1000 Pan

to 5000 Fun would be necessary to provide a hfetime of the order of 50 years. Thi--' sub3ect

will be covered in more detail xn Subsection B. 3.

Figure 8-20 illustrates the basic parameters that are customarily used to define the

shape and orientation of a planetary satellite orbit or capture orbit. It should be noted, how-

ever, that periapsis altitude has been shown rather than periapsis radius or distance from t_e

planet center. This has been done because such considerations as drag effects upon orbit

lifetime, instrument height above the _urface, and ,-' o_t.grapnlc resolution make altit,zde a

more usefal parameter than distance from the planet center. -rnthis study a value of 3400 km

has been assumed for the Mars radius, although a more recent vai_.e of around _378 krn has

been pr,_Dosed. In Figure 8-20, the assumedvalueforthe oblateness coelficient, J, is 0.00ZgZ

for Mars. Referring to the general zed situation sho_nx in Figure 8-_I, it can be seen that a

variety of aimlng points might be considered wnich result in dix±erent orblt inclinations with

respect to the l%_ar,. equator, dlfferent latitudes for the location of the sub-periapsis poller,

differenl lighting condlLlons near periapsls, d_fferent orbit precession rates due to Mars

oblateness, dlfferent occult%_ion tim_s for other [_odies, and several other varylng charac-

teristics. In the lbse_ce of _aw or out-of-piare n,aneuvers In performlng the orbit insertion,

the fatally of all p_sib!e satellite orbit planes ,:onta 4 the approach asymptote vector _.

a. Orbit $electton Constraints

In order to obtain prelim,nary orbit profflt.s, an attempt was m,_de to achieve es many

of lhe tol[owing conditlons as p_ssible:

l) It x._ desirable that Sun occultatlon be avoided for as lo',g a6 possible.

•') In order to perform a useful Earth occultation experir_ent, it is desired

that t.he Earth be occulted during each orbit for several days {up to per-

haps a month) following init*al orbxt establishment, but the occultation

time per orbit must not be large enough to reduce in _ny signifxcant man-

ner that portion of the orbit period needed for data traasmission.

_-25
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3) It is desirable that the angle (measured at the spacecraft) between Ca,_._pu_

and the near i:lanet limb remain above some prespecified value (regio_, of

perhaps 20 to 50 deg.ees, depending upon adjustment policy or tradeG_

between bruiting field-of-view ck)ck and cone ,tngle values).

4) It is desirable that the following, lig_,ting and planetary coverage cond,do:.s

exist simultaneously somewhere "reasonably" near p¢;riapsis:

....... _._,*=_ ¢¢*Lg*¢sLouid ile between about I00 and

140 degrees.

b) The orbiter should be at a Mars latitude of bet_,een about 40 :/egr'ees

south and 10 degrees north.

c) The orbiter altitude should preferably not exceed about 2 to 3 time:i

the periapsis altitude.

The last condition is met as long as the orbiter true anomaly {in-plane

angle from periapsis) is within about u0 to 80 degrees from periapsi$

(2 x tip) or about 80 to I00 degrees from periapsis (5 x Pip).

TRUE ANOMALY-/

__ _'kl NE OF

/_ APSIDES
/
/

/
pL/_NE._.T EQU_,TOR

/

/

LINE OF
(ASCENDING
NODE)

SECULAR RATES

a. i ,=.+,,0

- 7T cos Z

Zl,

••a (I-,')/Ro
Figure 6-20. Fundaunental Orbit Parameters
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b) Itis desirable that nodal andapsldalprecessioa r_tes due to Mars oblateness

tend to improve as many of the above conditions as reasonably possible.

6) The currently required orbit hfetime must he at least 50 years to satisfy

the contamination constraint. Yhe actual orbit lifetlm_ will depend pri-

marily upon estimates of atnmspherlc drag and secondar:l_ upon third-boGy

gravitational e_fects and other possible perturbations. The possibllity of

Suh_tion B. 3.

b. Periapsis Ahitude Consideration

£he selection of values for the key o_blt parameters is influenced by many consider-

ations. For ex.:m_ple, the .'o!lowing factors gov_.rn the choi, e of a nominal periapsis altitude:

l) The strongest .actor is probably the reqtlired .)rbi* lifetime which depc.d

primarily upon the high-altitude density profile ard seconda-:ily upon the

apoapsis altitude. Another factor which must be considere_ in the pre-

diction of orbit lifetirae is the long-term eAec _.of the Sun (third-ac_¥

influence) upon the orbit periapsis altitude. D_ring the short course o5

POSS(BLg AIMING POINTS
//'x

.l_ "iW'x

[',%" /

\---,, \\ ./

/

S/

_._-----I_ 7 ? P._RAL' EL ro ELIPTIC PLANE

Figure 8-21. Rotation of Poasible Orbit Planes
About Approach Asy_nptote
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thJ.sstudy, there has not P _en sufficient time to complete an adequate

&nalysi_ in thls area. Cur%ory consideration has indicated, however, _hat

third-body effects can cause the periaDsis altitude to diminlsh by as muc'

as _O to Z00 [-a-aduring & 50 year period tox orbits with large serni-maj(,r

axes. Finally, the question has been asked whether the moon_ of I%,iazs

could _erturb the orbit path signifie;,ntly, r,r'hisproblem has not been

turbati_n is extremely small.

2) Anoth_._r important factor which influences the cho:ce of periapsl_ altitude

is the c.stimated dispersion in tLls parameter due to orbit determ}n,t.on

errors, midcourse ,_',.idance errors, -nd orbit insertio_ guida,_:ce errors.

The iJ_portance c5 obtaining accurate estimates for these errors increases

with the desire to achieve as low a periapais altitude as possible consistent

_v[th the orbit hfetime requirements. Current estimates for the combined

3_ error in periapsis altitude due to the abo_e sources are in the region

or 500 to 1000 kin. Assuming aim::.g point b,asing and two _a,J:ourse c')r-

rect{on_, the lower nur:_b_r Lvuld be a_sodated with :he type ! 'V69 Mats

trajectories and the higher number with the more sensitive Ty_e II transits.

3) For a g_v.n apoapsis altitude, the in-orbit payload capabihty can be

increased by lowering the periapsis altitude. This canbecorne very lmpor-

*vr t whenever the mission performance capabliity is marginal, as is the

case for this study which has assorted a floyed Atlas/Centaur launch

,chicle wlth an in-orbit aetb, e pay_.oad requlrement o,1 ,he order of 1000 lbs.

4) The scientific deslre to o:blt close to the Mars surface in order to obtain

high reso!utlon cov_r?.ge obviou._,y afle.:tstht selection of the nominal

periapsls altitude. Do we wan'_ t_ get as chaac as guidance accuracy per-

_%its? Wh;._ percentage error ,n contro!hng perlapsis altltude is accept-

aLle? Fe I small H and large H , does the r_latively high periapsisn a

velocit;":a_,se image blur Froblems?

5) A_.y consideration of orbit tr,n% affects the selectlon of both the i,litialand

flnal periapsls alLbudes. When nulssion orbiter weight capabilit_ is not

r**arginal and can afford the luxury of additional retro fuel, an orbit-trim

adjustment pol,cy oflers certain clear advantages. _y choosing initially

a conservative periapsis altitt,de, the danger of In_pact is ntinin_ized.

Further, after clefs,trainingthe initialorbital elenlents accurately, an

orbit trim .-nat,slivercan be utilized to achieve better control of the final

periapsis altitude. An orbit trim policy has no" been seriously considered

for this study due to _he tight weight situatio,_ which exists between the

la,_ . veh!cie performancv and desired crb_t_ r '*eight estlmat¢_.

6) D'or a given orbit inclination ant apoapsis distance, the periapsis altitude

can be selected sc a: to xr,crease the chances that certain bodte.s will or

8-28
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will not be occulted to the,_rbite: b/ M,%rs. _r_,- the 1969 orbit profiles

which currently _.ppea,' the most 8t'.rac;ive, lowering Hp improves the
chances _,f.en0urxng Earth occultzt_or ont, at the sar:_t time, brings

Canapes closer to the lim.b of Mir_.

7) If it should be requlred to poinc a fixed or pa y_iaily r.-tricted mgh-gaxn

antenna towards the Earth while In the orbit insertion attitu3e, such a

constraint can be met with les_ dlfficulty if 'he added trajectoly bending

associated wlth lower periapsis ahxtudes .:_.n be utlhzed.

_. Apoapic Altitude Consideration

The following factors influence the selection of an acceptaule apoapais altltude:

I) In-orbit payload requirements may require the use of a large apoap3is

altitude, this appears to be the case for the current study but could of

course change giv._n a l_rger booster vehicle.

Z) Orbit sensitivity (variations in apoapsis altitude, orbit period, etc.) to

orbit insertion errors increases as the nominal apoapsis altitude is

ralsed. Until a detailed error analysls has been completed, it would

probably not be wise at this time to consider nominal apoapsxs altitudes

much higher than about 50,000 krn in order to _nsure capture.

3) Fr, r a given orbit inchnat.ion and periapsis altitude, the se|eetion c_f a b'gh

apoapsis altitude reduces the likelihood of occultation of certain bodie_

Also, a high value for H a permits a lower value of Hp to be chu_en whlch

will still resuh in the prescribed orbit lifetim_ in the presence o* at.nnos-

pheric drag. As orb1_ _eriod ovhiously Increases with lu_he_- v__lu,.s of

H a, this gives g_ound f_cihtle. _ more time to prepare /or each nlajor

scientific data cullec_ion sequence near per]aps;.s.

4) Orbit precession rates (nodal regression i_ and apsldal precess_.on & ) d,:e

to Mars oblateness depend str,_ngly upon the semi-nlajor axls and there-

fore upon the apoapsis altitude. With careful planning, this orbit preces-

sion can usually be used _o advantage by either causing the sub-per_ap.i ..

poin_ to move Into more favorable la_;.tuderegions, u;.tryxn R to delay bun

occultatton, or by trying to reduce certaxn third-body effects. %'_th very

hig|,apoapsis altitudes, however, the precession rates are toc;tow to be ol

_ny signi,'i_antvalue. Although there is no *_',ag_capoaps,s altitude above

which the rates can be disregarded, for apoapsis a}.itudc.sabove about

Z0, 000 krn the precession rates are less than the apparent _notton of the

S_n of about 0.5 deE/day (due to [_.ars motion about Sun).

5) II it were possible to achieve the exact non_nal H and H values, it would
p a

be possible to select an o.-bxtalperlod which result_ xn evenly rnap:-_ng the

8 -Z9
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planet surface as well as reeurnir, g to the same area after a given period

of time such as one month, fcr example, in order to increase the chances

of observing a seasonal change. Guidance errors would in general pre-

clude the accurate establisbment of a preselected orbit period, but it still

might be worthwhile to try nominally to achieve certain oroit periods. It

can be shown that ii the orbital period, P, is related to the planet period

of rotation, T, by

P = (I±KN'I)-I T

wl'ere I is any integer and K is any integer such that K and N are not both

'- divisib}r, by a common integer, then the orbital tracks will be equally

spaced _m longitude) and will r_.;urn to the same poir_ton the _,Lars surface

at the completion of exactly N planet days. In the pre_ence of orbit plane

precession due to oblateness, an effo.ctive planet perxJd shoul,_ actually be

used and would be given by

T= 2r /. a- _'I) -I"

= where a is the planetary sidcral angular velocity and _ is tke nodal preces-

sion rRtc of the orbit plane.

d. Orbit Inclination Considerations

The st lection of orbit inclination to the Mars equator depends upcn such coI_siderations

as:

1) Fro_-n a scientific cove_:zge s_-andpoint, it is desirable _hat the .rbit incli-

nationnot be less than about 30 degrees to the Mars equator. .q'though

advanced surveillance orbiter missions with high data rate capabilities

might well require much _igher inclinations in order to map a _arger

portion of the Martian surface, the lower inclinations appear more favor-

able for the current study for the.following reasons. First o_ all, given

that cnly a reasonable nurr._t of pictures can be returned, these should

presuraably concentrate on the most interesOng surface feature reg;ons

_vhich l,e within 30 to 40 degrees of the Mars eq_,ator (to the south). By

using orbit inclinations cloJe to hese latitude regions, lo1_ger dwell times

over these preferreJ iatitUd_ :a_. be achi.-ved thus increa_ing the ch,_nces

of beiz._g able to find some point a_.ong the orbit path which exhibits both

reasonable altitude and attractive lighting conditions. ,Also, the.proba-

bilityis incre,ascd of being -_bleto observe a given o.rea twice during the

mission lifetirttein order to look for possible change_.
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Z) The choice of orbit inclination obviously affects the occultation geometry

with oth=_ bodies such as the Sun, Earth, and Canopus. Low inclinations

increase the chances of occulting the fornler two bodies but leavingCanopus

well in view, while high inclinations tend to have the opposite effect We

have to select low inclinations carefully so that Earth occultation will be

achieved for some period of time but with no Sun occultat%on. Also, it

must be remembered that, as the Mars equator is inclinedsome25 degrees

to the ecliptic plane, orbits h._ving equal north and south inclinati_,nsto t5_

Mars equator have quite different inclinations to the ecliptic plane, and l[

is this latter reference plane which n_ore appropriately governs th_ occul-

tation geon_etry with the Sun, Earth, and Canopus.

3) The orbit inclination affects the nodal and apsidal precession rates iue to

Mars oblateness. To first order, there is no movement of the iine of

apsides withln the orbit plane for I = 63.4 degrees. For ! > 63.4 degrees,

apsidal movement is opposite to that of the orbiter and, fo_'I < 65.,z

degrees, apsidal rnovernent is in the same direction as the orbiter. The

nodal regression rate is zero for I = 90 degrees and increases as I

decreases. Of possible importRnce is eva]uating third-body effects, the

sum _ +& _pproaches zero fci"T.= 46.4 degrees.

4) The desire to point a fixed or partia]!y restrlcted high-gain antenna towards

Earth during the orbit insertion orzentation of the spacecraft places cer-

tain constraints on the selection of the orbit inclination. This subject is

discussed later in more detail.

5) At this time, it appears that the only constrah_ts which should ._eplaced

upon the choice of erbits from the standpoint of Earth-based deterrrination

of the satellite orbit are: (a) it is desirable that the angular rate of the

orbit plane with respect to +he Earth-p]anet line-of-sight be nonzero,

(b) the orbit inclination with respect to the plane generated by the Ea_'th-

planet line-of-sight should he nonzero (this latter plane is very closz to

:ae ecliptic plane), and (c) the orbit plane should not be perpendicular to

the Earth-Mars line. There is a very low probability that either of these

sltuations would occur exactly, and slight departures from the abo_ e

si%uatio_Asare generally acceptable.

e. Periapsis Location Consideration

The location Of periapsis is clearly important for very elliptical orbits and is influenced

by suc_- considerations as:

I) It is d_.sirable that periapsis occur or, th_ Earth-side of Mars so that the

entire orbit insertion maneuver can be ccvared, The }9&9 Mars approach

8-31

.,. +,+._-. +;..,,_._.... + +++.. :;+ ..++ +,+ ,,,+.................. _.::.-..r+_,.,,y_,C;.++_

p_" +, +t_• "/ . • :

++"'+++'+++'+'+"++::+++"++'-+':"_+-.............. :+++_.+._,+- . ,,,,,..--..--,.+,:. ,:,..,._'.,:FI_"7""'+_" ..,.,,..._,_._.,.++.+'+++.+,++............. ,-_j. ,+,_._+,. , " ..... ','" Tim". ...... _' +' " ' + '+'e._

1965018274-106



Sectio;, VUI EPD-Z50

geometry and aiming regions satisfy this condition for b_,ththe Type I and

Type II orbits.

2I The location oL the sub-periapsis polnt should preferably occur in the Mars

latitude band between about 40 degrees south to I0 degrees north. In ordez

to avoid orbits whi.ch exhibit b, n occultation, however, aiming points

usually hzve to be chosen which lesult in initialperiapsis latitudes slightl/

outside of this desired band. The orbits selected for this study (see

Section B.6) have i < 63.4 degrees, and, therefore, produce a movement

of the sub-periapsis point towards the aesirecl region. One must, however,

trade off the sul)-periapsis latitude location .%gaimst the desired lighting

conditions beneath the orbiter.

3) It should be notect that this study has assumed that the orbit periapsis

coincides with the natural periapsis of tl'?approach of hyperbola In the

actual ease, however, either the orbit insertion guidance n_ode employed

or errors in the insertion maneuver can result in rotating this apsidal line

by several degrees in the plane of motion. Wilh extra retro luel, one

could consider an intended rotation of the apsidal line for the pu_[,ose of

initiallyiocatin_ the sub-periapsis point over some preferred region. _'or

the marginal mission (from a weight ,,iewpoint) being consldered, however,

rotations in excess of about I0 to ZO degrees are probably not .feasible.

Z. Approach Geometry

Flyu/ approach aiming diagrams have been presented previously in Figures 8-}_7, 8-18,

and 8-19 for solne of the 196q transfer trajectories. As can be seen fron] these figures, _he

Type I trajectories approach Mars from the lighted side while the TypeIItrajectories approach

from slightly on the dark side Figure 8-22 illustrates the basic approach geometry (plan

view and alongS) for transits I-A, I-C, and II-B. The Type l approach asympotes are inclined

some 9 to 14 degrees to the ecliptic plane (coming from below), while the Type II trajectories

approach Mars from 15 to Z6 degrees above the ecliptic plane. Figures 4-58 through 4-60 of

EPD-139, Volunte IH, illustrate the Type IX approach geometry, although the actual orbi:

profiles selected to satisfy the ground rules of the current study differ significantly from

those shown in EPD-139.

As the Type I trajectories approach Mars from the lighted side (relative mo_ion w,th

respect to Mars), aiming points also on this side result in direct motion of the orbiter about

Mars and periapsis occurs on the lighted side but initially closer to the evening terminator.

As the Type II trajectories approach from slightly on the dark s_de of the morning terminator,

direct orbits result in periapsis being lo:a,tcd about halfway between the two terminato:s.

After a period of a few w6eks0 howevel, the motion of Mars about the Sun moves the morning

terminator closer to the sub-periapsis point. Vlost of this information is covered in more

detail in Subsection B. 6.
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A short study waa made to determlne tileeffect upon the selection of orblter a._ .nng

points of requirh, g that the high-gain antenna point towards the Earth durlng the orblt In_er-

Zion orie_tation of the ,_pacecraft. The ground rules assumed for this study were as follows.

11 The retro motor has its axis along the spacecraft roll axis.

Z) The retro velocity decrement is removed in a direction opposite to that of

the velocity vector at periapsis of the approach hyperbola.

3) The feed axis of the high-galn antenna can lie on a cone ,_fI0 ° hail angle,

and the axis of th.;scone is 38 ° off the _pacecraft r,Jl]ax_.

4) The antenna pattern has a useful half-beam width ef S degrees.

5) Periap:is altitude = 1500 kin.

The ,ix reference trajectories were investigated and the results are presented zn

Table 8-Z General]y speaking, the Type II trajectories are more favorable in satisfying

the antenna-pointing constraint. It can be seen froro Table 8-2 that, if the antenna feed axis

can lie anywhere on the 10-degree comcal surface, then both the Type I and Type II debited

aiming re,zions satisfy the antenna-pointing c_nstraint, although the Type I cases are just

barely acceptable. If the antenna must be left in its encounter positlon, then the desired

Type I aiming points are not acceptable whereas some of the later-launched Type !I cases

ar_ acceptable. However, if the periapsis altitude is increased to 4000 km as a result of

more recent atmospheric lifetime calculations, the reduced trajectory bending will degrade

somewhat the above results. If the mi,_sion _eight situation was not marginal and if extra

retro fuel was available, one could consider less efficient orbit insertion att.tudes which did

not apply the reLro velocity parallel to the periapsis velocity vector in order to polnt the

antenna more closely in the direction of the Earth.

Table 8- Z

Pe 'mlsslble Aiming Regions For

Pointing High-Gain Antenna Towards Eartb

I'rajectory I-A I - 13 I- C II -A II- B li - C

Desired Aiming Reglon 15-.25 ]5-.25 12-.25 5-*20 5-*20 b-*20
Bon¢larles (deg)

Per:ntsslble Boundaries

For Any Position On 0-.192 ZZ-_Z64 Z4-_300 -72-*88 -57-*77 -36-.55

Cone (deg)

Permissible Boundarl es

For High-Gain Antenn _ No 90-'196 75-*250 -66 -*-32 -52-o-4 -Z8-.48
In Encounter Position 48--_82 24-.72

Only (deg)

All angles measured clockwise fro,4 _I'.
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Changing now to _he _ubject of Earthcccultationwlth ac orbiter, Figures 8-17 througb

8-19 are primarily intended for use in _eiecting aiming regiot_s tor a fwby trase:tory.

Therefore, ,t was vecessary to use a different program to generate Earth occultation aim.;.r,g

zones for vario.:_ satellite orbits abnut lviars. .&ssunung an orbit apoapsis alti'ude of 50,000

kJ]_, Fig_xre 8-23 ,llustrates a portion of the Earth oc_ultat;on a!ming reR:on_ for certazr, of

the reference trajectoxues. Of the Type II traiectorleE, onl 7 IT-B has been shown xs it is

lepresentative oflI-A and II-C, In Subsection B.3, atmospheric lifetmae calculations indi-

cate that i_ r.naybe ne_.e_._±'y tu ,_ah,tal. _l,e-_:" pei'iapsis _":'-a- ... hi#h annn ,._Ut u,t L as *_,, _x*i,

above the Mars surface in order to guarantee a iifet_ne of 50 years. Therefore, if we must

ahoose aiming points which he outside of thzs a]_itude limlt yet inside of thc Earth oc,.u!ation

regions shown in Figule 8-23, tight control of the aiming point will be requJzed. As a matter

of fact,for 4000 by 50, 00U-kin ortnts, no Earth occuhPtzon xs achieved for 'rajectories _-Band

I-C _J_!ess the aiming points 7.re moved to the less desirable northerly direct o] bit profiles.

Thus we lind again that the atmospheric model assumed has a strong influence hot only upon

the science desires to get close to Mars, but also upon the possibility of performing Earth

occultation re,lared _xperirnents.

FOR ORBIT APOAPSIS AL-ITUP, ES OF
50,000 kin, AIMING POINIS MUST BE

q!i-,-_ SELECTED ON THE PLANET ¢.IDE OF

,.v*...(:_THE BELOW CONTOURS IN OR,')ER TO

•-_ RESULT IN EARTrl OCCULTATI(.:N

II-B
........... ,.,,_.__I' \ _-B

/ j-A

,_i / X.,-'/

7'-'r--. ____,-;' /\
_. , / /

/
"" "" APPRO× MARS "CAPTURE"CIRCLE

(I-B,i-C, IX-e)

"_" MARS "CAPTURE" CIRCLE_I-A)

_'igure 8-.Z3. Earth Occultation Aiming Regions
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3. Orbit Lifetime Results

Several factor_ _ can cause the perlapsl,_ altitude of a satellite orbit to vary:

1) atmospherxc drag

2) solar gravitation

3) piano, oblateness

4) solar radiation pressure

When the satellite is at low al!itudes, the dominant ef;ect is a_,._,ospheric drag.

P, lthough estimates of the near-surface atmospheric densities are believed known to a factor

of perhaps *v¢o or three, the high altitude densities ar. uncertain by several orders of magni-

tude. *.r order to demonst._ate the effect of these large u,-eertazntieq, txvo atmospheric models

were chosen for this study. Model I (Figure 8-24) was generated at JPL (Reference B-l) and

¢.orresponds to a more or less nominal density profile, whereas Model iI (Figure 8-25) was

generated by the I',ASA Mars Standard Atmospheric Committee (Reference B-2) an3 corre-

spouds to a "maximum" density profile. The results of this study are sammarizedin

Table 8-3 and Figures 8-26 and 8-27. t_rom Table q-3, it can be se_.r, _.i_a: for a 50-year

lifctine, a balii:_tic coefficient m/CDA = . 18 slugs/f, 2, and r-T.a -- 50,00,0 k.'T_, -Zip can
vary

from 750 to 3700 kin, or a factor o; five. depending ",pon '_;_ _tmospheric model assumed.

Clearly, it is therefore e,,sential to define a _pecific upp3, atmospheric density profiJ.e and

a,a orbiter sterilization policy which are acceptable .) it.. ,,cientific cc:,munxty, partxcularly

to _he biologists. It is also important to specify a part ar atmospheric model in order t •

help standardize orbit lifetizne computations which will obtain-..: by the various agencies

or conapanies who participate in Mars orbiter stbdies.

The orI_.thfetime results were generated by u_ng two IBM-16Zu colrputer programs

(Referene,: B-3) written at JPL, The first program computes th,ztin,e required for ,*n

_-llipticalorbit to decay into a circular orbit, while the second p_ogram then ea_,'ulates the,

additionaJ tl'ne r_qu;red for th,-circular orbit to ctecay to _he Mars surface. In addition to

the atr_ospheric d_msity, the orbit hfeti,'_e also depends upoh the ballistic coeffxcient of the

orbit.Jr. The bail[stic coefficient is defined by

rn

where C D is the drag c'_efiicient (assumed equal to 2 for the high altitude regime), Ais the

effective _rea, and m is the orbiter mass. Orbxt lifetime varies directly with the b-_thstic

coefficient, and doubling k doubles the orbit lifetime, etc. if w.._ let k be !-he ballistic eoef--r

qcitnt of the orbiter as viewed alnng the roll axis and k that normal to, _ne ,'oll axis, thenn

a long-term eff_ctl,,t, cMue for _he balhs_i_, c_cf¢icirnt is give., approximately by

[:( ) ]'_. -I -I \ -I_- + k
keff kr n n
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Table 8-3 Atmospheric Ltfetlme Results (Reqmred Orbit Alutude-;)

Atmosphere Llfetun_ kef f 15 slu_/ft d kef f : 18 ,_lugs/ft 2

Model (years) H (kt_) [t (kin) .'_ /kin) H (kin)
p a p a

JPL 50 155(; 10,000 1250 10,002

(M(Jdel I) 1 I 50 Zf), 0O0 1000 20,000

8Z5 60. 000 750 50, 000

v50 100, 000 ,_50 100, 000

NASA 50 4500 20, 000 4350 20,000

(Model II) 3850 50, o00 3700 :_0,000

3 ,00 I00,050 3?,50 100,000
!

ZO I 4000 10,000

[
3500 20,000

3100 5r_. 000

_2800 t (JO, 000
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Origxnal estimates for k r and k n resulted in kef f -- 0. 15 ',dugs/ft 2, which appear_ in several

o; the results. However, more re_ent values of k = 0. 112 s).ugs/tt ? ax..d k = 0.553 stttgs/ft 2
r n)

resulted in a slightly dxffereot value of kef f "- 0. 18 sl,:gs/ft-. The required periapsls and

apoapsis altitudes for this r_ore recent value are given iv Table 8-3. At one point inthe study,

it was thought that lower periapsis altitudes would be all,Jwable if the solar panels c,..!4 be

1._liably folded in after several weeks following initial orbit establish_aent. Ho'_ever, it

turned out that if the panels were retracted in thexr full-length posztxon (:aot n-mltxple folded)

kef ¢ was o,,iy i_crea_ed Lo 0.204 siug_ll_ aftd wa,, Lhe_efuie, ._.'; wJ_,.iLwhile.

I10 MODEL I I [ i

• =o 07 c5 03 t i,oo .....90 .......

//

: _ = o 15stug/tt 2

,c:.....I F.... -I
,u I

P" • 09 08 |
Lu 5C ._- --/- --e--e- --....... I --T-°'J

40 .... " I I ' l ,
¢'1,

,o--- / -+--- ........

,o-y//,,_,_ -
o 500 _ooo tsoo zoo(_ 25oo 3ooo 35oo 4006

PERIAPSIS ALTITUDE, km

Figure 8-26. Lifetime vs Per"-apsis Altitude fol Curvet_
of Constant Orbit Eccentricity
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In using Figure 8-26, apoai.'.is altitude, , rblt eccentricity, and periapsis altitude _re

related by:

= , H k-r-_-! RHa o p - o

where R is the planet radias which has been a-Jsumed as 3400 km fcr Mars.
O

A,',ter_b-ervL,.g t}-eeffect _*por ceriapsis altitude of requiring a 50-year orbit lifetime

with the r.iA_/A "maximum" atmosphere model, one might logxcaily ask if as long as 50 years

would really be necessary to guarantee a proba_ihty of 0. 9999 that Mars will have been con-

ta*r.inated by other means before the orbiter falls into the surtace. _here has not be_.n suf-

ficient time during the short course of this study to evaluate this question rigorously; how-

ever, a simple approach ts outlined below. In order to arrive at a relatively short lifetime

re£uirem_.nt, let us assume that unmanned n_issions are flown to Mars at every opportunity

f,'om 19;'9 through 1983, and that manned rnissiot, s are flown at every opportunity from 1985

on. Let us _Iso assume that the probabiLty of at least one (out of two launches) successful

unn_anned n isston at each npportun,ty is 0.5, while the probabili y of success for each manned

_'nissionis t,.8. Let ua also assu: ....that the unn_anned as well as manned rn%ssions are trying

to reach the Mar_ surf_.ce such that, given that a missicn ha_ bcea successful, we will assume

a probability el u,,itytha_ Mars has been "contaminated." If x r¢presents the number of

manned-mission opportuaitiesp then

P(at least on; conL,_.'_ination) : 0.9999 = I -(½) 8 (_) x

Solvin_ for x, we fznd th,tt .he orbiter must not come ¢t_._,l until about 1989, or some ZO years

after orbit establishrnLnc, i'ab/e 8-3 indicates that reducing the lifetime requirement from

50 to 20 years pe:c,tts the pertapsis altitude to be lowered I'y only bOO krn for the 50,000 ]¢_ix

apoapsis orbtt.

Suppos,; that we now alter the above assumptions so a'_to arrh.e ;_ta ',afer lifetime

requirement. Let unnxanned missions he attempted only at eve,/ other _pportunity from 1969

through z9:$5, and let manned attempts be also nlade at every other opportunity frorn 1987 on.

ALso let _s essume that. if an unn%anned r_xissionis successful in the sense that it places

something tn the Martian environment, the probability that Mar_ is coatarninated is only 0. 1.

But we _ill stillassume that, xf man lands on INiars, th,.:reis a probat.thty of unity that the

planet ',vil_be contaminated. These assumptions re.-ultin

Solving for x now results in requiring that the orbiter stay up until the year 2007, or a life-

time of roug:A7 37 ye%r,,, Obviously, an>, change in the above assutnptto-:a will result in a

different lifettn_e requirement.

8-4'
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Becaus_ vf the relatively large ballistic coefficient of the orbiter as well a_ the larger

Sun-orbiter distauce, solar pressure effects are negligible for the currently desired orbiter

lifeti-_ne span of _ens of years. Solar gravitational effects, however, are net negligible.

Depending upoy, the orienta*Aon of *,h, orbit plane with respect to the Sun. -olaf gra--itational

effects (often refer-ed to as third-body effects) can cause the pe.riapsis altitude to vary _ / as

much as -. few hu:,dred kilometers if th_ orbit platte remains in certain undesirable orienta-

tions. Fortunately, the oblateness of Mars can be put to good advantage by causing sufficient

continuous change in the orbit plane orientation such that solar gravitational effects will have

a much lower chance of being accumulative. The result is that periapsis altitude alternately

rises and falls ove r fairly short periods of time (order of one hundred days or so). An

attempt has been made to investigate the tong-term efq_cts of solar-gravitation and planetary

oblateness by u,*i[izing a variation-of-parameters progra m for the IBM-7094. The program

uses equations that have bee_ averaged over one satellite orbit (see References B-4 a_d B-5).

Some Of the 1969 orbit profiles were run on the above program wi_h a sirnalated lifeti_ne of

50'years and net p_riapsis al_it(:de reductions of 50 to 200 krn were obtained, but it is very

important to state ,tt this point _hat the program has not b_n adequately checked out. Although

the orbit per'apsis altitudes which are indicated as a result of this stuuy may see_n unreason-

ably high. it may be of interest to-note that a recent article by G. _. Schilling (Reference

B-6) d,_cusses the possibility thet secular accelerations of *.heinner Moon Pbobos may be due

to exo_spheric dra_-. Schilling states that _he actual existence of these orbital accelerations

is in doubt; however, he stillproposes that reason_ole assumptions about t_ _ phycical state

of the equatorial exosphere of .Nicrs can lead to values of atmosphere denslt_ which could

exert observable drag effects upon Pbobos without its being a hollow sphe.re. Tile orbit of

Phobos is roughly circular at an .tltitudeol almost 6000 km from the Mars surface.

Summarizing, it appear_ that oblateness and solar gravitationa ! ef'_ects are, by tl_em-
5

selves, not too serious; however, they can cause the periapsis altitude to diminish to region_

: whore the atmospheric drag effects are significant. These latter effects depend upon the

asL_umptions employed in deflating a high-altitude density profile, and with the current large

• uncertaintie_ im olved, it is v_ry important that the formulation of a stand,,rd high-altitude

density model receive more attention, Finally, if one attempts to select a nominal periapsis

altitude which is conservatively based upon (a) requirius - 50-ye;_r orbit lifetime with the

NASA "ma_Jxnum" ntmosphere model, and (b) adding on an add._tionalmargin to accommodate

_olar g-,Lvitationa]effects as well as guidance and orbit de*.ermination errors, it i_ not at all

unlikely that a n -_-na_periapsis altitude as-high as nearl,/ 5000 km might be indicated. An

a_titude require z, *.of this magnitude certainly b_gins so reduce _.._me of the attractive fea-

ture_ _t r-_: _ormxng an orbiter miafion,

4, Orbite.r Payloacl Results

Throughout this section, the terms "fixed" and "variable" pr_,pell_nt loading are used.

Fix_d loading ir._plies that the amount of retro fuel aboard the spacecraft wi_.l not be altered

8-4_*
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at any tinle during the launch period. Whereas, in the variable loading situation, the amount

of retro fuel will be varied (on-load fo_ Type II and off-load for Type I) as one progresses

through the firinE period. Practical considerations will limit the actual number of times thaL

the fuel load can be var£ed, thus the actual gain in orbiter mass will be somewhat less than

that gain which could be reaLzed if the propellant load is varied continuou_l,/ during the firing

period. This gain in orbiter xaass whicL is made possible by varying the propellant load can

be und6rs_ood conceptuall T by referring to Figure ,3-28. The varlable loading scheme is

optimized if the amount of fu_.l which is off-loaded is precisely equal to the reduction in

injected weight capability associated with the increased injection energy. If the fixed-weight

spacecraft can only weigh _ total amount, W, and yet must have sufficient fuel to establish an

acceptable capture orbit on launch day 1 when the approach speed, Vco, at Mars is very high,

then _he retro fuel and payload must both shrink such that F'<F and P'<P. It turns out that,

for both Type I and Type II trajectories, £he gain in useful (active) orbiter mass (P - P') is

about 70 Ibs for a 30-day launch period. The term "useful orbiter mass" refers to all non-

propulsion-system mass in orbit and therefore excludes the dry weight of the propulsion

sy stem.

LAUNCH DA_; I LAUNCH DAY 30

LOW C3 HIGH C3
HIGH V=o LOW V_

F'<F ANO P-P'==70 Ib

'_ TIGHTER ORBIT POSSIBLE WITH EXCESS FUEL

Figure 8.-Z8. Variable vs Fixed Propellant Loadin[
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Figures 8-29 through 8-3g illustrate the key results of this stud 7. The required

s_parated spacecraft weight curves were computed in the following mam:er. Given VO0, R a,

and R , the impulsive retro velocity decrement, AV, necessary to establish the desired orbit
P

with a periapsis-to-periapsis transfer is given by

2 2/_ "_yfR 2/_ R a,,v - . vo_ • _-. o.(Ra + _p_

where _ = 4. 29778 x ,04 km3/sec Z for Mars. A polynomial relating initial spacecraft mass

(prior to orbit retro) to useful mass in orbit was supplied by the Propulsion Divi.,don and is

given by

useful orbiter x_as." = 0.0025o25x Z -:0.09325x + 0.952
initial spacecra.'t mass

where x is equal to AV (plu3 an a11owance for midcourse cerrections and gr._vity burning time

losses) expressed in units of thousands o. feet per second. Figures 8-29 through 8-32 were

generated by usi_ag the following steps:

i) Obtain the C3 and VO0 values associated with the first and "=st launch days for

_he curves of constant orbite_ mass shewn in Figure 8-1.

Z) Give:__VOO , H a, and Hp, compute _IV and add an additionaJ i00 meters/second
to altow for midcou¢se correct, ons plus gravity burning time losses.

3) For any requxred useful orbiter mass, usethe polynomial tc compute the

required total spacecraft mass.

4) Adjust the total spacecraft mass associated with the low-Voo launch day to

reflect ".hesame dry propulsion s_stem mas_ as that computecl for the high-VGo

launch day.

5) Plot the required spacecraft mass above that value of C 3 associated ¢¢iththe

particular V00 used.

6) Plot the actual separated payload capk_bility of the booster vehicle as a iunction

of C 3 and compare with the above-required separated spacecraft weight curves

to determir.e mission feasibility.

A detailed discussio_ of the methods used to Ir,cat_-optimum regions of constant orbiter mass

{such as shown in Figure 8-i of this report, for exan_ple) may be found in EPD-139, Volume

II. Figures 8-E9 through 8-31 indicate an assumed nominal useful orbi_.er mass of 950 Ibs.

After these curves were completed, however, the non_inal orbiter mass was increased to

about 1000 Ibs. This recent increase is shown in Table 8-4, which indicates tae available

launch periods fo_ different assuroptions. Before discussing the implicatio_ of the results

shown in Table 8-4, the utilization of Figures 8-29 through 8-32 should be explained.
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Table 8-4. Launch Period Capability Matrix (1000-[b Orbiter)

30_/0A+las H H Launch Lam_ch

Centaur FL, OX P a Period Perlod

Estimates From (103 kin) (IC 3 kin) (Type If) (Type I)

NASA I. 5 "50 0 8

NASA 4. 0 50 0 0

LeRC i.5 5" 60 35

LeRC I.5 Z0 40 Z_

LeRC 4. 0 50 30 Z3

L. Note: Variable loading assumed. DLA _ - 50 degrees (Type 12.

Referring to Figure 8-31, for _xarnple, suppose we wished to determine the available launch

period for a Type I _nission with a useful orbiter mass of 950 Ib5 and a 1500 x 50,000 krn

orbit. Using the3C percent FLOX NASA (original) perforn_ance curve, we would find the

required spacecraft w,_ight is below the performance curve for a launch period of about Z0

days. If l;eriapsis altitude is raised to 4000 krn, thel'e would be no available launch period

(hence no mission) for the NASA performance estimates. By going to the 30 percent FLOX

LeRC (revised) performance curve, however, we could achieve a launch period of slightly

less than 30 days. The implication of Figures 8-Z9 through 8-31 and Table 8-4 is simply

this. Assuming a 30 percent floxedAtlas/Centaur and a nolnin&_ useful orbiter mass of

IO_00 Ibs, a 1969 Mars orbiter mission is feasible (from an adequate welght and laun_ ' period

standp)in%) if we use the LeRC performance estimates and is not feasible for the original

NASA performance estimates, qlearly, we are operating [n a very critical region where i_

is very islpgrtant to understand and define all of the assu_nptions associated with the Atlas/

Centau_ performance estir_ates. Referring to Figure 8-3Z, and de?ending again upon the

launch vehicle perfolxnence estimates it would appear that a u_eful orbiter mass of between

600 and 750 Ibs n_ht be possible for a nonfl._xed orbiter mission in 1969. _n a previous

section of this EPD, the Centaur performance estlmates have been referred to as "original"

and "revised." In this Subsection, the text and figures llave used the terminology "NASa%, ''

and "LeRC. "

It is very J_nporta,,tto point out the effect or changing peria_sis altitude upon the

required separated spacecraft weight at injection. Referring to Figures 8-Z9 throus _.-31, it

can be seen that _n additional weight of about Z50 to 300 Ibs is requ£_ed if periapsis is raised

from 1500 to 4000 krn. At the beginning of the study, existing of'bitlifetime results indicated

that a |500 x 50,000 knu orbit (and dispersed orbits) would exhibit the necesbary 50-year

lifetime, iYea: the end of the study, however, a more dense atmospheric mode[ (see Sub-

section B. 3) was obtained and new lifetime calculations indicated that the periapsis altitude

8-49
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should be increase, to the vicinity of at least 4000 kin. There.fore, in order to utilize

Figures 8-29 through 8-32 in a conserva,ive fashion, the higher periaps_s altitude value should

be assumed.

Figures 8-33 through 8-39 were generatec _ daring the early portion ot the study when

the 1500 km periapsis altitude was felt to Le adequate. These curves .,nay be used, however,

te indicate the behavior of certain orbzter-mas_-.'elated parameters under virious assump-

tions. Referr,ng to Figure 8-33, for example, and assuming a separated spacecraft weight

ol 2000 lbs (NASA 30 percent FLUX and C 3 = 12 kmZ/secZ), the useful orbiter mass is

increased from (0. 411) (?.000) -- 822 lbs to (0.450) (;'.000) = 900 ibs by raising the apoapsis

altitude from 20,000 km to 50,000 km for an orbit pe_-iz,.psls altitude of 2000 kin. Figure

8-34 illustrates the cost of fixed vs variable propellant loading, Figure 8-35 shows the

reduction in useful orbiter mass as the launch period is increased, etc. Figure 8-38 demon-

strates the strong dependency of the achievable mass in _rl,,.'t upon DLA for the Type I

transits. In fact, there are almost an unlimited number ox _ays to present the interdependency

of all of the parameters which affect the achievable mass "n orbit. Figures 8-29 through

8-39 have illustrated several of the_.e dependencies, but there hds not been suffic_-_.t time or

manpower available to prepare a more complete analyser and discussion of all of th_ _. pro-

blems and considerations.

5. General In-Orbit Motion Curves

This Subsection presents severa! curves which should be useful in performing various

q_,-atitative calculations related to orbiter altitude, true anomaly, time from oeriapsis, speed,

orbit-plane precession, orbital period, etc. Figures 8-40 through 8-43 illustrate the behavior

of altitude, time from peria[eis, and horizontal vel.ocity as a functign of true anomaly for

H = 1500 km and various apoapsis altitudes. Orbiter "true anomaly" (see Figure 8-20) is th,.,
g'

angle measured _:_ the o_bit plane from periapsis to the position of the orbit(r. Figures 8-44

through 8-46 depict altitude and time behavior wit.h true anomaly for H = 4000 kin. Figure
P

8-44 shows t.hat the orbit altitude is twice the periap_is altituoe for a true anomal, ._" abgut

80 degrees for H = 50,000 km) and is three time H for a true anomaly of 102 degrees.
a p

Fzgure 8-45 can be used to determine the avaxlable th-ne between particular values of true

anoma,y. Figure 8-47 shows the behavior of orbit period with apoapsi.J altitude, io_- periapsis

altitude values of 1500 and 4000 gnu. And finally, using the equations shown in Figure 8-20,

orbit r_.odal and apsidal precession .'ate m_.gnitude. _re given in Figures 8-48 through 8-53.

6. Pc,tentiaily Attractive Satellite Orbits

InSr.hsection A.I, three Type I and three Type II reference trajectories were described

for _he 1909 opportunity. Alltrajectories were selected so as to achieve closely maximum

m_.ss in, orbit abJtu" Mars for a 30-day leunch period, These six basic transit trajectories

8-50
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Figure 8-,t3. Horizontal Component of Orbiter Inertial
Velocity vs Orbiter Tr_e Anomaly Degrees
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Figure 8-49. Apsidal Precession Rate vs Orbit Inchnation
to Mars Equ, ator
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Lc.-.-c bc=_l referrea :o by 'he symbols I-A, I-B, I-C, II-A, II-B, and II-C {see al_o _zble 3-..),

x/ith the A, Z. C des".gnac-'on simply irL ozder _ increasing launch date. As the three Type II

approach charactcr._stlcs are similar, only II-g w__s selected for generating orbit p'oftles.

The three Type I approach geometries (see Figure 8-2Z f_,r I-A and I-C} exhibit rea_onab,-e

differences, however, such that informatio_t ha _ ._ornetimes be_r. includ:.d ,_ this s,_bsectzen

for eacn _,f_'_cthr_ _ference TyFc i trajectc rie_.

Orbit selection ce,siderations have a.l...adybeen covered in Subsection B. I, and the

apploacn geometry has aeon discussed in 5'absectioh B.2. Recalling this "._fgrm_tion and

referring now to Figures 8-54 and 8-55 the following continents can be made cencermng the

selection of preferred aimlng regions about Mars which should result in satisfying the largest

number of _onstraints.

I) Region A is forbidden as _ r _sult ¢f the contamination constraint which requires

an adequate periapsis altitude to ensure a 50-year orbit lifetime for an unstcr-

ile orbiter. The size of Region A cannot be shown exactly due to the large

uncertaznti_s in £ne high-altitude atmospheric densities: l_owever, the general

size shown is intended to indicate that acceptable periapsis altitudes may be at

lea.stone plm_et radius from the surface of Mars,

2) Region B is undesirable as orbit per9apsis _)ccurs on the dark side of Mars.

5) Re,_ion C is sufficiently near the ecliptic as to result in solar occultation at

corqe time during each orbit.

4) Region D results iw the location of perlapsis occurring at too extreme a

northerly or southerly la Jude, and .he previously mentioned planetary cover-

age conditions (refer to Subsection B. I) are not met satisfactorily.

5) Vie are thus left with regions E and F. Referring specifzcall T to the Type I

situation shown in Figure 8-5,1, region F [s preferr.zd over -egion E for the

following reasons:

a) RegionE does not cover the interestmglatltuae areas just south of the Mars

equator; also, Canopus comes very near the Mars limb.

b) Region E does zesult, l-owever, in a better Earth-occultation situation as

can be concluded from Figure 8-23.

c) Reglon F results in excellent coverzge of the southern latitudes as well as

no danger of Canopus loss due to t_e near Mars limb.

d) Region F has therefore been selected for the r_omlnal Type 1 aiming region.

Referring now to the_Fype ii situation shown in Figure 8-55, regions E, E', and F all

result in fairly good planetary coverage conditlonl. However, Canopus is occulted for aiming

points in region E, thu_ Lhia region may be eliminated. Canopus is above the =,ear Mars limb

in region E', but Earth oeuultation does not occur, thus region E' may be eliminated.
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{

Region F has therefore been selected _or the nominal Type II aLnling region. Having region F

favorable for both Type I and Type I1 missions simphfies the design of a spacecraft which

could be launched on both types of transit should the need arise.

Much of the information which was u_d to generate the forbidden aiming regions shown

in Figures _5-54 and 8-55 is h_zed in Tables _,-5 through 8-7. These tables wcrc ccrnpilcd

during the early phase of the stud_ when it was thought that 1500 by 20,000 km orbits might

be possible. Later in the study, however, increaszd orbiter weight esti.,-nates forced an

increase in the apoapsis altitude, while increased atmospherxc der_sity estimates forced the

periapsis altitude to be raised. From this point on in this section, only 1500 uy 50,000 k_n,.

and 4000 by 50,000 k_m oruits will be discussed. The nominal Type 1 orbit is inclined

'_ 45 degrees below the Mars equator, while the nominal Type II orbit is inclined 50 degrees

below the Mars equator. Both of the nominal orbits may therefore be described as southerly

direct orbits with aiming points in region F. At various places in thxs EPD, the nominal

orbit inclinations are _ometimes referred to as -45 degrees and -50 degrees in order to stress

that the axming points are below the Mars equatox. Strictl) speaking, however, direct orbits

shouldbave positively defined inclinations between zero and 90 degrees. The negative signI
convention has, tLerefore, been used to distingui,da between nvrtherly and sou_.herly aiming

points lrom which the orbit profiles are established. Figures 8-56 through 8-68 illastrate

the appearance of the nominal orbits as vizwed from certain key directions. The geometry

shown applies to the encounter geometry for trar_.its I-B andII-B. The taped boundaries or

'windows" shown on the Mars sphere indicate the desired TV coverage conditions in that (a)

., the upper and lower boundaries refer to the d_sir.zd latitude band from 10 degree.s N to 40

degrees S, while (b) the remaining two boun'-arie,; refer to the ¢lesired lighting conditxons

between l0 to 50 degrees from the terminator. As can be seen froxr Figure £-58, two

acceptable co,,erage regions exist, one near the morning tern, Jnator and the second near the

evening terminator. In all of the figures, _ refe;: s to the vernal equinox direction, "_-poinr_

to Can_pus, ]_points to the Earth, and_is along the approach asymptote at Mars. The model
i

tJ. is oriented in such a manner that the support're rod is normal to the ecliptic plane.

Referring to Figures 8-56 through 8-61, w ,_. wit] now discuss the features of the nominal

Type I orbit profilo. Figure 8-56 illustrates the view along the approach asymptote and shows

that the orbit is inclined 45 degrees to the Mars equator. The orbit shown is the 4000 by

50,000 km orbit. Most of the figures do show the larger orbit, although the 1500 by 50,000 km

orbit is also shown in some of the figures. Figure 8-57 simply illustrates a general view of

the 1500 km orbit, and it can be seen that periapsis is located over the evening terminator

coverage zor.e. The small bands along the o, bit ellipse mark the 2xH and 3xH points.
P P

Figure 8-58 shows the very interesting view as seen along the Sun-Mars line, and it can be

seen that no solar occultation occurs. Figure 8-59 shows the view along the Eartb Max's hne,

! and it ca,, be seen that the Earth is occulted for a short time during the orbit. This occulta-

tion ends after several days, Figures 8-60 and _-61 _llustrate views normal to th.- 1500 km
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and 4000 krn orbits. These views, show again the Type ! coverage beinF preferred near the

evening terminator.

Referring Lo Figures 8-6Z through 8-68, the Type II orbit features will no,vbediscussed:

Figure 8-62 shews the _iew qong the approach asymptote, and the orblt plane _s inclined

about 50 degrees to the Mars equatorial Diane. The e_celle:It view situation to Canopus

(regarding the limb of Mars) is shown clearly in this figure. As mentioned earlier, however,

the orbiter would pass periodically over the Moons of Mars which are travelling in near-

circular orbits in the plane of the Mars equator, Figure 8-63 depicts a general view of the

orbit profile, and the smaller-H orbit has been shown to better illustrate the geometry of
P

features beneath the orbital path. Figure 8-64 illu_trates the general view of the ]arger-H
P

orbit. Figure 8-65 illustrates the view along the Sun-Mars line for the larger orblt and

clearly displays the avoidance of Sun occultatio,,. As w_ll be discussed later, Sun occultation

does not first occur until at ].eastthree months _ollowing initlal orbit establishment.

Figure 8-66 illustrates the view alon_ the Earth-Ma_'s line and indicates that Earth occulta-

tion does occur for a short tirne during the orbit. As in the case of the Type I orbit, Earth

occultation terminates in less than one month following orbit establishment. _ir.aily,

Figures 8-67 and 8-68 illustrate views norrnal to the orbit plane. .Ttcan be seen that the

initial).,c,ttionof the £ype II orbit pemapsis really favors neiLner terminator. However, the

orblt precession rat,_s due to Mars oblateness are much lower than tb_ motion of the ter-

minator (due to Mazs'n ut[on around theSur) o_ch that the morn,ng Lermina_o_ _noves at about

0.5 deg/day towards the sub-periapsis point. Inth_s se-_se, the Type II or'_itprofile does

tend to favor coverage near the rrorning terminator by several weeks (Jllowing i_itia! orbit

establishment.

Mere detailed information is given in Tables 8-8, g-9, and Figures 8-69 through 8-76

_, concerning the nominal orbit profiles. Tabi._ 8-8 illustrates the effect of a 500 km dispersion

at periapsis for a 1500 by 50,000 km orb ;_. Removal of the nonliual retro velocity for the

inner dispersion results in a I000 by 35,000 kn_ orbit (period = Z6 ],is), while a 500 km outer

dispersion would result in a 2000 oy 80,000 _Tn orbit (period = 78 hrs), As shown i_ Table

8-8, Sun occultation does r%_ occur for at least 90 days. With a _nore probable orbit peri-

ap._° _....L_= :f _.,_. K, _ Sun occultation would occur even late:. The higher periapsis

altitude would also inc_.:_se the minimun near-limb angles to Canopus but weald reduce the

chan_._s for Earth occultation. Table 8-9 gives certain orbit :'ientationangles re_erenced

to the Mars-Sun linu =Dd the ecliptic plane, Figures 8-69 through 8-71 i_;ustrcte the general

TV coverage situation for various orbi£g. In Figure 8-69, for exampl_, it can be e,een that

pictures would be taken _ithin 30 degrees past periap%is during the early orbits bu_ would

move f_rther past periapsi,, in the following wee]_c, F_gure 8-70 shows the Type iI

southerly-di-ect orbit coverage situation, and it can bc seen that periapsis is not near the

,_ acceptable region at encounter, but cond_.tions improve in the fo_lowing weeks from the

standFoint of being able to cover 'he -_'egionnea__ the morning t,_.r_ninatorat reasouable orbiter
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Figure 8-72. Sun-Spacecraft-Planet Near-Limb Angle vs Orbiter True Anomaly,
Mars 1969 Type l-B, No_ninal 4000 by 50,000 kin, Ir,c]ination = ¢45 Degrees
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i Figure 8-73. Sun-Spacecraft Near-Limb Angle vs Orbiter True Anomaly,

':_ Mars 196Q Type H-B, Nominal 4000 by 50,000 kin, Inc. = -50 Degrees
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altitudes. Figure 8-71 illustrates the coverage geometry foi- a northerly-direct Type II orbit.

There is excellent north-to-south coverage for about the iirst 40 or 50 days, but these

nertherly o_bits were not selected because of the less attractive Canopus situation and also
i

because of thv absence of Earth occultation. It would not be unlikely, how_,,er, that a change:

in emphasis or certain assumptions could make d_ese northerly-direct shots (upper portion of

region E' of Eigure 8-55) possibly more attractive than the southerly-direct orbits.

Figures 8-72 through 8-76 are automatic plots from the Planetary Orbiter Study Plo-

gram and demonsLrate typical methods which are available for +he presentation of the long-

term behavior of certain key-orbit paranleters. The curves of Figure 8-7Z represent single

orbits at 0, Z0 .... 180 days following initial orbit establishment. It can be seen that Sun

occultation does not first occur until about 110 days after encounter, and ends approxi£nately

160 days after encounter. As the plot program connects data polnts withstraig}_t lines, some of

the curves are not as smooth as they _houldbe. The length of Sun occultation during an orblt at,

say, 120 days after %ncounter can be determined by noting the true anomaly values wkich

bound the occultation and then referring to Figure 8-46. The time required t,Jgo from a true

anomaly of Z0 _ to 215 degrees is the same (because of symmetry) as the time between 145

degrees and 153 degrees. From Figure 8-46 this time wo_dd be about 140 minutes. Figures

8-75 and 8-76 were used jointly to obtain the coverage information displayed in Figure 8-70.

7. Type I vs Type iI Trajectories

The Type I trajectories exhibit the following advantages over the Type II trajectories:

1) The flight times are shorter by about 3 months.

Z) The orbit-determination accuracies (Subsection 8. C) are significantly better

during the early portion of the flight, and trajectory dispersions at i_lars are

much less sensitive to maneuver execution errors.

3) The Type I trajectories arrive before the "wave of darkening" has completed

its northward progression.

4) Tl.e earlier el-rival dates result in shorter Earth-Mars distances at given

times after encounter.

5) The low-gain antenna geometry is better during the early part of the flight.

6) The coast times are shorter, hence less Centaur boil-off losses.

7) Except for the fact that the morning terminator may be slightly preferred over

the evening terminator, the Type , satellite orbit pro_,[e exhibits better plane-

tary coverage (latitude, lighting angle, and low altitudes near periapsis) during

the first month following initial orbit establishment.

8 -96
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The Type II trajectories exhibit the following advantages over the 1 _,pe I trajectories:

8) For launch periods in excess of about 15 tq Z0 days, the Type II trajectories

realize a slightly larger mass in orbit. Or, equivalently, for values oft

orbiter mass less than a certain value, much longer launch periods (see

-_ Table 8-4) can be achieved by using the Type II transits.

9) The Typell trajectories can utilize the conventlonal southeast launch azimuths,

thus maintaining minimum kill probability levels.

I0) With respect to variable propellant loading, the Type II mlssion'vo_id not need

to on-load fuel until the latter portion of the launch period, whereus the Type I

mission would require off-loading earl) during the period.

ii) In the event that variable loading is not feasible and fixed loading must be

assumed, the Type II mission exhibits more flexibility in terms of being able

to establish tighter orbits at Mare ;or launches during the early portion of the

firing period, as the Type 11 trajectories start out with the lowest approach

, speeds at Mars.

12) The geometry is more fay(table for pointing the high-gain antenna towards th_

: Earth during the orbit-insertion attitude.

13) The potential exists for obtaining good north-to-south coverage (see Fig,,re

8-71) for northerly-direct orbits if Canopus can be allowed to come near the

Mars limb. Also, the currently selected Type II orbits favor the morning

terminator by a month of so after encounter.

14) The Earth-occultation geometry is slightly better for the southerly-direct

! Type II orbit profiles.

8. Summarizing Remarks

The significant points covered in Subsection VI!I.B may be summarized as follows:

I) Paragraph B. I dlscussed the many factors which must be carefully con,.id_:red

in order to arrive at an acceptable orbit profile. One of the strongest faeI.ors

revolves the selection of a nominal pertapsis altitude which is of sufficien'J
height to ensure an orbit lifetime of 50 years.

Z) Paragraph B.3 concluded that, if the NASA "maximum" atmospheric density

I .model is assumed, the periapsis altitude must be in the region of 4000 kin. It

was also _,oted in this subsection that it _s extremely important to agree upon

! and defi_e a standard high-alt_tude density h_.odelto be used m future orbiter

i , studles .

3) Paragraph B. 4 concluded that a 10D0-1b orbiter m1_;ion is feasible with the

[ 30 percent FLOX LeRC [revised) estimates, but not with the 50 perce,nt FLOX

original NASA. performance estimatus. These two sets of performance
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estimates differ in injectea paylog, d capability by nearly 4:0 lbs. We are

op,._rating in a very critical region, and slight changes in wtrious assumptions

have strong effects upon mission feasibility. The Type I a, hievable mas_ ;u

orbit is a very strong function of the DLA assumed, and no'theast launches

" must be used. Increasing the periapsis altitude from 1500 _-n to 4000 km

requires an additional injected -weight of Z50 lhs in order tc achieve the same

final useful mass in orbit. Assigning a 30-day launch per-od "_or either Type I

cr Type lltrajectories, the use of variable propellant lolding (as opposed to

fixed loading) results in a ga:'nof 60 to 70 Ibs of u_eful r,lass in orbit.

-% 4) ]._aragraph B. 6 illustrates potentially attractive orbit profiles x_hich s=.;_f:_

.._nostof the desired constraints. Increasing the periapsis altitude from

1500 km to 4000 krn improves the Canopus geomet*y and delays Sun occultation,

but the chances of performing an Earth occultation experiment are diminished.

Southerly-direct orbit profiles appear the most attractive and result in good

coverage of the preferred southerly Mars ],Ltituderegions.
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C. ORBIT DETER_/IINATION

1. Summary

From a preliminary analysis of three 1969 Mars orbite, traje_'qrles, :t appears that

there is a significant difference in the orbit determination accuracy betwee'_ the Type II

trajectory and the two Type I trajectories. This difference is eapec_aI_y noticeable in th_

earlier portion of the fhght. The discrepancies are much less pronounced xn the tater pot-

: t_ons of the trajec:ories.

Z. Assumptions

This section presents the results ot a prehmlnary orbit determination accuracy study

made using three representative trajectories for the Mars 1969 orbiter mission. Two typical

Type Itrajectories _,re compared with e T_pe II. Each of these was used to investigate the

improvement in orbit determinatl-n accuracy to be expected from using a smaller assumed

_' noise on the data.

TRAJECTORIES

i Designation: I-A I-C II-B

Type: I I It

: Launch date: March 7, Ig69 April 4, 1969 January Z4, 1969

Arrival date: Sept. 7, 1969 Oct. 3, 1969 Oct.. 23, 1969

Fhght time (days): 184 18Z Z7_

Inclindtionof orbit Z.93 Z.41 3.34

to ecliptic (degrees);

.'tionenergy C 3 8.87 16.il lI.98
..... _Z/secZ):

The trajectorieswere run using the following spacecraft constants:?

mass = 908 kg

area = 13 rn _

i I'B = O.096

!
CONDITIONS USED

Range-rate data were taken from Goldstone and Johannesburg, using an uncertainty

! first0.01 meter/second, theD of 0.001 meter/second in the measuren.ents, corresponding

i to a one-minute sample rate and count time.
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The following at priori uncertainties were assumed on the values of the physical con-

stants estimated:

uG -- . 055

rAU -- 300 km

Station locations:

_'RI -- 5 meters (radius)

_LO = 5 x 10 -5 degrees (longitude)

The trajectories were started at five day_s from injectiou, at which point it was assumed

: that a midcourse maneuver had resulted in a spherical dispersion of 50 km in position (to

_:_ = simulate earth ephemeris errors) and 15 meters/second in velocity. Subsequent maneuvers
- _ _t

.:,_ _., = Were introduced at injection +30 days and at encounter -10 days. The orbit corruptions due

- "" t0 these maneuvers were taken, respectively, as 50 krn in position and 5 m/sec in velocity

f: : : - for the second maneuve*, and 50 km in position and 0. 1 m/sec in velocit,: for the third maneu-

ver. The velocity perturbations assumed for the first and second midcourse corrections are

' _ very pessimistic, as the expected midcourse velocity errors will be about two orders of

magnitude smaller.

": ,_ - : 3.: Discussion of Res_tits

Upon examination of Tables 8-10 t_rough 8-13, one first notices that there are signifi-

_cant differences betweer, the trajectories, particularly in the semi-major axis and the flight-

, tnme uncertainty. The most striking difference is that of the Type U trajectory compare_ to

the two Type I's. There is, however, a smaller but still noteworthy discrepancy betwee_ the2

_ '-tw_Type I trajectories. The orientation angle shown in Table 8-1Z is measured clockwise

from the T axis to the major axis of the uncertainty ellipse.

_- These differences have not as yet been fully explained. One reason that the Type, II

trajectory dispersions are so much larger than those for the Type I trajectories is that the

longer flight time for the Type 1I magnifies the effect of the uncertainty in the soIar pressure.

._'aother factor that must be taken into consideration is the approach geometry. For

_ trajectory I-A the incoming asymptote lies very near the Earth-Mars line, while that of I-C

• is approximately 33 degrees away from this line, and II-B approaches about 60 degrees away

"_' .. fro.Lu the Eay.th_:._.lars line. This indicates that astronomical unit uncertainties should map

_ prh'narily into position errors Mong S (eqaiva_.ntly, fright-time errors) as opposed to dis-

persions normal to S (errors in the R-_," plane).

.- _ 8-I00
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1

Table 8-10. Semi-Major Axis of Dispersion Ellipse (Kilometers)

Trajectory H-B I-A I- C

-_ (m/sec) 0.01 ! 0.001 0.01 0.001 0..01 0.001i

Injection +10 d 4363 1,_69 193 87 642 180

ZO 1,018 525 90 8Z 189 117

30 711 428 84 81 15Z 109

30* Z6Z, 565 262,563 50,369 _,_n_n 85,125 8_,_48

50 855 374 Z15 115

100 Z59 180 87 63 116 45

150 Z37 77 71 14 82 iZ

Z00 85 9.3 i

250 I 32 3.3 i

Encounter -I0 d Z8 Z. 9 51 8.6 73 II

-I0_ 104 101 IIZ I00 118 94

-Z 83 38 103 33 llZ 43

-g h 75 19 94 Z9 99 34

-I h 72 19 9Z ZZ 98 Z7

-30rn 63 9.7 35 4 38 4.5

'^ 16 I. 9 Z. 9 0.44 3.5 0.39, • v *z.

' i

Encounter E 6. Z 0.68 0.43 0.06 ; 0.49 0.05
I

_'2Lfter maneuver. The preceding values (at _.he same time) refer to the accuracy
immediately before the maneuver.

i

!

_- 8-101
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Table 8-II. Semi-Minor Axis (Kilometers)

Trajectc_f II-B I-A t I-C
al_ (rn/sec) 0.01 0. 001 0.01 0. 001 0.01 0. 001

Injection +I0 d 221 62 12! 22. 139 75

20 6Z 30 38 12 73 23

30 51 78 Z3 8.0 37 6.9

30* 26,833 26,818 42,952 42,952 35,728 35,724

50 114 22 90 20

100 54 7.9 16 1. 9 5Z 11

_ 150 37 4.2 i2 1.4 43 78

ZOO 28 3.1

250 23 2.4
I

Encounter -10 d 21 2. Z lZ I. 3 3Z 4.6

-10. lOZ 100 101 i00 98 93

-2 46 26 46 22 5Z 31

' -Z k 4.4 0.76 8.8 1.4 5.0 0.87

[. -1 h 1.4 0,20 2.0 0.26 1. Z 0.16

: -30 m O. 52 I O. 08 O. 50 O. o5 O. 38 O. 05

_ -10 m O. 17 O. 04 O. 13 O. OZ O. 06 O, O1

_ Encounter E 0. 17 [ 0.04 0.07 0.01 0.01 0.00

-¢

T 1, w =
k

:_ *A-fter maneuver. The preceding values (at the same time) refer to the accuracy

; immediately befo "e the maneuver. _j

4

}
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Table _-! 2. Orientation Angle (Degrees)

(Measured Clockwise from T to Major Axis)

I

Trajectory II-B I-A [ I-C.=

el_ (m/see) 0.01 0. 001 0.01 0. 001 0.01 0. 001

Injection +10 d 34 34 15 {_4 10 178

20 31 30 62 65 171 150

30 30 29 66 65 !56 149

30_ 26 26 86 _6 167 167

50 24 25 141 150

100 18 Z2 71 69 142 161

150 19 22 69 68 1Z6 113

200 10 I l

250 150 149

Encounter -10 d 130 128 7Z 70 llZ 10O

-10 _- 14Z 175 72 4 113 156

-Z lOZ 4 9Z 88 101 108

-2 h 97 98 92 90 90 89

-11 h 98 98 92 91 89 89

-30 m, 97 97 93 94 90 91

-lO m, 96 96 98 96 94 94

Encounter E 96 97 112 116 98 98

*After maneuver. The preceding values (at the same time) refer to the accuracy

i! immediately before the maneuver. A

i

I

J
[
!

8-103
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5

Table 8-I 3, Flight Time Uncertainty {Seconds)

Trajectory II-B I-A I-C

¢I_ (m/sec) O. Ol O. 001 O. Ol O. OOl O. Ol O. 001

I ....Injection +10 d 1Z29 504 123 53 341 104
|

20 274 IZ8 74 49 98 l 75

30 186 106 57 48 82 71

30* 68,706 68,661 31,624 31,624 31,219 21,159

50 Z IZ 88 85 74

I00 61 44 54 39 75 33

150 57 19 41 7. 0 45 o.Z

• i 200 ZO Z. Z

Z50 6.2 0.64

Encounter -I0 d 48 0.50 2:4 3. I 28 3. I

-I0" Z6 Z6 33 Z2 37 Z5

-Z 9.8 8.0 3.8 I.I 5.7 Z. 6

-Z h !.2 0.26 Z. 7 0.90 Z. I 0.69

-I h 0.89 0. ZZ Z. 7 0.64 Z. 0 0.55

! -30 m O.t_O 0.12 0.94 0.1_ 0.77 0,09

i -I0 m 0.19 0.0Z 0.04 0. 01 0.07 0.01

{" Encounter E 0.13 0.01 0.01 0.00 0.05 0.01

_After maneuver. The preceding values (at the same time) refer to the accuracy

immediately before the maneuver.

¢

i

!

i
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Pending an investigation of the relative effects of the separat_ error sources, it

appears that the most promising explanation of the large differences in accuracy is to be

found in the geometry of the trajectories relative to the Earth. That is, the direction c+f the

range rate measurements with respect to the critical plane must be examined, if tt is found

t that the range rate measurements are being taken nearly perpend:cular to th_s plane, the

disp_rs:ons will be larger than the uncertainties corresponding to a case where the measure-

• ments are taken closer to the plank.

As a result of the unusually l_rge Type II orbit determination uncertaintie_ early in

flight, it was decided to assume a more optimistic midcourse velocity corruption of 0. I

meters/second. For this case, range-rate data (c,R = 0.01 m/sec) were fitted for the period

from injection to injection plus thirty days, with a maneuver at five days introducing corrup-

tions of 50 km in _ositior, and 0. I meters/second in velocity. The Earth's gravitational

constant was estimated in addition to the other parameters, since the near-Earth portion of

the trajectory was included. The a'priori uncertaintzes used were:

_X : aY = mZ = Ifl00 km /essentially no

c,X = _Y = _ = I00 kin/see (a'pr_ori knowledge
..... _J,___Z

_G = 0,055

=AU = 300 km

_RI = 5 meters

¢,LO = 5 x 10 -5 d_grees

the same case was also run using a reduced AU uncertainty of I00 kin, and the results are

given in Table 8-14.

Comparing these results with the earlier tables, mt can be seen that the use of the,,

•) smaller maneuver uncertainty results _n an in_r_rovement by a factor of al_nost three atj

I + I0 days, but that this difference has virtually disappeared by I days. It should be

noted at this point that standard orbzt determinatiou policy is to melee no assu£_ptions

regarding the accuracy of the maneuver and, instead, to let the orbit determination techniques

re-establish the orbit.

i
i

It is very Lmportant to r,ote that no significant improvement is achieved b_ using the

smaller uncertainty in the astronomical unit.
S

!

The same case (with oAU = 300) was used to examine the relative eflects of the various

error sources. To do this, the set of estimated para_neters was varzed, all other factors

.+ being held constant. The sets used are as follow_:
]

J
I

) 8-1o5

t

_1 UL_ _ _ _. . , +,

"._....... ,+ - ..-++++:._+._+,_;.,+.-+....... _..,. .=.._++._ ,,,++++..
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Case Designation A B C D E F

] Posltion and Velocity X X X X X X

Earth Gravitational Constant X X X X

Solar Pressure Constant X X X X

Astronomical Unit X X X X

Station Locations X X I I X I[ X

Table 8-14. Trajectory L[-B

Time Semi-Major Axis Semi-Minor Axis Orients'ion of [ Flight Time Uncertainty
(kin) (kin) Major Axis [ (sec)

(deg)l - [
_AU ,km) 300 I00 300 100 300 [ 100 [ 300 100

Injection+ 2d 1009 985 70 58 33 [_l Ii 307 30Z
I

5 724 690 46 28 3Z 33 _.13 206

5 (M,'C) 5848 5844 622 6Z2 31 31 !743 1742

I0 1679 1665 78 68 33 32 483 480

15 _029 1006 52 3P _ 32 33 283 278

20 830 802 43 2 ] 3? 32 219 212B

I

25 749 718 39 22 [ 31 : 193 185

. , 30 697 664 3"/ Z0 31 _Z 178 16q

Case F, with all the parameters being estimated, is the case tabuIated above; ",t is

? included here and xn Tables 8-15 through _-17 in order to facilitate comparison. Orientation

an_le has no! been shown in the tables, as it was between 30 and 35 degrees for all of the
[
s cases.
?

"; 4. Concluding Remarks

<:

It is apparent from the results in Tables 8-15 through 8-17 that until about the time of

_, the maneuver, solar pressure uncertainty is the largest contributor to the semi-major axis

; and flight-time uncertainty. After the ,_naneuver, however, station location errorn become

, increasingly important, soon dominating th_ other error sources even though the assumed

i uncertainties in station locPtions were quite small. It is interesting to note that the contribu-

tions due to the astronomical unit and the Earth's gravitational constant are relatively minor.

: 8-106
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Table 8-15. Semi-Major Axi_ of Dispersion Ellipse (Kilometers)

A B C D E F

+ Z d 697 999 787 982 969 I009

5 336 648 462 I 686 681 724

5(M/C) 5813 5840 58_.Z 5844 5843 5848

I0 1528 1651 1610 1663 1607 1679

15 841 1016 977 1003 907 1029

20 590 _""_,, ,83 798 660 830

25 460 739 689 714 551 749

30 376 684 62Z 659 490 697

Table 8-16. Semi-Minor Axis (Kilometers)

A B C D E F

+ Z d 47 66 70 56 70 70

5 20 46 44 24 45 4_

5(M/C) 621 622 622 622 622 622

10 64 78 78 67 76 78

15 30 52 50 36 50 52

20 17 43 42 24 41 43

25 14 39 I 39 19 36 39

30 12 37 37 16 33 37
I

Table 8-17. Flight Time Uncertainty (Seconds)

A B C D E F

+ 2 d 211 307 230 3Jl 301 307

5 96 190 124 Z05 206 213

5(M/C) 1732 1740 1734 1742 1742 1743

I0 440 473 459 479 467 483

15 238 280 272 277 255 283

20 163 217 210 211 180 2!9

25 125 191 180 184 148 193

30 101 174 160 168 130 178

8-107

,a

1965018274-182



Section VIII EPD-ZC0

The question will undoubtedly arise as to whether the extremely snlall dispersions near

encounter are to be trusted. At presents this cannot be answered with _ny degree of confi-

dence, qhe rnodel presently in use includes the effect of.astronomical unit uncertainty on

the target planet's ephemeris, kit does not take into account othzr uncertaintzes in the

ephemeris, l'hese are currently estimated as about 50 krn in each of three coordinate direc-

,tons, Adding a 50-hzal spherical dispersion to the probe's co%.ariancu matrix at the %zme of

the final ,naneuver is an attempt to account for this ephemeris un,._rLalnty. Thls problem

will ba handled ;n'_'cbmore readily when the planetary ephemerldes are added to the orbit

determlnatlon piograrr, as parameters to be estimated. The t_r_et date for thls addition is

June, 1965.

Referring again to Table 8-10, it can be seen that the 8emi-m_jor axis is determined

to bette, than I00 k.m (la) by several week¢ b__fo,e encounter. If w;.lhng to perform a suf-

ficient •_umber o1 midcours_ correctzons (two or _ometirnes three) so as to approach the orbit

determinat:on knowledge, it should therefore be possible to achieve 5_ accuracies at Mars

of the order of 300 kin. Practical considerations, however, such as tke numbez of maneuvers

performed, required trajectory biasing, maneuver execution times, etc., may prevent the

actual accuracy from being quite this good, hut perhaps 500 km is a reasonable value which

can be realized.

8-108
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D. MIDCOUKSE GUIDANCE

1. Introductiun to Guidance Policy

_ The prem_s _lon analy._is of midcourse guidance must attempt to provide concepts and

data which relate to the following:

?

i) l_he number of i,ecessary midcourse n_aneuvers.

Z) Yhe Iinles that these maneuver_ should be executed.

3) The acceptable bounds for midcourse execution errors.

i 4) The degree of accuracy that may be expected at the target.

In premission studles, the velocity errors wbith u,ilibe corrected by the firstmid-

course maneuver must be formulated in terms of a random variable. The errors introduced

in the executlon of this maneuver will consist, in part, of rando:a% errors proportional to the

magnitude of the maneuver. Consequently, the errors remaining after the flrst maneuver

will be partially composed of execution errors proportional to the product of random vari-

ables, a decidedly non-Gaussian distribution of errors. _The conslderation of further maneu-

vez.z oply aggravates the already complex probability distribution. Analysis of the multiple
)

, maneuver probiem must therefore utilize either a complex technique such as Monte Carlo

; analysis, or a series of tractable approximations to the actual probability dlstribution. The

! latter technique will be employed in this d;scussion of the midcourse gt*idance policy for a

1969 Mars orbiter ._,z'.is_iu,i.

Any _cceptable maneuver policy must satisfy the currently specified NASA constrailtt

that the probabilty of an unsterile spacecraft impacting Mars must not be greater than 10 -4 .

This constraint will necessitate a translation of the aiming point for the first nlidcourse

maneuver, because of the possibility that later maneuvers may fail due to deterioration of

the spacecraft. The translation of any maneuver aiming point away from the final alrnlng

poiz_twill be referred to as "biasing" of the a_ning point. As _,,eshall subsequently demon-

strate, this biasing will have a degrading effect upon the resultant accuracies at the target.

bielative to lhe above considerations, the maneuver policy for a typical multiple maneu-

ver mission would entail the following sequence of events: The first mane,/vcr would ".c

executed when a sufficient quantity of Jrbit determination data had been accunlulated and

processed, typically within a few d=}s after injection. The approximate size of the necessary

maneuver would be calculated, and thus the approximate execution errors could be expresszd

in simple Gaussian form. The actual aiming point would then be determined sut.h that the

overall probability of impacting the planet (including the estimated reliability of subse-

quent n%aneuvers) would not exceed 10 -4. Th,.• first maneuver would then be execuled, and
|

tracking of the spacecraft would continue. .'[.hesecon,_ maneuver, which would remov:, the

bias and execution errors of the first maneuver, could be made when the orbit d_'_rmination

8-109
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uncertainties had diminished sufficiently to e,_Q,,_'e.... the desired final accuracy. This might

occur as early as 20-30 days after injection, or as ]ate as a few weeks p_o_ to encounter.

If the _rrors in the second maneuver were still too great, a third maneuver might be

required. The execution of the second and, if r_qulred, the third maneuver would be deter-

mined by an adaptive policy, i.e., the times of execution would be decided during the evolu-

tion of the flight.

2. Midcourse Veiocity Allocation

The 1_ first midcourse velocity requirement to correct for Centaur injection guidance

errors should be on the order of 10-15 meters/second. In order to maintain a _ufficient

correction capability to handle certain non-standard errors (in addition to the expected ran-

dom errors) that do not abort the mission and that can be corrected, given additional mid-

course fael, it is usually wi_e to carry more nearly 5,, than 3_correctlon capabihty. This

allowance would be particularly important ii the midcourse propulsion system was separate

from the main retro propulsion system. This would then say we should allow somP _0-75

_.e._rs/__e_'ond to nandle the first midcourse correction.

The performance of a s_cond midcourse correction (to handle dlspersio_s an_.d adjust for

biasing of the aimin_, point) should require at most only a few _n_Lersl _unc _._ appli,_d earlier

than about a month or so before encounter. Corrective velocity requirements _;'ouLJ only

begin to increase appreciably if a "moderate" correction _-as pl_.med during the last iew days

prior to encounter. Even in the unlikely situation of attempting to change the aiming point

by as much as 10,000 .krn with a maneuver as late as E-5 days, still only some Z5 meters/

second would be required. In summary, then, the total correction velocity capab,iitl" which

snould be allocated for the 1969 mission has a minimum value of about 50 meters/second and

a maximum value of 100 meters/second. For planning purpose._, the lower figure of 50

meters/second may be used _hen the mldcourse fuel is taken from a single large tank wh'_cb

supplies the retro f'_el necessary for orbit establishment. On the other hand, in the e,'ent

that a separate mldcouvse propulsion system is required (as a result of using a sohd retro

motor, for example), it is mandatory that an adequate allowance be carrle_. In this latter

C_ sltua¢ion, 100 meters/second iL* recommended. If a very tight payload situation should exist,

_ however, it may be possible to back of_ on the 100 meter/second figure down to perhaps

i\ 75 meters/second.

3. The Firet Maneuver and its Execution Errors

The magnitude of the first midcourse maneuver will be determined by the accuracy, of

:_ injection. P_e_ent estimates of the Centaur in_ecticn errors have placed the "figure of merit,"

i.e., the RMS veloc_tymagnitude needed to correct injection errors, in the region of about

"_' 10 meters/second.

4 8-110
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FOM = = r V 2. + V 2 ; 10 meters/second

,_ > z

If the injection errors are assumed to be spherically distributedff _.e,, equally distribu-

ted in all directions, then:

V Z :- V 2 = V 2 33.3 meter's /sL.cond
X y z

The performance of the Grst maneuver ,_,ili be accompanied by errors due to imp_._rfect

execLtion. Estimates for typical execution errors are:

Proper tlonal errors:

(¢ = .01 = standard d¢vlation oi proportional shutoff error

cp = .01 radians - standard deviation of per axis pointlng error

! Non-Proportional errors:

•', ¢r = "05 rn/s = standard deviation of shutoff resolutlon error

In JPL T.M. 312-155, C.IK, Gat,_s has des_rlbed a method for computing the second

r,,oment of the resultant non-Gausslan c_ecuLJ_n errors. He has shown that the covariance

matrix of execution errors is given by: #'_

Where:

(, = standard deviation of Fropc, rtlonal sh_toff error
S

_p = standard dcviatlon of per axis pointing error

_ = standard deviation of shutof. _ resolution error
r

h = covariance matrix of midcourse cc_'rections
%

= mean square velocity magnitude = (FOM) gV z

I"= covariance n%atrix of direction cos pes of :tiemidcourse correclion

If we assttme that the velocity correctio_ ; :Lre sphericai!y distributed, the above

equation reduces to:

2

Av-exec = _exec. I

! _P.ecent studies have demonst_'ated that _his Js 9 reasonable approximation.

_'The effect of autopilot errors has been excLuded.for the purposes of this _tudy.

8-Ill
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where:

-: "_ _e_xec. =_/1/3 _¢r_ + 2e'p2) (FC)M) 2 _-. ¢r/]

¢¢exec. = second moment of per axis execut.;on error,

Using the values ot _s" _' _r and FOM we have quoted earlier, ,, _ conclude that:

=,-- : 0. 104 meters/second%xec.

_ = = The resolution error, _r, contributes only 0. 004 meters/second to this total. We may,
_" : .... -_ therefore, approxirrr_.t6 _l_e total second moment by 0.10 meters/secona and, effectively,

:- .- . " __ignore the -_.bntributio_ o_ the resolution error for the first midcourse correction.

_i_::-_. \_::;:\_ _ .; --Vci0citfjer_ors a_ th_e__iaeours._- time (a few days after.injection) may be mapped into

_..__ "_." - . _._._r_=-dxnale dlsperslons at the ta!ff_.t using the JPL Hehocentrlc Conic Program, which com-

_._J . . p utes4/*e partaals of target mlss wlth respect to veloclty aevlatxons along the standard tra-

_ _ __:-: ,i jectory. The'reFult of this mapping is a dispersion ellipsoid at the target, which may be

_-_--._'_- :, .-_.. projected on to--_he R-T plane to ascertain the magnitude of the miss components. Table 8-18

• -o.--. -_- _ presents-the resultant eUipses, Which are obtained by znapp._.ng a spherically symmetric

f_:":"=t/:-_'_:-_eio_ity covariance matrix of . I0 mete'_s/second (each axis) to th: g_rget for each of the six

!_ "" :_f_ -::traject0ries-being'studied. Figure 8-77 illustrates-the behavior of this n:apping (semi-major

3 _:'.--_",= _, _.afl':sdispers_on only)over the entire Murs- 1969 Type I and Type iI trajectory space. The
<' _ Type II trajectories exhibit sensitxvities (in the _cmi-majgr axis) to veioc_.tv errors (applied

- a few days past injection ) of 3 to 4 times those of the shorter flight time Type I trajectories.

- _ _ Table 82i-8.- _Typical Dispersion E,'_ipses Due to First Maneuver Execution
Errors of 0. I meters/second per Axis

/ •

- _: . Trajectory . I-A I-C [ II-A Li-B II-C

1. " Semi_najor axis' 2200 , l_t70 1940 _.5200-- 5909 ' 6700

_'_L"-" "'- : - Semi-n.i_,,ar axis 760 800 I '500 _20 530 560

_-_'i - Or feniati0n clock- l -47- I 129 1 160 _25 29 29
!

-_ wi-e, from'T (deg) [ _" I , "

-_-,-'; _-zz-__._ - _ - It _s zrnportant to emphasxze that riTe-execution error d_str_hutxon calcu .:,_ed m th_s

-_j_-___'C_"_r_ission analysis_is decidbdly-_on-Gaussian. Tb_ second momen_ c£_tl_edistribution tnat

:"'::_",_.--"" _.h :c_Cu "edo_,hove-is,:thesecond rndm--_nto_'_he-adt-ualdislribution. The usual con-

_:_,_: :[:':_. " _ 'ciusions about, a_sdlari probabilities_cannot be-exte_n_do4 _o other properties of this distribu-

--z - tJ,:'.. " , pa_ticu_dr,- we-_a;,_uot construct simpl_-_3¢ ellipsofds-and expect them to describe
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: A brief general investigation of this non-Gausslan probability distribution Is presented

here. The dis'.rlbution of execution errors, produced when random proportional errors are

multiplied by random velocity corrections, forms a Bessel function of the K ° type, which

possesses significantly larger probabilities at the extremes of the di_trlbution. In partzcuiar

let us consider the one-dLmenslonal case whe:e _V = *Y, and sand \r are both Gavs_iav

variables, t oescribes the proportional error, V describes thelclagnJtude of the maneuver,
i

and aV the resultant magnitude of the error. We can show that:

_' Pr (SV) = :¢vleev Ko 8(_-%-_v )

where K is the Bessel function described above.
O

An_" 00

Pr (SV> 8V o) _a I u Kov \ * v/0

oo

fx (t) dt are tabulated in various tables. In particular, from the, eThe value of the K °

tables we may conclude that if:

8V
o >6.7,

_* Uv

then:

Pr (SV> aV o) < 10 -4

Therefore, in th _. one-. ,imensional case, we may pick a limit, 8Vo, such that the proba-

i bility of a 'r oeing greate_ than this 8V ° i3 less than some prescribed value, for example, i0 -4.

Thi_ t _,__. dimensional case may be extended to the three-dimensional spherically dis-

'i tribu_ed case in the following manner: If we assume spherically symmetric velocity incre-

ments and error sources, the probability of _any one component of the resuitant product of

random vari;tbles being greater than 8V is less than 10 -4. Geometrically, we may say that
i o

8V ° is the radius o£ a sphere such that, if a plane is constructed tangent to this sphere at aay

point, the probability of the vector 8"-Vextending beyond this plane is less tn¢,n !0 -4.

;I
We may now extend this concept of the non-Gaussian probabilit_ lirn:ts to the problem

_, of the execution errors resulting fron_ a maneuver. For the present, we will assume that

I the dominant execution errors are t3_e proportional errors, a_,d neglect the effect of the
{ smaller resolution errors. (This is: in fact, *.he case for a typical first midcourse maneu-
I

vet. ) With a spherically-dzstributed selocity correction, and a spherically-distributed

,i
8-I15
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i'

proporticnal error, we may construct a sphere in velocity space which represents the execu-

:' tion errors resulting from the first maneuver. In particular:

Since: FCM = lO/meters/second,

Z

= 1/3 (Vx g + V g + V Z) = 1/3 (FOM) Z
a = V ?

v 1 y z

_: per axis

Then: a v = - 5.8 m/sec

per axis

}

,_ And, ofa_equals .01 (corresponding to _ = .01, _p .01 radlans), andif:s
i aVo

must be > 6.7 if we require Pr (SV. > 8Vo) < 10 -4,
._ O'V

Then:

6V >(6.7) (.01) (5.8)
% o

aV > . 39 meters/second
o

Therefore, if we construct a sphere of radius .39m/see in •elocity space, the proba-

bility that an execution error will extend beyond a plane drawn tangent to this sphere is lees

than 10 "4. This sphere in velocity space maybe mapped tothetargetyieldingthe ellipsoid of

resultant d_spersions at the target. The probability that an error at the target extends beyond a

! tangent plane to the ellipsoidis similarly less than 10 -4. The important dimensions of the R -r

ellipses are tabulated in Table 8-19 for each of the six trajectories under consideration.

Table 8-19, Error Ellipses Resulting From Spherical
Velocity Errors of . 39 m/see

- ._ '£raj ectory I-A i- B I-C II-A ii- B LI-C

Semi-major axis (kin) 8600 5730 7550 7-0,300 Z3,000 26, I00

Seml-m_nor axis (krn) Z960 3]Z0 ZZ60 2030 Z070 ZI80

Or ientatlon clockwise 47 lZ9 160 Z5 g9 g 9

i from T (deg)

With these two sets of spheres, and their respective mapped elhpsoids, we have pa_-

_ tiallv characterized the di_tributionof first-manuever execution e_,-ors. To rev" w, assuming

;_ spher_cally distributed t_rst maneuvers and execution errors, the second moment pe_ axi,_of

the resultant spherically distributed execution errors will be about . 1 meters/second, in

addition, the probability that the error in a particular direction will exceed .39 r_u_ers/

second is less than 10 -4 .

4. The Concept of Biasing

The problem of biasing ariL_e_ when we must select the exact aiming point for the first

: maneuver. The aiining point must be chosen such that the overall probability of Jn,pacting

the planet (including the possible failure of subsequent maneuvers) is less than 1.0_'4. The
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dispersions in the velocity after the Iirst maneuver will include the orbit determination

uncertainties as well a'_ the executlo'- errors of the first maneuver. In general, both sources

mu=t be considered befor.. • the bias can be o "zrmineS. We have already shown that the sec-

ond moment of typical e_:ecution errors will map to the target as shown in Table 8-18. Chin-

paring these dispersion ellipses with the magnitudes of orbit determinat,on uncertau_ties

• after 5 days (these can be e_-_trapolatedfrom the orbit determinatio_ section of this (.ocument)

it appears that on _ypical Type I a':dTyp_ il £,_j_,.tozics the e.'--_cutionerrors _.illbe the

dominant errors. We will therefore assum(; that the velocity errors after the first maneuver

can be attributed pri,narily to the execution errors in t..atmaneuver.

To ascertain the size of a typical biasing distance, let us consider a typical 10 meters/

second velocity correction on a Type I trajf.ctory: Once the size of this velocity c¢,rrection

is known, the execution errors can be expressed as a three-dimensional Oaussian distribution.

Assuming as before that _p = .01, rs = .01, and that shutoff resolution errors are negb.gible,
we obtain a spherical Gaussian distribution of execution errors v,ith _ = .l meters/

exec.

second. Le: us now assume that the probability of a second maneuver failure due to deteriora-

tmn of the spacecraft is .Z. Then, to ensure less than 10 -4 total chance of impacting the

planet, we must locate the aiming point such that the probability of the spacecraft impactmg

the planet without a second maneuver is less than 5 x 10 -4. (The total probability of impact

is now less than .Z x 5 x 10 -4 .) It must be remembered that the probability of the spacecraft

impacting Mars should actually be less than 10 -4 in order that _he total probabihty of either

the booster last stage or the spacecraft impacting Mars does not exceed 10 -4 . The probability

of a Gaussian variable, X, bei._g greater than some X ° is just the integrated distribution from

X ° to infinity. In particular, if we choose X ° = 3.3_, the probability of X being greatzr than

X ° is less than 5 x 10 -4. We may thus construct a sphere in velocity space w,.th radius equa!

to 3.3_exec" -- .33 m/s, such that it a plane is drawn tangent to the sphere at any point_ the

chapze of the execution errors extending beyond thi_ plane is less than 5 x _0 -4. If a sphere

of-'adius . 33 meters/second is maDpedto Mars, the resulting dispersion ellipses will be

about 85% as lalge as the numbers shown in Table 8-19 for the Type Itrajectories. Referring

to Figure 8-79, we want to choose an_iming point (the center of the ellipse) such that no part

of the elhpse overlaps the p;anet. We have taken the "critical" radius of Mar_ equal to

3500 km, which is the actual radius of M;_rs "Jh's an additional 100-kilometer a..r,ospheric

region which we wish to avoid, lhe locus of the centers cf all ellipses of this shape and

i orientation, which are tangent to the sphere representiDg the forbidden region, is an oval as

shown by the dotted c,_,rvein Figure 8-79_ If the desk.red final aiming point is outside this

oval, e.g., point A, no bias is necessary. If the final a;no.ingpoint lies inside the oval, e.g.,

point B, then we _nust bias the actual ain,ing point out to some poin_ on the oval. It is not

obvious, in general, whether there is some optimum direction for the blas, and Lhls should

be a problem for future investigation. Intuitivel/, one would send to select the off-radial bias

direction for a midcourse guidance system ,vb[ch was expected to exhibit large ,%V magnitude
errors, whereas the radial bias d.rection would be preferred i_ fluepresence of large pointing

8-117

]9650]8274--]94



Section VIII EPD-250

TRAJECTORYI-A FIRST MANEUVER
",,;.S'NG LOCUS
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F
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Figure 8-79. Biasing Locus for Trajectory I-A

errors. For a "balanced" system, the minim'am bias distance (point C) may b" optzmum.

Also, the selection of the first maneuver aiming point will be influenced by such alternate

mlssion success questions as"

1) What is the preferred fly-by aiming region in the event that only one mid-

course correction can be performed

Z) Should the first maneuver aiming point be selected as close to Mars as possible

in order to increase the probability of having adequate retro velocity capability

to establish some type o1 a capture orbit in the absence of subsequ ,,tmid-

course correctlons, etc.

5. Type I Trajectory Accuracies

The final dispersions at the planet after a two-maneuver mission will consist of the

following:

I) Orbit determination uncertainty at the time of the second maneuver

Z) Execution errors in the second maneuver

8-118
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t
: The execution elrors _villconsi-=t of non1_=oportional resolution errors, and error_

: whose magnitude are proportio:lal to the nlagnitude of the maneuvel-, ine magnitude of the

_ second maneuver is obviously influenced by the blasing policy descrzbed earlier. Figures

_i 8-79 and 8-80 illustrate the biasing locus for "¢rajectories I-A and I-B. It can be seen that

the distance between the f_rst anl second n_aneuver aiming points can vary from zero to

possibly 5000 kn_, dependlng upon the orzentatlon of the biasing locus with respect to the

flnal aiming poznt. Combining the b:=slng correctlon wzth the random disperszons fron_ the

first maneuver coull _-esult in having to correct a miss of typically 2000-8000 krn. Ass_m-

i_g I_ proportional errors of i_0 [n the second maneuver, the correctlon of such a _niss

could result in 3_ dispersions of b0-Z40 km due to execution errors in pelforming the

second mal.euver. The second m_neuver would only be this accurate if proportional execution

errors dominated the flxed error_;. In order for this to be the ease for very small second

mareuvers, a vernier correction system capgble of applying a meter Isecond or less _,_th a

3_ accuracy of 3_0 may be required. The 60-Z40-kxn dispersi¢ , is based upon a first mzd-

course correction of _.0meters/second. If, however, a larger flrst midcourse correction is

: required as a result ut certain nor.standard errors, the necessary biasing distance a_ well as

the dispersions which zesult from first-JT1aneuver execution errors wzll De larger. Conse-

quently, the disperslons due to se¢ond-_laneuver execution errors may be doubled.

TR/_JECTORY]-B FIRST
MANEUVZR BIASINGLOCUS

/// \\

/ I
/ I

:5.._-a"DISPERSION// / ________
ELLIPSE / , /

I' //6 POINT B=FINAL

/ AIMINGPOINT

Figr=e 8-80. Biasing Locus for Trajectory 1-13

Summarizing then, it should be possible to auSieve 3_ accuracies of perhaps 500 krn

(this number includes orbit-determination uncertainties) for Type I trajectorles with _wo mid-

_ourse corrections. The term "3=" is now being used in a loose sense to mean a high
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percentage of the ca_es. It is very i_nportant to note, however, that it may be necessary to
-4

extend the sigma bounds siEnificantly to really "ensure" that all but 10 of the trajectories

will pass through a given region. As a matter of fact, one might argu,',that the confldence

level on the .A.U. being l_nown to better than say 500 krn is hardly as high as 9%.99_0. Or, to

._ generalize the acgurnent, is not the probability hlgher than 10 -4 that fallible inan will overlook
some detail which v_olates the contarnlnatlon cc,nstralnt?

6. Type il Trajectory Accuracles

The Type Ii trajectories exhibit a solnewhat degraded accuracy sitdztion when compared

with the Type i trajectories. Several factors contribute to this degradation" As sLown in sub-

section C, the orbit-deter_nination knowledge Is considerably worse during the early portion

oJ the flight. In addition; as shown in Table 8-18, fLrst midcourse velocity errors map into

ellipsoids with considerably larger semi-major axe._ at Mars. And, finally, the required

biasing distance is greater both because of the lalgcr dispersion ellipsoids and the reduced

reliability of performlng a late second maneuver. Regarding the above remarks c ncerning

the degraded Type II accuracy sltuation, it is very imoortant to make the following distinction:

This degraded accuracy primarily applies to a one or possibly two-maneuver mission. Obvi-

ous]}', if a sufficient number of midcourse corrections are performed such that the llnal

accuracy approaches the orbit determination upcertainty whel, near Mars, then Type I and

Type 11 achievable accuracies will bt _omparable.

Figure 8-81 illustrates the first--naneuver blasing locus for t_ajectory II-B. It can be

_een that the distance between possible bias points and the final aiming point can vary from

6000 to 18,000 krn. A 3.5cr dispersion ellipse (instead of 3.3_ for Txpe I) has been shown

in order to allow for a later second maneuver whose probability of failure has increased

to 0.4. Except for alnidcourseguidance system with dominant pointing errors, biasing

point C in Figure 8-81 appears the most desirable. Combining the biasing distance with the

rando,_n dispersions in the first maneuver could result in the second maneuver having to

remo_e a miss as large as perhaps 6000-Z5,000 kin. This could result in a 3(, second

maneuver execution error of 130-750 kin. Co, nbining this error with the orbit determination

uncertalnty, one might expect a total Be dispersion of 500-1000 krn for a two-maneuver

Type II mission.

In Subsection VIII,B, ;vhich discussed tne selection of various orbit profiles about Mars,

it was ,nentioned that a 1ortherly-direct Type Ii orbit exhibited good planetary ,;overage but

would not realize Ea_'th occultation and also Canopus would co,ne ve"y near the Mars limb

when the orbiter was near periapsis. For these reasons and also to ach._eve similarit)_ (to

permit the use of a more or less iO_ntical spacecraft for both Type I and Type II transits)

with the clearly favorable southerly-direct Type I orbit profi_'-.s,a final aiming point in the

vicinity of point B (Figures 8-79 through 8-81) was selected. Due to the orientatio** of the

_ _-lZ0
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TRAJECTORY ]]['- B FIRS'[ MANEUVER
BIASING LCJCUS

," eB"

-..# PO,NT B= FINAL AIMING POINT

', -,c

\. K¢, ,""'&k_ "'£'x\xx''i \

i "

&5-o" DISPERSION ELLIPSE
R

Figure 8-81. Biasing Locus for Trajectory II-B

Type II dispersion ellipse, however, point B' (northerly-direct Type J/) would be preferable

from a guidance-accuracy standpoint.

!

7. Conclusions

Precise premission analysis of the multi_' _-tr*aneuver guidance policy requires ,1

complex technique such as a Monte-Carlo simulatzoi,. In the absence of such a formulation,

this study has attempted to arrive at approximate accuracy estimat_.s for _ne 1969 Mars rnis

sion. Assuming the orbit determination errors shown zn section C, a I¢ first-mldcourse

ve , city of the order of 10-15 _leters/second, and midcourse execution errors equal to ]_0

(I_) of the required velocity increment, it s_-ould be possible to achieve final 3¢ dispersions

in the aiming point at IV[a_s in the region of 500-1000 kin. Such a region would contain

perhaps as much as 99% of the dispersions but would have to be enlarged to contain 99.99%.

If we are willing t._ occasionally perform as many as three midcourse correctlons, it shou_._

be possible to control the final aiming point to better than 500 km (3_,) for Type II as well as

Type I trajectories. This level of accuracy appears very desirable, if not necessary, for the

currently conceived 1969 Mars orbiter mission which requires (a) maintaining a low periapsis

altitude in order to athlete the necessary weight _n orbit, (b) ensuring no Sun occultation for

at least 3 mo_ths, and (c) achieving Earth occultation without violating the lower periaps_%

altitude limit for maintaining a 50-year lifetime, If the 1969 o_bit_ r missl.on was not
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marginal from a weight-in-,_.-bit stancpoint and could afford the lu_ur,;- o'--"extra retro fuel,

the accuracy requiremen*.s ,m the app:'oach trajectory could be re'duced wltb. the adoption of

an orbit-tr_., policy.

" The as_urnp'ion that t'_e .-nidcou .-se guidance system can execute :naneu,-ers to vn

accuracy of l_ [l_) will :_ o'rahly n_.c_ ssitate the addition of a small vernier correction motor

(can be cold gas) if it is desired to ha :e such _n accuracy capability over that large portion

of the total flight during which fi_e second maneuver would be less thah a fev_ meters/second.

For the _._ype i trajectories, the vern: er system would often permit the achievement of a

500-k.__ accurazy by perforr_ing the second midcourse correctien within as early as 30 days

past injection. Vc_nereas, fcr those Type I! trajectories whose initial dispersions were large

enough tc sugg_:st utilizing three midc ourse corrections, the second and third corrections

-ould be more )ptimumly s_aced by keing able to perform the second maneuver before getting

too close te encounter. Fo_ either a two or three-maneuver Type II mission, the second

maneuver wou1,? probably n(t be performed earlier than about 150-Z00 days after injection.
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w.. ORBIT INSERTION GUIDANCE A_. =LYSIS

1. /n._rodu_tlon

Thi_ subsection defines ih _. guidanc_ requirements for transferring a spacecrait from

its hyperbolic approach trajectory to an elliptical orbit about Mars, For the ini+.ia! consider-

ation of orbiter fe_sibilitT, two principal questions were huvestigated:

1) "_fhethq.r easily mechanized guidance laws are fe__sibte it. terms o_ propellant-

weiF'at requirements for orbital injection?

7) Do eas:ly mechanized guidance lav,-s prov-de the necess&rv ac_urzcy for

the mission ?

Re_-"-'-ts oot,-.ined to date indicate that app!icatl_n of Ranger ant, hlartner midcourse guidance

technique,, _o the orbiter retro guidance proble_'._ will resu:t in a feasible sy_*_m with re_.zon-

able accuracy :Lnd sufficient propellant efficieucy. Gortiol of the magnitude of the retro-

veloci.y increment has been simulated by using both a t'.ner a,,,'- an accelerome_er. For the

loose nominal orbits covered m Section VIII. B. b with apoaFsis altxtuoes as high as 50,000 kan,

velocity magnitude errors associated ,-.ith the timer control ,_.an be sufficiently large _o pre-

vent capture. For these large semi-major axes, very sensitive orbits, it is recommended

that an accelerometer be used te control the magnitude of the retro-x, elocity increment.

The above conclusions are substantiated by the material in the remainder of this section.

The material is organized into two parts: e_ comparison of several possible guidance laws in

terms of propellant requirements, and an analysis of the accuracy characteristics of the sys-

tem configuration resulting fro:n application of Ranger-Mariner midcourse techmques to

orbital injection gaidance.

2. Guidance Law Propellant Efficiency Study

The first phase in a study to determine what guidance laws are feas_.ble in terms oi

propellant-w-e_.ght requirements for orbital injection has been completed with the following

results:

I) The absotutc mznimum velocity requirements which iniect __ spacecraft into a

i, 500 by Z0,000 kan altitude orbit f_orn a hyperbolLc _rbit with Vco = 4.0 km/sec

were fo_.o. Four guidance laws were investigated, and the initial thrust to

weight ratio was 0. _.

Z) The values ofhypexbolic periapsis distance, rph, which correspond to the

minimum tranjfers were determined for future reference ,_.n computing the

minimum maneuver as a function of this die._ance.
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3) The "AV losses due, Lo guidance laws and finite burning time were found for

tae "gra,-ity turn", _nd a conservative es_.irnate for the other laws was

con_puted.

The curves in Figures 8-8Z and 8-83 were generated by integra'ing backward from

various points on the ellipse, and terminatin_ the integration_ when the energy per unit ...__ _

corresponding to the hyperbola was reached. The thrust-to-weight ratio was ¢.enstrained to

be 0.3 at this hyperbolic energy.

J r/w=;_ r.,:_ = 4,900 _m 0 5

.,,,.: 23:.;00z,., v¢, : 4 km/$

__I_ARS = 3o400km ;_p : 320sec

! T i , : '

r " ;----_ J -- " PITO 4 ANGLE
_- / I ' ' i _ , =
,; | ! MINIM.UM IMPULSIVE _V = 1983 m/sec i

! i ! ' i
' i = , IKERTIAL ANGLE

i I _ _-OP-T-I_-U2_THRUST
L i I ; I i _OGR_'-L---__
0 5 I0 15 2C"

TRUE ANOMALY ON ELLIPSE, _E' (:leg

Figure 8-82. Minimum Retro-Velocity Decrement vs True Anomaly

along Ellipse for Various _hrust Programs

Figure 8-8Z shows the n_inimurn velocity required to trans(er to the true anomaly on

the ellipse for four thrust-vector pointing laws:

] ) The overall optimum thrust program

Z] Gravity turn, or thrust-vectc - colinear to t/;e velocity vector

3) Constant direction in Inertial space

4) Constant local-pitch angle, or a constant thrust ,_3rection with respect to the

local hc rizontal.

Figure 8-84 depluts the optimum thrust prog_-a_rnas a function of time for the :_inimum

transfer to the ellipse, The thrust orientatlun is given with respect, to I) the peri:.psis of the

preburn hyperbola (#), 2) the local vertical (F), and 3) the veiucity vector (fl).

The following table (see Table 8-.-'-0)may be constructed from Figure 8-82. The finite

burning time and guidance-law losses are defined to be the zninirnum velocity transfe, minus

the ilnpuIsive periapsis-to-periapsis velocity require:nent. The guidance-law losses are

defined to be the minimun_ velocity transfe-" minus ".hen_inimum velocity required for the

optimum thrust program.
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Figure 8-83. Periapsis Radms vs True Anomaly for Various
Thrust Programs

Table 8-Z0. Finite Burning T_me and Guidance-
Law Losses

Finite Burning Guidance-
Guidance tVlinlmum Time & Guidance- Law

Law Transfer Law Losses Losses

(m/s) (m/s) (m/s)

Impulsive 1983. I 0 N/A

Opt Thrust Prg 1988.5 5.4 0

Gravity Turn 1988.7 5.6 0. Z

Const Inertial 1990.4 7.3 i. 9

Const Local Pitch 1998. I 15. 0 9.6

Figure 8-83 shows the values of hyperbolic periapsis distapce which are required for

the transfers to the true anomaly on the ellipse. A Cross plot of minimum AV vs rph cannot

be made from these figures b_cause they are nlade for constant true ano_naly on the ellipse

and not constant rph. When rph is fixed, the choice ol angle in the thrust program may be

varied (except fo_"the gravity turn, where the angle Is specified) to znznin_ize the velocity

requicelnents; thus, the losse_ obtained from curves like Figure 8-8Z are conservative

e_ t[mates.

Figu.re 8-85 _hows the minimun_ impulsive maneuver and the finite burning thne and

gu'._ance-_aw losse_ as a function of rph. These Losses are conservative estimates for the
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Figure 8-84. Angle "_ar_ation with Time f_z' Optimum Thrust Program

inertial and constant local-pitch guidance laws. Because no choice of thrust angle exists with

the gravity turn law, the gravzty-turn losses i= Figure 8-85 are the minimum values. The

losses for the optimum thrust program are, of course, bounded by these gravity-turn losses.

Table 8-Zl may be made from Figure 8-85. These numbers apply to the hyperbolic

energy and elliptical orbit previously mentioned.

Tile results indicate that acceptable propellant efficiency may be achieved with ar

easily mechanized guidance law. The optimum tl_rust program gives the best guidance law

but is very difficult to mechan'.ze with exactness. The gravity-turn results are very close to

optimum, but are difficult to mechanize since the direction of the instantaneous velocity

vector in inertial space must be known. From Table 8-20, the constant inertial direction

guidance law gives th_ next best results. This is the most easily mechanized system and is

eh_ailar to the current Ranger and Mariner midcourse guidance techniques. The constant
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150[ T 1 14000
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Figure 8-85. Conservative Yeiocity Losses for Various Thrust
Programs vs Hyperbolic Periapsis Distance

Table 8-21. Hyperbolic Energy and Elliptical Orbit Numbers

Max. Finite Burn

Guidance Law Time and Guidance- Maximum _0 Loss
Law Losses

(m/s)

Optimum lhrust Prg < Ill < 3.6%

Gravity Turn 1 11 3.6%

Const. Local Pitch

Thrust Angle .<. 118 < 3.9%

Const. Inertial

Thrust Angle <_ IZ3 <_.4. I%

local-pitch law gives the highest losses at the minimum transfer. This law, although more

easily mechanized than the gravity turn, would be more difficult to mechanize than the

constant inertial law due to the need for a planetary horizon scanner. Because of the previ-

ously stated considerations, the constant inertial law was chosen a_ the system to be used zn

the first accuracy study.
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3. Accuracy Study

The systen, nxecL=nizat_on studied for accuracy capabilities uses the following:

i) Earth-based radio tracking for pre-rnaneuver orbit determinatiol and

maneuver _onlputa tlon

Z) fi_series of _ingle-_xis gyro-co.Ltrolled turns for initial spacecraft alignment

3) Ignites the "atrc rocket on the basis of tlrne-to-go until Feriapsis passage on

the hyperbola

4) Thrusts in a fixed inertia] direction, and shuts off the rocket either on the

.ntegral of thrust acceleration or on the basis of time after ignition.

A block diagraxn of the guidance systeLn is shown in Figure 8-86 and an operating

sequence is shown in Figure 8-87.

a. Nominal Orbits

Numerical values used in determining the nolninal transfer maneuvers include:

!) Gravitational Constant of Mars: 42977.8 krn3/sec 2

Z) P_adius of Mars: 3415 krn

3) Force-to Mass Convezsion Constant (go): e. 00978 kin/see z

4) Hyperbolic Excess Velocity of Approach 4.0 krn/sec

Trajectory:

5) Desired Periapsis Alti%ude of Ellipse: 1500 km

6) Desired Apoapsis Altitudes of Ellipse;

Orbit A Z0,000 km

Orbit B 50,000 krn

7) J-'rial Thrust-to-Weight Katio: 0.3 (600 ibf thrust,
Z000 ibn] S/C)

8) Specific Impulse: 320 Ibf-sec/ibrn

The transfer maneuver is characterized by four parameters. These are listed in the

table for the two ellipses.

Conditions Orbit A Orbit B

Time-to-Periapsis at zgz Z72 second

Ignition, ti

Th_.ust Attitude with respect -90.0 -90.0 degree
to local vertical at periapsis
of approach trajectory, ¢

(positive forward) I

8-IZ8
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Conditions Orbit A Orbit B

Velocitylncremen% V J.99250 1.79088 km/sec

Nominal Bustling Time, t B 502. 330' 464. 778 second

b. Error Sources

Four major categorieb of e_ror sources were considered and are as follows:

1) Periapsis _ltl_ude of the approach trajectory, np, (the hyperbolic excess
velocit, r can be determined to an accuracy sufficiently great thac errors

do not visibly affect the resultant el!_pse)

Z) Starting time of the maneuver

3) Direc'don of tb= maneuver

4) Magnitude of the velocity increment. The velocity increment is affected

by accelerometer errors when an acceleromet£r is used and by tirrlng

errors, specific impulse, flow rate, and initial weight errors when a

timer is used.

Typical values of these error sources are listed below:

1) Variation in control and knowledge of ±g00 to ±500 km
approach periapsis ;_ltitude

2) Variation in l_,_owledge _f time of _-30 to ±90 sec
periapsis pass_ ge

3) SOCC timing resolution 1 sec

4) SOCC frequency error -_. 01_/o

5) Command-transmission accuracy unknown, but sn_all based on
past experience

6) Pei%ting error accurnulated during ±4 deg
ex,.cution of co,-nnlandec/turns and

executlon o_ maneuver (IV_ariner

perforn_ance)

7) Drift rate on gyro control during less than 0.4 deg/hr
waiting period and conlmands turns

8) Specific impulse _rror e5 Ibf-sec/Ibln

9) Flow rate _rror ±5_0 of nominal

I0) In_tlal spacecraft weight error ±Z% of nominal

1 1) Accelerometer s_.ale factor error eO. ZS_o

12) Accelerometer null offse_ _'0.0075 m/sec _"

TI' se error-sourc_ values may be used to determine reasonable ranges over _vhich

the variations in the four primary quantities (periapsis alLitude, time-to-go to periapsis,

maneuver direction, and velocity increment) should be studied. The selection of these

ranges :.s discussed in the following paragraphs, i

1
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The altitude ef periapsis is deterrn-ned d_,rectiy from ecror source No. 1 in the table

above. A range of ±ZOO ken was selected for initial study.

Error sources Z, 3, 4 and 5 affect the time-to-go at which ignition is ccn:manded. A

range ef --.!20seconds ,-as selected for initipl stady on the basis of being :'easonab'_e bounds

for t.b.erange of variations.

_rrors 6 aLd 7 affect the direction of the maneuver. The total maneuver period under

gyro control may be about 6 hours long, which yields a drift of about Z. 5 degrees for the

drift rate of error .sou.,:¢ e No. 6. Ti*e pcirhing error due to gyro drift during tbe burning

period has not been determined. However, for a ma.,;s unbalance of I deg/hr/g and a poor

gyr 0 orientation where drift occurred about the two control axes perpendicular to the thrust

line, a tote! error of less than 0. Z5 degree would acc,,'.naulate from this source. Other drifts

such as anisoeiasticitv are expected to contribute _--'en less to the pointing error. If all the

above errors are !inearly combined, the total pointin 1, error ren:ains less than 7 degrees,

For this study, a range of +10 deg was selected as reasonable bounds.

li a timer shutoff is used, the fractional error in maneuver velocit,, is given to the first

order by "_he following equation:

[t B ' -7- - m

L

wher'e 's indicate varia*_ions from the nominal, and

V = velocity increment t B = burning time
=

Isp specific impulse af = final acceleratio:

• . r = flow rate _ : average acceleration, _ = V,'tp

Second-order effects increase the vatue by less *.ban !O percent of the linear approxi_nat_on,

- For the n,xrnbers given in the error .source tab'_e, the maximum errol in velocity incremen_

with a timer shatoff is less than ±12.5 percent. A range of ±15 percent was selected for tbe

initial study.

if an accelerometer shutoff i_ used, the fractional error in maneuver velocity is given

to-the first order by the eqaation:

•W .-I
W = k "i" -_-

where k = scale factor error

= null offset

8-132

1965018274A



P..PD- 250 Section VIH

For the numbers given in the table of error sources, the maximum error i:, velocity is less

than ±10 m/sec.

The SOCC currently studied has a rasolution of approximately I part in 4000, resulting

in timing or -,elocity resolution errors of less than . 01Z5 percent of the maximunl maneuver

capability or approximately . Z5 m/sec. The motor veloclty tailoff error is unknown, but is

assumed to be small based on past expezience. The total resolution errors are insignificant

compared to the p_oportional errors prewous!y listed.

c. Explanation of Figures

The accuracy capabilities for typical error magnitudes are summarized in the following

figures for the two nominal orblls. These curves were prepared b_, integrating the equations

of motion for the spacecraft in a Z-dimensional (planar) inverse-square central force fleld.

These plots show the -variation of apoapsis altitude, periapsis altitude, orbit ueriod,

and orbit rotation, for errors in a nominal periapsis-to-periapsis transfer rr.aneuver. The

orbit rztation is defined as the amount the periapsis of the ellipse is rotated from the periap-

sis of the hyperbola with positive rotation in the direction of the velocity vector at the periap-

sis of the hyperbola. A periapsis-to-periapsis impulsiv_ maneuver (zero burn time) would

have a zero _otation. Major errors considered include errors in orbit-determination, affecting

the periapsis a[titude of the approach trajectory and the time of pe_-iapsis passage; errors in

ignition *ime dae to timer inaccuracy; errors in the pointing of the thrus_ vector during the

maneuver; and erroxs in the magnitude of the maneuver due to accelerometer, timer, specific

impulse, flow rate, and initial-weight errors. The ranges covered are typical of conditions

that m-ay exist it, an easily mechanized system.

The figures represent an attempt to display alarge amount of information concisely,

and deserve some explanation. For example, the ordinate of Eigure 8-d8 is the actu__l

apoapsis altitude achieved. The main abcissa of all the plots is the e_ror in znaneuver ,nagnl-

rude. Curves are drawn for zero and _-Z00 km orbit-determination error in the periapsis

altitude of the approach trajectory. The small parabolic curves intersecting the ;nain auoap-

sis altitude vs. velocity-error curves show the effects of errors in pointing and start time at

particular values of velocity and altitude-of-periapsis errors. The point<ng error is displayed

_along the subsidiary abci_sa above, and the starting-time error is the parameter differenti-

ating the several curves at a particular combination of velocity and altitude-of-periapsis

errors. "In a sense, the parabolic curves are "cross -sections" of the 5-dimensional "surface"

of possible apoapsis altitudes. The A's represent the actual value of the paran%e_er minus ',

the nominal value.

[
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i_ F'gure 8-88. Apoapsis Altitude vs Orbit Inseztion Errorsfor 1500 by Z0,000 krn Orbit

7

_ d. T._esults

4

'_ The z esulte indicate that a satisfactory orbit may be achieved with the guidance law

_, studied. From a scientific point of view, the plots of orbit period and rotation are probably

_ of most interest, These along with the plots of apoa?sis and periapsis altitude are discussed

in the following:
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Figures 8-8R a,d 8-9Z show the variatioz, of _.puapsis altit,.dewi_h various errors. For

the range of velocity errors considered with a L1n,e_" shutoff, this variation is significant. The

variations are greater with a more eccentric orbit as in Figure 8-92 (orblt B). The variatioxt

in apoap_is is the prime contributor to the var;.ation in orbit period discussed below.

Figures 8-89 _nd 8-93 show- the var'_ation of periapsis altitude with the various errors.

The error in the periapsis altitude of tLe hyperbola is the main source of this variation,

although combinations of pointing and ignition time errors will also have an effect. The

velocity error ha," no affect on the periapsis altitude except to change the variations slightly

wl:en pointing and ignition time errors are present. A combination of x_orst-case condiGons

for the errors considered yields variations in periapsis altitude from It00 to lt5n km "from

the nominal 1500 low*.

s9oo, I t i I' _,
I A'_r,deg i A'_x,d_g I A,_z,_g I
|-1o0o0_, _.o _ i _,o_o0,o i

] I/ 01 ;
oor----_--_ LA,,°-2oG ,,,;,7oo

I ' I1500 _ -- ' -120 ' '

/_p=_5oo

_,4oo ....... -,/ .............

•= a/,.= / \-,_o
,,, /120'

I_,00 0 Av=-200 -- _ _

'hp:S00

,Av=200
-120 hp=1500

,.ooT \t •1100 .... -121

tO00 ' ' i I --

-300 -200 -tO0 0 I00 200 300 400

AVo m/see

Figure 8-89. Periapsis Altitude Behavior with Orbit Insertion Errors

for 1500 by Z0,000 krn Orbit
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The variations in ,orbit pexiod are shown in Figures 8-90 apd 8-9_. This variation is

similar to that of the apcapsis altituae. A table of worst-case conditions (s_e Table 8-22) can

be made from the figures. Note that the timer erro," used is only 10 percent, an optlm_stic

estimate :;'hen referred to the timer-error discussion previously.

Table 8-Z2. Worst-Case Conditions

Orbit period in hours
Conditions

Orbit A Orbit B

Worst-case low

( t i = 0. _vi = 0, hp = t300)
1. Timei 7.2_ 13. 5

(_¢1"¢ = 1 _'_o)

g. Accelerometer IZ. 2 31.8
k_V = 10 m/s)

Nominal "14. 19 41.93

Worst-case high

( t i = IZO sec, _i = -10°'

hp = 1700)

I. Timer ]}/0.- Fail to capture
(AVlV = -10%)

Z. Accel,;rome'.er 2_.3.Z ItZ.

(AV ", -I0 m/s)

The variations in period are significant for the range of velocity errors possible with a

timer shutoff. This wide variation in period may require a greater flexibility in the timing of

the orbital experiment_. Also, with a highly eccentric orbit as in Figure 8-94 (orbit B) and a

velocity error of -10 to -15 percent the 3pacecraft would fail to go into orbit. The use of an

accelerometer for motor shutoff would significantly reduce this pertoa variation and reduce

the possibility of the spacecraft failing to go into orbit.

Figures 8-91 and 8-95 show the variation in orbit rotation with the error _ources. It

is observed that rotation varies linearly with pointing error and that this is the ma3or cont:'ib-

utor to the rotation. The error in the periapsis a!tltude of the h'yperbola has relatively no

effect on the rotation and the velocity and ignition time error_ have unly a small effect. Worst

case combinations of all errors considered would yield a rotation of periapsis in the range of

minus 20 to plus 20 degrees.

Some additional information of intere, t is presented in Figure., 8-96 - 8-98, which are

ba_;ed upon the higher nominal periapsis altitude ox 4000 krn, which was suggested during the

latter part of this study. Figure 8-')6 illustrates the effect of renlovlng the nominal retro

velocity at the wrong altitude. The contribution to apoapsis dispersions due to this error

source can be |owex'ed by transmitting the retro v,qocity magnitude as late as possible, thus

obtaining the rn.axlmum amount of near-Mars orbi_ detern,n_ation information. Figures 8-97

and 8-98 should be -used in conjunction with Figure 8-96 to indict_tethe size of orbit-trim

8-136
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Figure 8-90. C,.bit Period vs Insertion Errors for Nominal
] 500 by Z0,000 km Orbit

velocity requ:rements *o restore the periapsis az.d _poapsis altitudes to their nomina_ values.

An orbit-trim policy has not been assumed for the cut"rent study as a result of the marginal

weight situation, but such a policy may be considered for future orbiter missions.

Finally, Figure 8-99 illustrates the maximum apoaosis .Ititude which ca** b.- nominally

lected and s'.illresult in cap£ur_ in the presence of a velocity error equal to k txx_,esthe

-dtro-velocity decrement. For k = .I0 and VO3 in the region of 4 krn/sec, it can be seen

that the nomin_l apoaps_s a'_titudeshould not be selected larger than about 50,000 krn in order

to e_,sure capture,

8-137
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Fisure 8-91. Orbit Rotation vs Orbit-Insertion Errors
for 1500 by 2(;, 000 km Orbit
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Figure 8-9_. Apoapsis Altitude vs Orbit-lnserti_n Errors
for 1500 by 50,000 kzn Orbit
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Figure 8-93. Periapsis Altitude Behavior with Orbit-Insertion Errors
for 1500 by 50,000 km Orbit
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Figure 8-94. Orbit Periodve InsertionErroro

for 1500 by 50,000 krn Orbit
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for 1500 by 50,000 krn Orbit
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to Restore tJeriapsis A/titude to Nominal Value

8-143

1965018274-220



Sect:on VII. T EPD-250

S

2°°i I I i' ' ' "PLANET-MARS !

i " I ! " i PLANET RAD'bS:_400 km._j

I NOMINAL PERIAPSIS !
I _LTII-uDE=4000 km i

_ "'"-_ ' _ t

i _-T"----_-_145oo t , I

..o I=! ! l 1
'" 0 i

-_ I I I ,

,," ! 1
" PERIAP.SIS ALTITUOE=3000 km

-16C i !- I 1

1 I i
-_oo i I I

•3 - 40,000 80,000 120,000 160,000

ACTUAL APOAPSIS ALTITUDE, km

J

Figure 8-98. Velocity Increment Required to Restore Periapsis

and Apoapsis Altitude to Nominal Value
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SECTION IX

SPACECRAFT SYSTEM FUNCTIONAL DI-SCRIPTION

A. SPACECRAFT FUNC'ZIONAL REQUIREIVlENTS

The following requirements describe in a general form tn_e functional capability the

spacecraft requires. These capabilities are required to satisf_ the mission objectives, the

constrain:s, and the performance capability. Compliance wi_ these criteria shall be within

the available trajectol-ies and DSIF capabili'.y.

The following procedures provide an outline of spacecraft functional requirements for

the three study cases, assuming Sun-Star references. The minimum case is coveret in one

set and the nominal and maximum are considered jointly in _. secorJ set.

I. Minimum Case Functional Requirements

a. Engineering Measurements

1 ) Direct _he measurement of engineering quantities

a) For normal operation

b) For failure modes (diagnostic)

c) For verification of spacecraft design to support development

Z) Condition data to T/M format

b. Provide Data-Handling Functions

1) Digitize, encode, and synchronize data

Z) Modulate the transmitted (down-hnk) signal with the T/M signals

c. Supply Power

1) Provide electrical power from a charged battery when primary source

will not handle the load.

Z) Provide electrical power fzom primary power source for on-line

spacecraft operation.

3) Provide power from primary sourc,_ to recharge battery.

4) Condition power to a fixed format for spacecraft use; voltage, fre-

quency, waveform, phase, noise level.

5) Distribute power.

6) Condition power to individual requirements.

9-i
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d. Track and Communicate

1) Receive DSIF radio signal and retransmit a frequency-coherent signal to

provide two-way doppler data.

Z) Demodulate command signals, establish synchronization, detect the

information, establish word organiza'_ion, and route as appropriate.

3) Demodulate ranging signals, reconstruct the proper code, and rcmodulate

the transponder output.

4) Provide a transmitter carrier signal which ca_. be modulated by the coded

telemetry information.

' 5) Transmit discrete and quantative commands frozn Earth to the spacecraft.

e. Control and Sequence

I) Generate timing frequencies and pulse trains on spacecraft.

Z) Provide _ timing capability for sF_-cific fixed intervals and events.

3) Provide a timing capability for specific commanded intervals (including

in-orbit sequencer).

4; Provide control signals based on I), Z), and 3).

5) Provide control signals base_ on direct commands.

6) On-board sequences may include the following:

a) Prelaunch

b) Launch

c) Automatic acquisition

d) Early maneuver (T/M on omni)

e) Late maneuver (T/M on hlgh-gain beyond the r_l.ge of the omni antenna)

f) Cruise, cyclics

g) Retro maneuver (T/M on high-gain if possible)

Some of these may be identical, but each item has a separate initiation time, and in

some cases several possib!e sources of starting signal.

f. G'_ide

I) Make measurements of the spacecraft positron using two-way doppler, rang-

ing and angular observation as appropriate, both in transit and in orbit.

2) Process data on Earth to obtain guidance commands (stored commands and

start tirades)

- 3) Align the spacecraft attitude in accordance with stored commands, using

inertial sensors.

4) Control the starting time and magnitude of the velocity impulse for the

correction maneuvers in accordance with stored commands.

5) Control the starting time and magnitudr of the velocity impulse for the

orbit insertion maneuver in accordance w£th stored commands.

9-Z
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NOTE

The starting time is much more critic__l _or Item 5) than for Item 4).
The magnitude may be more czitical &Ibo, but'the difference in
requirement is certainly much s_naller than that for the starting
time.

6) Control the spacecraft ,,ttitude using inertial sensors during any period

when optical sensors arc c.ff, including propulsion maneuvers.

g. Impart Imp,llse

Provide velocigy impuls_.s for three in-transit trajectory corrections and one planetary

orbital insertion in accordance -_ith command si_-.als.

h. Control Attitude

I) Acqui, e external attitude references for spacecraft and stabilize space-

craft with roll axis on Sun line and solar panels in Sun direction, except

when inertial control is specifically commanded.

Z) Acquire the secondary reference (Star Canopus), except when inertial

control or reacquisition is specifically commanded.

3) Maintain or n_odify spacecraft attitude u_.der control of inertial devices.

i. Control Articulated Subsystems

I) Separate spacecraft from ground launch facilities and launch vehicle.

Z) Control the pointing of the high-gain antenna as required.

3) Control and pointing update of celestial attitude reference as required.

4) Extend and/or erect stowed members, i.e. , solar panels, protective

covers, etc.

j. Controt Environment

i) Provide an acceptable thermal environment for all spacecraft subsystems

as r :qulred. £his control is supplied by passive and/or active techniques.

7_) Provide Sun-shading for those items requiring protection from direct

solar radiation.

3) Provide radiation shielding if required.

4) Provide m&gnetic shielding as required.

5) Provide RF shieldm_ a_ required.

9-3
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2. Ma'-_rn..,*mand hominal Cases Functional Requirements

a. Scientific Measurement

l) Collect science data

2) Condition data to T/M format

3) Calibration of instr,unentation aq required

b. Engineering Measurements

I) Collect engineering data

a) For normal operation

b) For failure modes (diagnostic)

c) For verification of spacecraft design to support spacecraft developvlent

Z) Condition data to T/M format

c. Provide Data-Handling Functions

I) Store scientific data of planet-oriented instruments, and corresponding

calibration data.

Z) Read out stored data.

37 Digiti_:e, encode, and synch'-onize data.

4) Modulate the transmitted (down-link) signal with the T/M signals.

d. Supply Power

1) Provide elect2"ical power from a charged battery when primary source

will not h_ndle the load.

Z) Provide electrical power from primary power source for on-line space-

craft operation.

3) Provide power from primary source to recharge battery.

4) Condition power to a _.ixed form:,t for spacecraft use; voltage, frequency,

waveform, phase, noise level.

5) Distribute power.

6) Condition power to individual requirements.

9-4
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e. Track and Communicate

l) Receive DSIF r_dio signal and retransmit a frequency-coherent signal to

provide t_vo-wa7 doppler data.

Z) Demodulate command signals, establish synchronization, detect the

information, establish word organization, and route as appropriate.

3) Demodulate ranging signals, reconstruct the proper code, and remodulate

the tra_tsponder output.

4) Provide a transmitter carrier signal which can be modulated by the coded

telemetry infcrmat_on.

5) Transmit discrete and quantative coln,,-tandsfrom Earth to the spacecraft.

f. Control and Sequence

I) Ger.erate timing freque,._ies and pulse trains on spacecraft.

_) Provide a timing capability for specific fixed intervals and events.

3) Provide _.timing capability for specific cor_manded intervals (including

in-orbit qeqaencer).

4) Provide control signa]s based on I), 2) and 3).

5) Provide control s%gnals b_._-edo_ direct commands.

6) On-board sequences may include t_e following:

a) Prelaunch

b) Launch

c) Automatic acquisition /

d) Early nmneuver (T/M on omni)

e) Late :_,_neuve: (spacecraft b2yond range of ornni-antenna)

f) Cruise, c-.clics

g) Retro n._aneuver (nominal no-flyby, max. ,with flyby)

h) No solar occultation for nominal, solar occutta_ion compatibility

required for maximum case.

i) _Jrbital operation sequence

j) Planetary Observation sequence

Some of these may be identical, but each item has a separate initiation time, and in

some cases several possible sources of starting signal.

g. Guide

I) Make measurements of the spacecraft position usi,_g two-way doppler,

ranging and angular observation as appropriate, both in transit and in orbit.

2) Process data on Earth to obtain guidance commands (stored commands

and start times).
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3) Align the spacecraft attitude in accordance with stored commands, using

inertial sensors.

4) Control the starting time and magnitude of the velocity impulse for the

correction maneuvers in accordance with stored corn,hands.

5) Control the starting time and magnitude of the velocity impulse for the

orbit inserti,n, maneuver in accordance with stored commands.

NOTE

The starting time is much more critical for Item 5)
than for Item 4). The ntagnitude may be more critical
also, but the difference in requirement is certainly

much smaller than that for the starting time.

6) Control the spacecraft attit_de using inertial sensors during any period

when optical sensors are off, including propulsion maneuvers.

h. Impart Impulse
.,_

Provide velocit, impulses for three in-transit trajectory corrections and one planetary

_ orbital insertion in accordance with command signals.

i. Control At_ltun_.

1) Acquire external attitude references for spacecraft and stabitize space-

craft with roll axis on Sun line and solar panels in Sun direct'co, except

when inertial control i_ specifically commanded.

Z) Acquire the secondary _eference (Star Canopus), except when in_, tial

control or reacquisition is specifically commanded.

3) Maintain or modify spacecraft attitude under contro! of inertial devices.

j. CouP-ui Articulated Subsystems

l) Separate spacecraft from ground launch facilities and launch vehicle

(un,bilical).

Z) Control the pointing of the high-gain antenna as required.

3) Control the pointing update of celestial attitude reference as required.

l 4) Control the pointing of the planetary directed instruments during a period
of time-near-orbit pe_iapsis. Fehtctions required are platform pointing,

; lock, and update as required for each orbit or group of orbits.

5) Extend and/or erect stowed members, i.e., solar panels, protective

covers, instrument supports, etc.
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k. Control Environment

1) Provide s.n acceptable thermal environment for all spacecraft subsystems

as required. This control is supplied by passive and/or actiw: techniques.

2) Provide Sun-shadL-g for those items requiring F.-otection_ro:ndirect

solar radiatior..

3) Provide radiation shielding .if required.

4) Provide magnetic shielding as required.

5) Provide RF shieldingas required.

q,

'L

i
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B. SPACECRAFT SYSTEM DESCRIPTION

1. Definition of Minimum, Nominal and Maximum.Case Spacecraft

The three spacecraft cases described are called the minimum case, the r, om.inal case,

and the maximum case. The ,_ominal case, which received Re primary consideration in this

study, is described briefly by subsystem. The purpose of the minimum case without science

capability is to supply a weight and capability lower limit. The maximum case is based on

the total scientific payload suggested by NASA headquarters at the beginning of the study. The

estimation of capability versus welght is facilitated within the range defined by the two ca_.

Only the differenceb from the nominal case are described for the minimum and maximum

cases. The minimum and maximum differences follow the nominal case description for each

subsystem.

2. Constraints Assumed for Purpose of the Study

The spacecraft will b,_ launched by a 30 percEmt flexed Atlas-Cent_Lur. The launch dates

will be between 9 January 1969 and 4April 1969 which includes both Type i and Type H

opportunities. Two launchings are plat, ned during this period. Two midcourse maueuvers

are requir._, and the nominal and maximum cases have a capability of three. Orbit insertion

will require 2.5 hours for the minimum case, _ hours for the nominal case and 6.5 hours for

the max,.mum case. Only the maximum ca_e hP, s _he flyby option capability as a failurp

mode option.

The orbit lif_, for the minimum case is 30 days, for the nominal c_se is 90 days, and

for the maximum case is 180 da_s. T_ nominal orbit _hosen will provide Earth occultation

for a few weeks early in the orbit lif_. For the orb:Lts selected_ Sun occultation wilt not occur

for at least 90 days after encounter_ _ addition the Canopus tr&cker should receive no light

interference from the near limb of _lars. The noncont&minr._ion constraint is met by selecting

a _Jeriapsip ,altitude consistent with a 50 year life and the Mars atmosphere model re_erred

t¢ in Section V.E. Two periapsis _dt_tudes, 1500 km and 4000 krn are considered for the

non_.mal case_ An apoapsis o._ 50,000 krn w_. _ _iected (see V_II. B).

For this study it _',as assumed that the three 85*foot DSI', _tions are available for the

cruise phase of the mission, and that the orbit phase is additionally supported by the 210ofoot

receiving antemm capabilit? and 85-foo_ 100 kw transmission capability at all three DSN sites.
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3. Spacecraft System Description

a. System Functional Description

The system consists of the following subsystems interconnected to provide the functions

listed in functional requireme_lts:

1) Science Subsystem

Z) Telecommunicat;.ons Subsystem

3) Guidance and Attitude Con_,rol Subsystem

4) Central Computer and Sequencer (CC&S)

5) Power Subsystem

6) Propulsion Sub, istem

7) Thermal Cooltrol Subsystem

For subsystem relationship, rt, fer to the spacecraft nominal case of Figure 9-8 (see

Subsection D). The appearance of t'te space.,raft is illustrated in Figure 10-Zb of Section <.

The subsystem functions are as follows: I) The science subsystem sequences the

collection of scientific da_a, encodes it and supplies it to the telecommunications subsystem.

The data is then recorded and/or transr_itted to Earth. 2) The telecommunications subsyJtem

supplies command receiv.ing capability, engineering and scientific data transmission capability,

and transponding capabili_:y. The tter is employed L_ spacecraft tracking by Earth fo#

trajectory determination. 3) T_.,e guidance and attitude control subsystem supplies the attitude

control and guidance cont::ol required to direct the spacecraft on the mi'.,sion. 4) Decoded

commaz_ds are dir,_cted to the CCk_ and the science subsystem for execution. The CC&S

receives and stores the commands and s,.ipplies appropriate signals for the ex,_cution of

those commands. The CC&S also sequences tho routi_:__ operations of the various mission

phases. Timing reference signals are supplied by the CC&S to the science subsysten, for

the data r _.trieval and processing sequencing. 5) The power subsystem converts solar energy

to power saitabie for the spacecraft subsystems. It al_o supplies limited energy storage ir_

batteries for off Sun intervals. 6) The pro,',-Ision system provides the required velocity

enviroru_._ent corrections and changes required for the respective midcourse corrections and

orbit insertion. Thepro[,ul|ion subsystem provides a m¢,ans of thzustvector control. 7) The

thermal control subsystem provides an acceF_able thermal environment for all other space-

craft subsystems.

b. _ubs/stern DescriptiOn

The nominal spacecraft System is described below on a subsystem basis and differences

in the min/mun_ and ma:_h_um cases fol],ow each of these des',_riptions:

9-9
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(I) Science Subsystem. The science stibsystern consists of six cruise

instruments, _-;¢eplanet oriented instruments, a data autoTnation system (DAS) and a science

platform. The subsystem col_leersscientific data and supp._ies it to tiletelecommunications

subsystem for transm _ion to Earth.

(a) Cruise instruments. The cruise instruments are the n_agn_tometer,

the piasma probe, the energ_tic ,,articledetecto:, the micrometeoroid detector, the two-

frequency occultation beacon, and the friars radio noise experiment. The cruise instruments

are operational for the entire mission and send cruise instrument data to Earth continuously

: during the cruise phase. However, cruisc science data is no: sent during maneuvers and

diagnostic modes. Cruise science and engineering is time-shared wi[h planetary science

dat'_while in orbit. (Se_ IX. E. )

(b) Planet Oriented Instruments. The planet oriented experiments are

_ the te'.evision camera, and the Mars scanner. The planet experiment data is taken during an

i interval included in a Z-hour period about periapsis. As the data is taken, it is stored in a

tape recorder located in the telecommunications subsystem. The inst.-ument performance

data is transmitted in real _ime. During the remainder of the orbit, d-,e stored data is played

hack and transmitte_ to Earth.

! (c) Earth Occultation. At each occurrence of Earth occu!tation the two-
f frequency occultation beacon data is recorded at the DSN.

(d) Platform Pointing. The two planet experiments are mounted on the

- sc,_nce platforrn which poLnts the instrume.nts. Platform pointing (about the scan axis, which

is nearly perpendicular to the orbit plane) is set once per orbit. U he direction of the scan

"_ ax/s can be u t kated once during *.he orbiting life of the mission. This update is used to keep

• the scan axis close to perpendicular to the orbit plane. The spacacraft orbit motion provides

an instrument track across the planet.

= (e) DAS Functions. The data _utomation subsystem, (DAS] controls the

instruments and progrz-_._=_e data. The exec1_tion of these function.s are facilitated by

cmnrnands from the ._eleconlrnunications subsystem and by control and timing _ignals from

the CC&S.

(f) Mini::num]_Maximum Case Comparisons. The minimum caJe has no

science capability and no facilities for handling scientific equipment or data. The rnaxirnunl

case has _,o planet instruments in addition to the nominal case complement; the infrared

inter_erorneter, and the ultraviolet spectrometer. Only the interferometer is added to the

science platform, thereby n,aking a total of three instruments on the main scan platform.

Additional requirement of the pla, tform is the stepping or setting during the orbit in the orbit
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plane, and the setting of the platform axis for each orbit to allow for local vertical tracking

and other options. The UV spectrometer has a separate (additional) pointing mechanization.

(2) Telecommunications Subsystems. Telecommunications consists of the

telemetry subsystem, the radio subsystem, the command subsyetem, and the antennas. The

telecomrntmications subsystem receives and decodes commands, "transmits scientific and

engineering dat_ to the DSN stations, and provides transponding capability that enables the

Earth-based stations to determine the spacecraft position and velocity,

(a) Te]emetry Subsystem. The telemetry subsystem accepts serial binary

scientific data measurements and 130 engineering data channels. Th,_ analogue engineering

samples are conditioned and converted to binary words, The scientific and digital data is

time-multiplexed or commutated, and modulate a subcarrier. The modulated data subcarrier

is added to a synchronization subcarrier to form composite signals whichmodulate the RF car-

rier of the spacecraft-to-Earth channel. Three bit rates are available; typical data rates are

133 1/3, 66 Z/3 and 8 I/3 bps. A tape recorder with 15 x 106 bit capacity is furnished.

(b) Command Subsystem. The command subsystem recognizes corv_-nauds

in the receiver outputs, and converts them into digital fornl acceptable ay the CC&3 and the

subsystems which execute the commands.

(c) Radio Subsystem. The radio consists of redundant receivers and

redundant 10 wa_ transmitters. Twenty watt transmitters are considered as an alternative.

The RF signals from the antennas are supplied to the receiver. Signals are amplified, phase

locked, and demodulated into modulated signal outputs. The two demodulated signals, the

commands subcarrier and the synchronization signal subcarrier are supplied to the command

subsyste_n. The modulation signal output is supplied to the turnaround ranging unit, which

demodulates the ranging signal, and supplies the demodulated signal to the transmitter for

modulation at the transmitter frequency.

", The transmitter modulates input signals at the spacecraft to Earth channel ,_requency,

amplifies the signals, and radiates an effective 10 watts. The transmitter signal inputs are

the scientific and engineering digital encoded data supplied by the teler_letry subsystem, az_d

I ranging signal supplied by the receiver.
the demodulated

I

(d) Antenna Subsystem. ,_ single axis, s_eppable 3 foo +- diameter high-

1 gain antenna and two low-gain antennas are furuished for receiving radio signals from Earth

and transmitting radio signals to Earth. The spacecraft three axis attitude control subsystem

supplies the base-reference for pointing the high-gain antenna. The high-gain antenna is

I pointed 9 degrees off the axLs of its movement to provide incremental changes in pointing,

thereby providing a circular ,_overage with the main lobe of the antenna pattern. The axis of
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movement of the antenna is at an angle of 38 degrees to the -Z (roll) axis, on the end that

faces the Sun. One low-gain anterma is mounted on the Z roll axis and a second Iow-gai:1

antenr, a is mounted on t_.e end of one of the solar panels.

(e) Minimum/Maximum Case Comparisons. The minimum ca_Je |:as a

single recci,.er, and capacity for receiving only 30 di_rete commands (D. C. ) and one

quantitative comma__d (Q. C.). The data eucoder handles 90 engineering measurements, and

the 3-foot antenna is fixed. Only one E4ariner 1964 type low gain antenna is supplied. No

tape recorder is included and only one data mode is considered. Finally, only two data rate- _

are incorporated; 33 I/3 and 8 I/3 bps.

The max'.mum c_se reouires 45 D. C. , 5 Q. C., and 150 engineering measurements. A

48 inch dia_neter two-axis bteopabie antenna provides increased data rates, which are 226 2/3,

122 I/3 and 16 Z/3 bps. The increased data rates and science payload requires a larger tape

recorder capacity of about 50 million bits. The Lransraitter has 20 watt po_.'er output

capability.

(3) Guidance and Attitude Control Subsystem. The guidance and attitude

control subsystem supplied attitude control, attitude references, and guidance coutroi for all

mis__ion phases and maneuvers with one exception. The pitch and T-aw thrust vector control

hardware is supplied by the propulsion subsystem.

(a) Attitude Control. The cruise and orbit attib:de control torque is

s'app|:ed by a cold gas system consisting of a rAtrogen tank, with plumbing to the ends of all

of the salar panels, ]Z jets, and 12 solenoid valves. Solar pressure torques on the spacecraft

are reduced by adjustable fan shaped solar vanes mounted on the end of the four solar panels.

lVlaneuver attitude control is supplied by the same cold gas system that supplies cruise and

orbit attitude control. Roll control during powered flig]_t is supplied by a separate cold gas

system with jets on two solar panels tips.

(b) Attitude Reference. Primar7 attitude reference is supplied by Sun

sensors which supply 41r steradia:l coverage, and a sharp pitch and yaw null detection. The

null is aligned on the rol- _ axis. A Canopus detector supplies roll reference. Attitude search

and rn_zleuvers require an inertial reference which is supplied by gyros. The velocity

increment for midcoux'6e m_neuvers and the insertion maneuver are determined from

measurements taken by a roll axis acce,erometer.

(c) Minirnurn/Maximu:n Case Comparisons. The minimum case uses a

timer to measure thrust duration because a higher periapsis altitude orbit is used and there-

fore a lower accuracy requirement is permissible for the trajectory corrections and orbit

insertion.
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The maximum case is no different from the nominal case in function, but the guidanct:

and attitude equipment has an increased capacity/ to handle the :arger spacecraft and to

accommodate an additional three months orbit lifetime.

(4) CentrRl Computer and Sequencer (CC&S). The central computer and

sequencer (CC/_S), consists of a frequency reference, and a memory orier, ted timing

capability. The CC&S provides sequences f,_.- acquisition, maneuvers, cruise, and the orbit

phase, in addition, timing signals are prov___ed for file DAS. The maneuver sequence is

supplied to the CC&S for storage in the forrr, of quantitative command (Q. C. ) No. I and the

orbit sequencer is supplied in the form of Q. C. No. Z. A Mariner 1964 type timer CC&S is

cons idered as an alternative.

(a) CC&S Capabili_.ies. Tne CC&S has a random access memory,

comparison registers, and simple addition _nd subtraction capability. The commands

directed to the CC&S are stored in the me:nory and are then executed with signals produced

by memor_ bit accumulation (counting), comparison, and signal output generation.

(b) Maximum/Minimum Case Comparisons. The minimum case CC&S

utilizes timer and is similar to the Mariner i964 CC&S. The CC&S consists of a frequency

reference, a master timer, and a mal_eu_r sequencer. The master timer provide. _ the

routine control timing for updates antenna switching, automatic searches, etc. The maneuver

sequencer stores the maneuver, Q.C. No. l, and then on an execute command, the sequencer

provides the signals needed to carry out the necessary time and the thrust -_:terval.

The maximum case is similar to the nomin._l case in fanctio., bus includes greater

control capability.

(5) Power Subsystem. The power subsystern consists of solar panels, storage

battcries, a battery charger, and conversion equipment. The subsystem supplies 2400 cps

regulated, 400 cps 3 _ regulated and DC unregulated power. (See Sention XI. C for the powec

_rofi/e. )

(a) Solar Panels. The four solar panels are unfolded after separation and

face the Sun in the cruise and orbit phase spacecraft attitude. The four panels convert solar

energy into electrical energy by means of 100 square feet of N on P silicon photovoltaic cells.

(b) Silver Cadmium Battery. The silver cadmium battery is in three

700-watt-hour-sections, each _vith an isolation diode. The battery supplies all of the power

required to supplement the solar panels, for normal peak loads, and for maneuver and other

off Sun intervals such as might be caused by a meteoric impact. The batteries are recharged

when _he roll axis is back on the Sun, and peak loads are not present.
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(c) Power Conversion. Redundant 2400 eps regulated converters are

included to convert solar panel dc to 2400 c],s ._c for general spacecraft power. A single

400 cps 3 _ ac regulvtor converts the same dc source to 400 cps and supplies gyro power.

Some equlpmen," such as the transmitter strip heater a:zd the gimbaled motor actuators will

use unregulated dc direct from the panels or battery.

(d_ Minimum/Maximum Case Comparisons. the minimum case is

similar to the nominal case in function, but requires less _ower. The maximum case is

also similar to the norrunal case ir function, but requires more power. However, the

nmximrm ca.¢e has a flyby option, and Sun occultation late in the misslon. As a .-esult of the

s;_x and one-half hour injection maneuver, the battery requirement on the z_a_imum case is

increased col.siderably.

(6} )_ropulsion Su_systen'.s. The _wo propulsion subsystems considered for

_rbit insertion are a solid propellant syste_r_ and a lic.,uidbipropellant system. The solid

propellant system is supplemented by a lioaid monopropeUant system for midcourse maneuvers,

whereas the liquid bipropellant system sugphes the raidcourse correction thrust as well as

the insertion retro capability. Roll control is supplied as an attitude control function and is

not "included in the propulsion description.

(a) Liquid Bipropeilan_ Subsystem. The liquid bipropellant subsystem

consists of an oxidizer tank, a fuel tank and a _imbaled motor in line on the roll axis.

Plurn.b_.ngand valves ar_ als_ included. The gimbaled motor supplies pitch and yaw attitude

control for the thrust intervals.

(b} Solid Propulsion Subsystem. The solid propulsion subsystem consists

o£ a spherical tank containing the solid propellant, a built in nozzle, and a nozzle injection

liquid tank. The thrust is directed along the roll axis and pitch and yaw attitude control is

supplied by nozzle injection thrust vector control.

(c) L_quid Monopropellant Subsystem. The liquid monopropellant sub-

system for ._nidcourse corrections occupies one octagonal bay. The system consists of one

tank and a motor side by side, and the necessary plumbing, valves, and jet vanes. Tbc motor

supplies thrust at 90 degrees to the roll axis, and the jet vanes are used for thrust vector

control.

(d) Maximum/Minimum Case Comparisons. The mininLum and maximum

case propulsion subsystems are the same in ftmction wi*J_the nominal case. The minimum

case require_ a smaller capability, and the maximur_ case requires a larger capability than

the nominal case.

(7) Thermal Control Subsystem. This subsystez_ _,s described in Section XI. D.
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C. SEQUENCE OF EVENTS

I. Sequence of Operations

The nominal sequence of operations performed by the spacecraft is describcd from the

Launch phase through the Orbit Sequence phase. The sequence is a function of many variables

and those variables considered of major interest are discussed in detail. The events 1 through

5 are basically similar to those associated with the Mariner 1964. The second midcourse

maneuver may be performed at any time up to a few weeks prior to e,,counter. This decision

_s a function of the spacecraft mechanization (i. e., liquid vers'as solid propellant) and the

accuracy of orbit determination, rhe Retro Maneuver Sequence and the Orbit Sequence are

unigue to th,; Mars i969 mission and are discussed to greater d_?th. A detailed sequence of

events is described in Paragraph 3.

a. Launch

Launchings for the Mariner Mars 1969 Spacecraft wi_l take place at AFETR using the

30 percent Floxed Atlas/Centaur launch vehicle.

b. Boost

From liftoff until nose fairing ejection the spacecraft will be radiated through a parasitic

antenua located on tha nose fairing. After nose fairing ejection, communication will be via the

spaL:ecraft low-gain _nte-na. At spacecraft separation, full power will be supplied to the

transmitter and rhe low power amplifier stage will be switched off.

c. Initial Acquisition

Upon separation from the Centaur, the spacecraft will eject the soiar panels, turn on

*,he cruise science instruments and initiate th; attitude stabilization and acquisition process.

Power during the launch and solar _tab_hzation phases is provided by a battery. After

solar stabilization, power will be provided by the solar panels. Solar acquisition will

nominally be completed within Z0 minutes after injection. Canopus acquisition will begin

93Z minutes after initiation of the launch sequence (which is at liftoff -3 minutes), and

nominally will require 75 minutes to complete.

d. Cruise

During the majority of the transit time, the spacecraft remains attitude stabilized and

transmits continuously. The tran_znitted information will consist of commutated engineering

data frames alternated with science data frames,
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At preselected times throughout the trajectory, several discrete events will occur,

as follows :

I) The Canopus sene;or cone angle will be updated.

2) The bit rate will be switched from 66 2/3 to 8 1/3 bits per second.

3) The transmitter will be switched from the low-gain to the high*gain antenna

and the high-gain antenna position updated.

These events will be initiated by on-board logic with ground command backups.

e. Midcourse M_euver

In an ir, terval frorr_ Z to 1 3 d._ys after injection, the cruise phase will be interrupted and

a trajectory correction -o_ ,ravel will be. performed. A second maneuver will be required to

improve the aiming point dispersion. During the maneuver sequence: only engineering data.

will be transmitted. The t(,_al maneuver period is 932 minutes with events possible in 0.91

minute increments from 0.91 minutes to Z33 minutes (similar to Mariner 1964).

f. Retro Maneuver Sequence

This sequence is esserltlally known and established prior to launch. It is possible

therefore, to inser" into the CC&S two time intervals (i. e., 249 rain and 215 rain) to establish

the start of Retro Motor Burn. This sequence is started by the insertion of Q.C. No. I which

establishes Pitch and Roll duration and polarity and Retro Motor Burn duration. Figure 9-1

illustrates this sequence. A number of events of this sequence are of special interest:

1) A discrete command is sent to execute the s_,art of the retro maneuver,

This cor_mand must initiate the present time se, quence of Z49 minutes at

R-249 plus a known tolerance. If it does not, then it may be sent again to

attempt a more accurate start at R-215 minute.

Z) After both Pitch and Roll turns have been completed and verified" the

decision to start the Retro Mr )r Burn must be made. This decision is

based upon the established [, .obahility of planet cJ,_tamination of 10 .4 as

related to the orbit life of _' spacecraft. The oroit life has been

established at 50 years. _ _ 'ecisicn to inject into orbit req,lires that

another discrete comma_,d be sent.

3) This discrete command may be mechanized to rneet _'ti_er:

a) Sterilization requirements

b) No sterilization requirements

4) The nominal Re:'ro Maneuver sequence requires approximately 3 hours off

Sun for the spacecraft. Figure 9-2 shows the Retro Maneuver sequence

*The Verification Problem requires further consideration.

9-16

1965018274-239



EPD-250 SectionIX

9-17

] 9650] 8274-240



/
/

Section IX EPD-Z50

MODE
2 STARTPITCHAND ROLL

MANEUVERS
3 VERIFYMANEUVERS
4 DECISIONTO INJECT

5. REMOVERETROBURNINHIBIT

==21/3 hf OFF SUN

SENDQC No,I FORRETRO
MANEUVERINFORMATION

_6 I/2 h¢OFF SUN

I FXECUTEFIXEDTIMENO I ANDNo 2
13yGROUNDCOMMAND

?. EXECUTEFIXEOTIMENo. 2 TOINCREASE
ACCURACYRETROBURNSTART

Figure 9-Z. Mars 1969 (Maximum Case) Retro Maneuver
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for the maximum case and indicates a flyby capability with a penalty of

6 1/Z hours off Sun,

5) The retro burn duration is determined by accelerometer cutoff.

g. Orbit Sequence

The first orbit will provide the necessary i*fforrnation to establish _rbit parameters.

Earth occultatio:, experiments may be performed during this firs_ orbit. After references

reacquisition and one complete orbit a number of quantitative commands are sent (as required)

to establish the following:

1) Playback time for the Tape Recorder to coincide with he orbit period

minus approximately two hours.

7) Select and sequence the cruise science instruments.

3) Select either the Mars Scanner or T_r for the planet science sequence.

4) Select the Mars Scanner Mode.

5) Select the direction of the planet science platfor_n position. This position

can be changed once each orbit.

The orbit sequence of events indicates that the spacecraft is initially in data rn de No. Z

untilD.C. No. 33 is sent to establishdata mode No. 3. At this time the planet science goes

on and a fixed data mode No. 3 timer is started. This fixed timer is set for approximately

two hours. The planet science data is taken until the "end of tape" signal which is the same

as for Mariner 1964 spacecraft. After two hours the spacecraft goes hlto data mode No. 4.

During this mode the planet science da_a is played back. if more than one playback orbit is

necessary this may be established by Q.C. No. Z. After playback data mode No. 3 is

reestablished automatically thereby not requiring the use of D.C. No. 33. The planet oriented

science (i. e., the Mars Scanner and TV) may be cycled automatically or by command each

orbit. But, for the nominal case only one of these instruments will be active each orbit.

Note that data mode No. Z is not repeated. The nominal orbit sequence is shown inFigureg-s.

2. Design Constraints

The mission profiledescribed above reflectsthe nominal approach to resolve the

following design constraints of the Mars 1969 Orbiter study:

I) Two trajectorytypes were considered:

a) Type I-B, 1500x50,000 kin, Inc. = 45 degrees, southerly direct aiming point

b) Type LI-B,1500x50,000km, Inc. = 50 degrees, southerly direct aiming point.

Z) The Mars area of interest liesbetwee_t +10 degrees and -40 degrees latitude.

3) The preferred lightingcondition(for TV coverage) llesbetween +I00 degrees

and +140 degrees Sun-Spacecraft-Planet angle.

9-19
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: Figure 9-3. Mars 1969 Nominal Orbit Sequence

9-Z0

_"_,_k'_'' ,_ . _,_':_,,'-k_._;. ,_.. ' _. • _ _#'.',.9_..'._' _ : . '- _ "......" "' ........,.-__-',,_._,_.,_'k,._'_.,._.,,_...,_::_._ ....'" "_":_.' .,......

] 9650] 8274-243



EPD-Z50 Section IX

4) The nora, hal range limits foz planet oriented science data are twice per,apsiu

altitude.

5) The nominal in-orbit mission :ime is 90 days.

6) The nominal downlink has 10-vcatt capsbility with three bit rates. The com-

munications calendar date limit is column (A) an_ the last arrival dates of the

spacecraft to Mars for Type I-B and Type il-B nominal trajectories are

shown iv column (B).

A B B

bps Type I-B Type II-B

133 I/3 It-Z-69 10-3-59 I[-Z-69

66 Z/3 2-I-70 10-3-69 II-Z-69

8 I/3 full mission duration 10-3-69 11-2-69

7) The planet-oriented sc_-_nce l'or the nominal case is the Mars Scanner and TV

experiment. However, only one experiment is active per periapsis

passage.

Figures 9-4, 9-5, 9-6, and 9-7 illustrate diagrammatically what the previous con.-

straints mean in terms o_ area coverage of Mars by the planet-oriented science. Note that i

the Type I-B trajectory provides early coverage of the evening terminator. After 90 days,

TV coverage is m_nimal u_ntll about 160 days.

The time sequencing and pointing of either the Mars Scanner (MS) or Television (TV) :
?

appe.ar not to be a major problem up to approximately 60 days.. However, beyond 60 days _:

the areas o£ interest have shifted sufficiently toward the ml, rning terminator so preclude data i

optirn'_'ationwithout a change in both the time start ard pointing of the MS and TV. Ix*the

,r.._,I-B orbits it is possible to obtain data at both the everlng and morning termlnators as

/n in Figure 9-4, but not within the nominal 90 day orblt mission time. i

The Type //-B orbits preclude all evening terminator science data and require early i

time sequencing of both MS and TV experiments. The pointing requirements appear critical _"

for the MS experiment. For both Type I-B and Type I/-B orbits, the TV experime t does not :

require drast,c pointing change for an orbit mission time of 9n days (i.e., Figures 9-6 '

and q-7 ). i

Th_ science platform scan axis is updated oncn at 80 days for the Type I-B trajectory

and updated once at 140 days (for the Maximum Case_ for the Type H-B _rajectory due to the

motion of Mars in its orbit about the Sun and precession of the spacecraft orbit plane.
F
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The in-orbit sequencing is closely related to the communications downlink capability.

Note that constraint No. 6 shows that we will have 133 ]/3 bps capability for a n.inimum of

two months for Type I-B and I month for Type II-B Mars orb-:t. For a nominal 40-hour

playback period this corresponds to 19. Z x 106 bits total. The proposed storage capacity is

estimated at 15 x 106 bits. The tape recorder has an "advance tape" capability and thereby is

considered sufficiently flexible to handle the maximum bits. The tape recorder will be

required to playback two orbits at a 66 2/3 bps capability. This capability has also been

included.

Where the downlinJ_ is Z0 watts the bit rates wit! double. To take full advantage of this

additior_! capability the on-board storage capacity should be doubled also.

Note that with an instrument bit rate of 50,000 bps (i. e., TV) the TV operates five

minutes to store 15 x 106 bits. With a 5000 bps for the Mars Scanner this instrument will

operate 50 minutes to store 15 x 106 bits. The instrument operating times are compatible

with the time it takes th__ spacecraft to pass over the Mars areas shown in Figures 9-6

and 9-7.

3. Detailed Sequence of Evenrs

Table 9-] shows a typical flight seque:,ce for the nominal Mariner 1969 case. The

table defines in detail the sequence of operations performed by the spacecraft from the

period immediately preceding launch until completion of the mission.

9-Z6
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! D. SPACECRAFT BLOCK DL&GRAM
±

•' The simplified spacecraft block diagram of Figure u-8 shows the major subdivisions

of the proposed Mars 1969 spacecraft functional mechanization.

t

3
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E. DATA HANDLING, TELEMETRY AND RF
COMMAND REQUIREMENTS

I. De _ cript_on

a. General CapabiJides

The Mariner i969 spacecraft will be equipped widl a cornn-,unications system capable of

; transmi*ting spacecraft data to the DSIF. The spacecr:f* _'-'_.ig dlvidcd into engineering data

and scient-lficdata. During the maneuver i,ortions of the flight, orLlyengineering data will be

transmitted hack to Earth. At other than maneuver ti:nes, both engineering and scientific

data will be trans=nitted back to Earth in real time, wit},the scientific data comprising the

greater bulk of the total data. While in orbi£, much of the data _aken at planet enco_u%ter will

he stored in an on-board magnetic tape storage device. This stored scientiflc data will be

transmitted hack to Earth daring one or a numher of orbits about Mars.

The Mariner 1969 spacecraft will have three transmission rates and four data modes

available to allow som_ flexibility in the spacecraft data telemetry systems. This flexibilitT

is highly desirable because of the large range of communication distance and the several

operational modes that take place during the Ma'_-iner 1969 mission.

b. General Data HuDdling

I) Dam will be handled in the spacecraft in several ways as shown in

Figure 9-9.

Z) All analog engineering data will be time shared by the data encoder

commutator and converted from analog voltage to 7 hit binary data words

by the data encoder analog to digital converter (ADC).

3) All digital angineering data (i.e. , data which is in binary form when

received by the data encoder) will be time-shared with other measurements

of this type and with the output of the ADC.

4) During the launch phase, initialacquisition and cruise, blocks of science

data Z80 bits long are alternated with blocks of engineering data 140 bits

long for real-time transmission.

5) During m=r.._,,vers, only engineering data will be transmitted.

6) During plavetary encounters- a ;%rge portion of the science data will he

stored in the on-board magnetic tape recurde,'. The remainder of the

science data will be transmitted in real time _o the DSIF.

7) The stored science data will be transmitted to D31F af*er planetary

encounters during a specified portion of an orbit o: orbits. During the

i lime the stored science data is being transmitted, t_v_i, _,Ltlh, eerlng and RT

Science will be transmitted,

9-37
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8) No on-boaz'd engineering storage-p]ayback system .#illbe used on the

Mariner 1969 spacecraft, except in case of Retro Maneuver verification.

9) The engineering da*a will be divided into fae't,medium and slow speed

measurements. The sa.ni.lingfrequent, of each is assumed to be

compatible with Mariner 1964.

.. I

MED _ SLOW a SW-IDECK DECK

I J

SW-2

o TIME MODULATOR

SCIENCE MULTIPLEX I [

SW-3 lTAPE o,,,"_fo
RECORDER

T -2 3 4

SW-I :LOSEZ _.3SED OPEN _OIEZ

SW-2 OPEN ;:LOSF..D_ _L_

SW-3 OPEN OPEN OPeN !_.JOSE£

Figure 9-9, Telemetry Mode Functional Block Diagram

c. Data Modes

(1) Gencr_l. The purpose of having a-number of data modes is to obtain the

maximum available sarr.p_iltgrate of the measurements required dur:ng a particular period by

not transmitting inforrnation which is not as useful during that period, Fo.r data modes have

been selected for the Mariner 1969 Orbiter.

9 -_JG
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(2) Data Mode Alloc:ation.

1) Data Mode 1: 100 percent Engineering Data

Z_- Da:a Mode Z: 1/3 Engineering, Z/3 Science

3) Data Mode 3: 100 percent Science

4) Data Mode 4: 9C percent Playback, 10 percent Real Time

Z/3 C:ience i/3 Engineering

(3) Sample Format. A satnple format is presented in Figure 9-10.

MODE I ['
t 420 BiTS ALL ENGINEERING
L

PERIOD=6.3 =ec AT 66 213 bp$

280 SCIENCE (RT) 140 ENGINEERING

PERIOD =6+3 sic

420 BITS SCIENCE (RT)

PERIOD= 6.3 lec

MOOIE4 t

420 SCIENCE (NRT)

420 SCIENCE (NRT)

420 SCIENCE (NRT) J
I

420 SCIENCE (NRT)

420 SCIENCE (NRT)

420 SCIENCE (NRT)

420 SCIENCE (NRT)

420 SCIENCE (NRT)

420 SCIENCE (NRT)

280 SCIENCE (RT) 140 ENGINEERING

PERIOD: 63o0 sic

SLOWEST EN,SINEERING MEASUREMENT PERIOD AT 66 2/3 bpl = 5.05 hrl

Figure 9-10. Telemetry Mode Sample Format
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d. Telemetry Measurements

The followingengineering telemetry channel allocationsare conside:'edfor the Mariner

1969 Orbiter.

Number of
Division Channels

I) 33 12

2) 34 58

3) 35 45

4) 38 15

5) Total 130

The breakdo_rn of the allocated channels for a three-speed corr_mutation system is shown

in Table 9-2.

Table 9-2. Nominal Case Commutation Allocations

No. of Low No. of Medium No. ofH:,gh
Division Speed Measurements Speed Me_suremerts Speed Measurements

33 3 5 4

34 i3 Z6 19

35 ,_1 2 2

38 9 3 3

Total 66 36 28

e. FlightSequence Requirements

(I) Data Mode Switching. At launch the spacecraft will be in Data Mode 2

(cruise). Itwill normally remaia in this mode untilthe firstmidcourse maneuver. At that

time a command willbe sent frJrn the ground caus_.ngitto go irt6 Mode 1 (maneuver). After

the midcourse sequence is completed a comz,,a*tdwillbe sent from the ground cav_ing itto

return to Mode 2. Mode 2 will be used untiljust before planetary encounter exc,,_cfor

additionalmar,euvers for which t1".e,xboveseguence will be rep_.atedo

After the termir_l maneu,,er, the.,pacecraft will reacquire the Sun and Canopus, and

remain in Data Mode 2 for one.coi%qt31eteoroit. This initialorbitwillbe utilizedfor deter-

mini,_gorbitalcharacteristics,.S._'._aetime during the second orbit, a quantitativecommand

9-40
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will be sent to the spacecraft which will provide an orbital period reference for the spacecraft.

At some time late- during the second orbit, a ground command will start an orbit timer and

will place the spacecraft in an orLit mode of operation. T.his orbit mode will alternate the

spacecraft Data Modes between Mode 3 (,_"metary science data acquisition) near periapsis,

and Mode 4 (playback). The planetary instruments #ill be so mechanized as to alternate

between the Mars Scanner and the Television during consecutive orbits. There will be a

ground command to switch planetary instruments. Fo:" the purpose of viewing alternate

portions of k4ars, a platform pointing command will be available and a time delay command

for the planetery instrument activation.

(Z) Data Rate Switching. Three bit rates will be available on the Mariner 1969

spacecraft. They are 133 i/3 bits per second, 66 2./3bits per seccnd and 8 I/3 bits per

second (see Paragraph i.).

The spacecraft bit rate will normally be chosen by radio command. A CC&S backup

should be provided to switch the data rate to the 8 i/3 bps rate sometime after the completion

of the firs_ maneuver.

The 133 1/3 bit rate will be used as long as the s-gnal level from the spacecraft is high

enough to allow good data recovery at this rate.

Z. RF Command Requirements

The Co:nmand Lists _s proposed for the Mariner 1969 Orbiter are presented in

Table 9-3 (Discrete Gor.,mands) and Table 9.-4 (Quantitative Co,q_,-nands).

3. Deviations from the Nominal Case

a. Maximum Case

In considering the maximum case, certain assumptions are mad_ (see Section IX. B)

which alter the telemetry criteria as discussed in the nominal case. The purpose of this

section will be to point out some of the :najor deviations from the nominal casf.

(I) Measurements. The number of measu,'e.",,en=s considered for the

maximum case are as follows:

-)-41
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Number of

l_.vision Channels

_i l) =_: 13

.) 2) 34: 66

3} 35: 51

4) 38: 20

5) Total: 150

These channels will be cornn_utated as shown in Table 9-5.

J

Table 9-5. Afaxim,urn Case Commutation Allocations

i .....

" No. of Low No. of Medium No. of High
Division Speed Measurements Speed MeasurJments Speed Measurements

j 33 3 5 4

34 15 Z6 Z0

35 46 Z 3

38 1_ 3 4

. Total 76 36 3!

!
(2) Command List. In addition to the nominal command list, the following

_ commands woula be necessary for the maximum case (see Table 9-6).
1

Table 9-6. Additional Maximum Case Commands
J

.J

Direct Command

(Number) Event Source Destination Comments
i
; 39 Start TV Playback Gnd Radio

) 40 Rewind MS, UV, IR Tape Gnd Radio For selective

I and Stop playback
• t

In addition to the above commands, the complexit 7 of some of the nominal case

commands will increase due to the fact that four instead of two planetary instruments will

be affected.

b. Minimum Case

The considerations of the minimum case outlined in Section IX. B would cause a great

i reduction in both the number of measurements and the number of commands
required, as

shown in the,following paragraphs.

9-47
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e Number of

= Division Channe!s

._ l) 33: 13
_ 2) 34: 36

: 3) 35: 36

i_ 4) 38: 5

i_._- 5) Total" 90

(1) Channel Allocations. ._he allocation _f the above channels will be made

i-_ as shown in Table 9_7.

i Table 9-7. h&inimum Ca_e Commutation Allocations

-: _o. of Low No. o£ Medium No. of High
.Division Speed Measurements _peed Measurements Speed Measurements

I 33 5 5 3
t_

35 35 0 1

38 '3 2 3

Total ,48 24 18

(2) Command List. The foUowing com_._l_ will be deleted from the

nominal case:

• Discrete Commands: I$, Z4, 25, 34, 35, 36, 37

• (_uantitative Commands: 2, 3, 4, 5, 6

4. Twenty-Watt Transmitter Alternate

Although the bulk of the Mariner 1969 Orbiter Feasibility Study was performed with the

assumption of having a 10-watt spacecraft transmitter, the possibility of utilizing a 20-watt

transmitter in either of the before-mentioned cases has been proposed. The possible bit

rates corresponding to this increased available transmitting power would be 2Z_ bps, 1 12 bps

and 14 bps. This in e/£ect would double the tota_ number'of bits transmitted per orbit. In

order to take advantage of this situation, it is inferred that the storage capacities be':ng con-

sidered for the 10°watt case be doubled. Furthermore, the data handling problem would

become correspondingly more difficult. Although the detaDed problems associated with the

20-watt transmitter case h_ve not been sufficiently analyzed) it is anticipated thaL most of

the perturbations would not be great enough to significantly chan_e the system as outlined in
the nominal case.

)
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F. TV, M_RS SCANNER, OCCULTATION-PROBABILITY OF SUCCESS

The Mars 1969 Orblter spacecraft ia ane.lyzed to davelop the probability of success of

the TV, !_[ars Scanner and Occultation experirr, ents. The general basis of departure assumes

that the spacecraft approximates the degree of complexity of the hF_arm_.r 1964 spacecraft. This

analysis does not include the reliabilit_ 7 for the launch vehicle, ground flight operations and

for all spacecraft maneuvers. The ma,4euvers require the successful operation of relatively

few electronic components. The depend'.-nt subsystems (i. e., attitude control; CC&S) are

included in the generalized spacecraft reliability model indicated in Figure 9-1 I. Additional

assumptions are listed in subsequant paragraphs.

The planet oriented science includes both Television and the "N_ars Scanner. Data are

obtained first from one then from the other experiment. Data are never obtained from both at

the same time. Playback of data is required prior to switching to the other experiment. The

occultation data are desired at least once.

1. Introduction

The reliability analysis evaluates the probability of obtaining:

1) Television

2) Mars Scanner Data

3) Television and Mars Scanner Data

4) Television or Mars Scanner Data

5) Earth Occultation Data

This evaluation was performed for:

6) One spacecraft launch opportunity

7) Two spacecraft launch opportunities

Reliability calculations were made for both Type I-B and Type II-B trajectories at

three points in time, i.e. :

8) Trans _. iL_ne and including the first pl_.net oriented science pass at Mars,

designated as orbit No. I in Table 9-_,,

9) Transit tizne and including the first 50 orbits. This approximates a 90 d_y

orbit mission for a nominal orbit periol of 42 hours.

10) Transit ti_te and including the first i00 orbits. 1_nls approximates a 180 day

orbit mis,_ion for a nominal orblt period of 42 hours.

9-50
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Figure 9-I I. Mariner Mars 1969 Probabilityof One Spacecraft
Operating for T Hours

• 9-51

l

-_-"- - '" :- '_................... "' ' " ' ..........""";"L' '_'_"-'[.....,' *,'_.,-','":._,"_-,.,_-',;.,_.7';'-,_',.1"--,,........ ,, .::::r";:£,'_:12;:,_

1965018274-274



- /

Section IX _PD-250

i __m i u i i i i

.i (_
0 0 ¢_ 0 0",' 0" r-- r-- '_ '_

0 0 0 0 0 0 O_

1965018274-275



r

EPD-250 Section IX
..... r ii ! Hi| i if., ,|i , , -

The Earth Occultation Data probability of success was calculated at only the first orbit.

Data for this analysis was obtained from IOM 31 _-1711 "Mariner C Spacecraft Subsystems

"J " Reliability Analysis" by P.H. Steinbrook/R.F. Miles, J1,, (8/17/64) and IOM 313-]719

"Reliability Calculation for the Probability of Obtaining Television Data and Occultation Data

for the _¢lar.4nerC Mission" (8/Z0/64) by the same authors.

Z. Restrictive As sumptior s

The most _estrictive assumption of this analysis is that i_ is o_sed on _,endon_ part

: fail.ures. P_rt failures are assumed to be csta._trophic in nature and degraoed operation of

parts is not considered. [t is assumed that a failed part is completely inoperable and will

rexnain inoperable from time of failure throughout the balance of spacecraft .t_fe.

Conlponent failure rates are taken as those shown in PRC-I_-433- :'Reliability Analysis

of the Mariner C Spacecraft" (Planning Research Corporation, 9 December J963). Not

energized components do not degrade during the flight. The data are tenuous and can only be

considered as gross estimates.

Spacecraft components failures during the launch period have not been included in this o

analysis. All spacecraft subsystems are assumed to be operable after injectlon.

3. Reliability Model

The reliability model is derived by using three basic forms. Components are summed

to obtain _nits, units arranged into subsystems, and finally subsystems combined to form the

spacecraft. No redundant component paths assumed in the formation of the unit reliability.

The failure rates for all of the components in e_ch unit summed to form unit failure rates.
•th

All failures assumed to be ra Idom in nature, sc the probabilitj that t._ei unit remaining

operable decreases as:

Pi= e pI-Ait}.
Where _i = The failure rate for the ith unit,

t = Flight- time

.,"

The reliability diagrams for the Occultation and TV/MS Missions display all required units _

as series eleT.nents, with redundant units displayed as pa_allel elements. The spacecraft's _,

probability of success obtained by multipl¥img together each of the units that appear in series,

P = ]PaPb ...... _,

9-53 I'
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'_ while redundant unite or mission alternates are treated _s:

P
+ Pb " PaPb; Pa '

F"_gure 9-: 1 represents basical]y the spacecraft reliability model used to develop the

data in Table 9-8 an_ T_. :.,!-: ")-9.

4. Conclusions

Table 9-9 shows the probability of obtaining TV. MS, occultation data for 1 and Z space-

craft !aanch opportunitie _, /or Type I-D and Type II-B trajectorie6 _.t three points _, time.

Though the calculated results are based upon some gross assumptions it is readily seen the

effect time has upon the probabili_, tigures for spacecraft success.

! Table 9-9. Mars 1969 Spacecraft Probability of Success
for TV, MS Occultation Experiments

i --.

Only One Only Two TV or MS Occultation
E_periment Experiments Experiment Experiment

: No. of Trajectory One _Iwo r3ne _ wo One Two One 2 wo
Orbits T'/p¢ SIC S/C S/C S/C S/C S/C S/C S/C

I I-B 0,514 0. 764 0. 254 0. 444 0. 764 0. 944 0.8Z2 0. 967

1 II-B 0.372 0.606 0,138 0.257 0.606 0.844 0.753 0.939

50 I-B 0. 126 0.236 0. 016 0. 029 0. 236 0. 417

50 II-B 0. 095 0. 181 O. 009 0. 018 0. 181 0. 330

100 I-B 0.(30 0.059 0.0009 O. OOZ 0.059 0.115

I00 }l-B O. OZZ O. 043 O. 0504 O. 001 O. 043 O. 086
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SECTION X

SPACECRAFT SYSTEM MECHANIZAT!ON DESCRIP FION

A. NOMINAL CONFIGURATIONS

I. Instruments and Subsy'_tems

The nominal Mars orbil =pacecraft is comprised of a set of body fixed science instru-

ments, a set of scanning ;nstru. "nts and the necessary subsystems to support the scientific

mission. The sFacecraft complement of science instruments and salient subsyste_ns are

listed below:

2

a. Science Instruments

I) Body FiNed instruments

a) Micrometeoroid detector

b) Solar plasma experiment

c) Energetic particle detector
i

d) Magnetometer

i e) RF occultation beacon

f) Mars RF noise detector

Z) Scan Platform Instruments

a) Mars scanner

i b) TV experiment

h. Principal Spacecraft Subsystems

i) Spacecraft Bus - Octagonal structure which houses electronic subsystems

Z) Antenna subsystems having the capabihty to accoo_rnodate Tlpe I an_.

Type II trajectories

3) Power Subsystem - Flay-array solar photovoltaic cells and battery

4) Cola gas/solar vane attitude control subsysten-_

5) Orbit insertion and midcourse propulsion systems:

a) Restartable liquid midcourse propulsion system and solid propellant

retro engine

b) Liqui '_retro propulsion system with integral midcourse cap.Lbility

6) Thermal control subsystem

I0-I
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?,. Basic Configurations

Two basic spac craft configurations will be discussed. The primary difference be*.ween

the two con_igura'.ions is the prop'o/sion systems. One coufiguration contains a bipropellant

liquid prop,_/sion system for all n_idcoLr_e and the orbit insertion n-.aneuver. The other con-

figura%ion con_a:./,_a _olid propeiL_n_ propuis,on system for the orbit insertion maneuver and

a Ma:'Lner 64 type of liquid monopropellant mid-_ourse propulsion system. _ .c other sub-

systems of the spacecraft are essen:ially the same for both configurations. The configuration

containing the Liquid p;opulsion sy_,tem will be discussed first and then the differences in the

configuration cat,sed by subr.i'itutingthe solid propellant retro and ]iqudd nlidcourse system

will be defined.

G_nfiguration I is _,ho_ra on 2"PL Drawing J-4300blg, Sheet 15 and Configuration Z is

_hown on Sheet 16.

3. Configuration I Science Lnstruments (F_gure 10-1)

a. Bc dy-Fixed Instruments

All of the body-fixed science instruments are mounted on the Sun-side of the spacecraft

bKs in order ":o s_tisfy required look angles and positions. Both the magnetometer and the
L

Mars RF noise detector have bLoms _,hich must extend betwee_Ithe spacecraft solar panels,

In order to keep these booms from being within the look angles of the forward spacecraft

antennae, the booms gre pointed aft (end opposite frcm the Sun) of the solar panel plane by 30

degre,_-s. Even with this pointin5 position, the 30-foot boom of the gg noise detector and the
7

15 foot telescoping boom of the: magneto_ .-r cause perturbations to the antenna patterns.

Cyclic depioymen_ of these booms may be required to satisfactorily meet the antenna sub-

system communication requirements.

L

b. Scan Plat.form Instruments

• The Mars Scanner and TV experiments are mounted on a scan platform which attaches

to the bottom of the spacecraft on the opposite side from the Canopus sensor. It has 2 degrees

of _reedom, one degree about the deployment axis and one degree about the scan axis which

is nornii_lly perpendicular to _-e spacecraft o_bit plane about Mars. In order to provide

adequate structural support, the platform is stowed close to the spacecr',Lft bus. After retro

into the Mars orbit, the platform is deployed to position _ fo_ the first part of the orSital

period, 2_ppare,st moi_ga _-_ the Sun and Canopus requires that this deployed position be

updated to position Z for the latter partoft_e orbitalperiod. W_nen the platform is in either

of these poaitions, the #car_ axis has a capability of nearly 300 _egrees of travel. This

permits the scan instruments to look at the planet ahead of the morning terminator and past

10',,Z
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the eveT_ing termin,,_or. The mechr_nizatior, _f the scan axis, however, is such that a give5

positic, _,tn be selected for each orb_ and by comrna,_d can be moved to that position and

locked t,_ere for that orbit.

c. Deployment Positions

The deployment positions 1 and 2 ar selected 3uch that the scan axis "s nominally

normal to the spacecraft orbit plane about .._iars throughoat *he _p_cecraft's design lifetime.

Both Type I-B a_d Type II-B orbi_l havi,_g 1500 kilometer peri_psis and inclinations of

4-= _grces and b0 degrees, respectively,, were used to select these positions, laosition 1 is

such that the scan axis has a cone angle of 67 degrees and a clock angle of 195 degrees and

position 2 is such that the scan axis has a cone angle of 80 degrees anal a clock angle of

215 degrees.

d. Scan Platform Design

The design of the scan platform rr._st integrate the design of _he instruments themselves

with the r.tructural design of the platform and its support in order to keep the vibration

environment of the instrurneuts within acceptable limits. The instruments will probably

present the most challenging structural design and tt_ermal design problems of any component

on the spacecraft.

4. Spacecraft Bus

The spacecraft bus is conceptually sirailar to that of th_ MaL_ner 64. It is an octagonal

structure having the same di_metral dimensions as the Mariner 64 but the depth is increased

to obtain 1.43 tithes the Mariner 64 packaging vo]'_me, The structure is wrapped around the

two propellant tar, ks ,f the spacecraft to aid in the thermal con_ro] of the spacecraft. The bus

support structure attaches to the lower _nk and to the forw_.rd end of the spacecraft adapter.

The inflight separation joint is located at the base o_ the support structure. As is typical,

the spacecraft bus serves as tb.¢ rnoun_in_ structure for both the science packages a_d for the

gas bottles used in the attitude r_ontrol subsystem.

a. Anter_na Subsystem.

The antenna subsyste,_._ consists o_ two low-gain antennae which v, ill cover both Type I

"t and Type II trajec_sries during the iuterpl_netary transfer portion _f the rission a_d a high-

i gain anter, na which is used near encounter and during the Mars orbitr.l period after encounter.

(1) Forward Low-Gain Antenra. This antenv_ is simila_ *o the Mariner 64

low-gain and is used for _elemetry d_ring early portions o_. the flight f, ,r '_ype I trajectories

10-7
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and aJso for getting comrnandb into the spacecraft, A requirement for roll symmetry is

nearly achie,ced by locating this anter_.a just off the roll axis of the spacecraft A 1P.0 degree

look angle from the roll axis is achieved, alt_,ough ,'eflec_ion_ from the spacecraft structure

and science booms present problems. It appears feasible to increase the shroud envelope

height by at least one foot; thus it is possible to achieve a slightly larger look angle with

this antellna if needed.

(2) Side Low-Gain Antenna. A side looking low gain antenna c.(the circularly

polarized type is required for early Type II tr.ljectory coverage and to cover early midco'_rse

maneuve) s, For Type 11 trajectories which have been conside"ed in this study, the spacecraft

f passes through perihelion early in the flight. In this case, the spacecraft li_s between the

Earth and the Sun; thus antenna ccverage is required on the aft side of the spacecraft. This

antenna is mounted on the solar panel which is located at 45 degree clock angle from the

Canopus sensor. To achieve a It0 degree look angle from the antenna peak gain direction it

must be mounted on a boom out beyond the solar vane which is _.,_tached to the panel tip.

Because of shroud constraints this boom must be hinged at the panel tip and latched to the

panel support structure,

(3) High-Gain Antenna. The 1,igh-gain antenna is a 3-foot circular reflector

and operates at S-band. It has a _ingle sxis of rotation by updating the actuator position it

follows the Earth track at the end of the heliocentric transfer orbit and for an orbiting period

greater than 90 days. The actuator axis is oriented at 38 1/Z degrees cone angle and Z70

! degree clo_k angle and the antenna B F axis i_ b-a _,',__.; dr,_rees to the actaator axis. Thus

the RF axis describes a 9 degree h.lf a,_Si_ co._ as rile&ctuator is rotated 360 degrees. The

launch position pointing of the antenna is 45 d.'grees cone and 270 degrees clock (spacecraft

coo, dinates) which will assure com_nunlcations at _iars encounter should ua actuator fai]ure

._ occur during the cruise phasc of the mlssi_n.

b. Solar Panels

The configuration drawings _h_w solar panels 4Z inches wide _y 85 :_,:!,:slong, giving

J0 square feet of cell area, Th_ .'_-quirp.dar_a is 97 square feet if a I' ' ,." transmitter is

used and 106 square feet if a 20 watt._r_nsmitter is used.

The solar panels sre hinged on the fo._',&rd end of th_ bus _: ,_'t_" and are packaged

_' downward in the shroua envelope. _ ,-.ord_l f,/.¢,s require_{ i,_:,.'-":,,'_o ach,eve the required

panel area. These panels r_ay be erects6 either by _ing a si,_4_. _._t'_ator with the outer

< _.ane_ slaved to the inner or by uti_r.in,_ two ac._uators, one at e_._h hinge. The panels will

remain erected during the retr(, n%aneuver; therefore an outrig$_r support is required at

i a gproximately the quarter po:_nt on the panels, so the panels will sustain the g loading caused

hy retro with minimum we._ght peru_lty. Point dampers will be u_,ecrat the support point for

b,_th the launch configuration and for the r_tro configuration.

10-8
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c. Attitude Control Subsy_Jtem

Canopus/Sun references are used for this subsystem, The Canopus tracker is rnoun:cd

on tbs spacecraft _us between two solar panels thus achieving the required look angles for

the sensor. Sun sensors loc_t" ns have not been defined.

Redundant niaro&en gas systems are used for attitude control. These systems consist

_f two eleven and a ha]f-il,ch diameter gas bottles with jets mounted on the ends of the panels.

The plumbing must cross two solar panel joints.

Solar vanes approximately 13 square feet in area are mo_mted on the tip of each panel

and are used for center of pressure trim and also for active attitude control. These vanes

interact with the antenna system and further studv oi this inrerface is required.

d. Liquid Propulsion System (Hydr_.zine-NpO41

The two p"ope',lant tanks in th_ liquid propulsion system are approxirnat._.ly 31 inches

in diamc.ter. The tanks, together with the thrust chamber, are on the spacecraft roll axis

in _ tandem "_rrsngernent. E-_pulsion oi the propellant is accomplished by us.._.g bladders and

prt'ssuriz:_d helium gas. A single 600 pound thrust engine having an 80:1 are_ r._';io is used.

The en_me is gimbaled from the bottom tank and pitch and yaw thrust vector control is

acltieved by two electromechanica_ actuators. I_.oll control is provided'by a cold gas system

with jets mounted cn the tips of the solar panels.

Midcourse corrections witl be made by firing the main engine. In order to accom, kish

very small AV midcourse corrections, it is possible that a cold gas system will have to

be added.

Alignment o£ the thrust vector through the experimentally determined certer of gravity

can be achieved by moving the engine glmbal attach-point on the closure to the lower tank.

This configuration permits the assembly of the propulsion svste _m separate from the

spacecraft but does require thaz they be mated quite early -_n the final assembly prograrr_. T'._=

configuration is also not overly sensitive to sm_ll changes in the propellant tank diameters.

e. Thermal Control

Thermal control of the spacecraft is accorr.plished by using both passive and active

devices. The propulsion system is cocooned by a therrn_l insulation shield both forward and

aft. This will permit the use of the propellant tanks as a sink or source of heat for '_e space-

craft when required. Since the thrust chamber will be looking at black space, a heater is _,

I0-9
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B. WEIGHT SUMMARY

1. Spacecraft Su_mmary

An equipment list is given and a weight summary is indicated for *hat equipment list.

Table 10o] gives a breakdown of the spacecraft, and Tables 10-2. and. IC-3 give the break-

dowre for the nominal case propulsion systems liquid bipropellar.c and solid, respectively. A

weight summary is given for three Mariner Mars 1969 Or_iLer spacecraft described in

Sectiol_ XI. B, aud for the Mariner 64 spacecraft. Section XI provides more detail information

concerning subsystem weights and their estimates. The weight of the nominal case space-

craft was estimated by the responsible division. A contingency of 15 percent was added to

the total orbiter weight. Fhis increase in the spacecraft weight is to allow for estimate

errors of units requiring developL_.ent and allowance for requirements or constraints that do

not become apparent until design work has begun.

2. Cases

The weights for the minimum and rrAaximum cases were usually made by scaling capa-

bility from the nominal and sometimes considering the Mariner 64 estimates, especially for

the minimum case, (see Table 10-1). The miziimum case telecommunicationr capability is

equivalent to Mariner 64.

3. Weight Estimation

The retro propellant loading estimates allow no contingencF, (see Tables 10-Z and 10-3).

Even though the estimates given are considered accurate within a few percent, unforseen

development problems with a motor could possibl.y requile mere propellant, or some unexpec-

ted inflight difficulties could be solved if more propellant were on board. (See Section XI.G

for greater detail. ) The propulsion weight estimates are for two periapsis altitudes, 1500 km

and 4000 krn. Two propulsion systems are _.onsidered, the solid and the liquid bipropellant

system. The propulsion estimates are for the 995 pound nominal spacecraft. [The 1500 km

periapsis orbit velocity increment of 6270 ft/sec (1.91 kin/see), and 7240 ft/sec (2.21 kin/

sec).] These velocity incremef_ts correspond to a Mars approach velocity of 4.2 km/sec and

are consistent -with incremental variable loading as indicated in Table 11-3.

4. Additional Weight Entries

The equipment list is abbreviated and requires the following explanation. The equip-

ment case structure is the octagonal electronics case. The miscell_neous structure wei&ht

includes equipment such as dan_pers, fasteners, etc. The rnagnetmneter weight estimate

10-15
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Table IG- _. Weight Breakdown of Nominal Case Using a Solid Propellant Retro
Propulsion System for Mariner 1969 Mars Orbiter

'1500 krn x _000 km x

Orbit Characteristics 50,000 krn - 50,000 km

Velocity Increments (ft/sec)

Retro into Orbit 6270 7240

Gravity Lose (negligible) 0 0

Total for Retro Motor 6Z70 7240

l%lidcouzse Correction

(Supplied by Separate 330 330
Monopropellant System)

Active Orbiter Weight (,Ib) 995 995

Mid¢ourse System Weight (lb) 155 171

• Retro Propel'iant (Isp = 310) Weight (Ib) 1030 1303

= "'_" " Proptilsion Hardware Weight (Ib)

Inert Components 118 147

-"- TVC System.- . 47 60

.- TOTAL 165 207

Design Margin (15%) Z5 32

Total Dry Propulsion System Weight (Ib) 190 -239
.. .,,,

Separated Spacecraft Weight (Ib) - 2370 2713

I0-19
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C. POWER REQU£REMENTS

{

The total power required by the spacecraft for each phase of the miesion is listed in

Figure I0-I. Power values are presex:tD.d in bar chart form with the total un=egu[ated power

expressed in watts. The chart iE in a g _neral chronological order. !Vlore detail is presented

in the F_/ectrical Power Subsection of XI. C. The Mission Profile Sequence is explained in

Subsection I_.,C,

Periapsis refers to the orbit science-instrument sample time when all of the science

instru=-nen_s and the platforn_ are "on". Apoapsis refers to the playback and data transmis-

sion interval, at which tim_ planet instruments are "off".

_' 10-20
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D. TEMPERATURE CONTROL

: The temperature control subsystem weight breakdown and power requirements are

given in Table 10-4.

z

1. Spacecraft Bus Thermal Considerations

|

Bus--Mariner 64technology will be utilized for the l_-.rs 1969 orbiter and the basic

approach will be very similar. .This approach will be to aher,nally integrate all parts of the

bus into one thermal mass and to isolate from the Sun. The electronics subassemblies will

be vlrapped around an internal cavity which houses the attitude contro! gas tanks. Certain

areas will be closed with thermal shields and louvers will be used on the external faces of

the electronics. These external surfaces form the primary radiators. The influence of the

sola: panels on louvers capability will be minimized to the greatest extent. An solar panel,

antenna, or strut attachments will have insulating inserts to minimize the heat gained or lost

by the bus to these external components.

The two propulsion system concepts require essentially different approaches. The all-

liquid system will have the tanks located as much as possible within the bus proper. Thermal

shields enclosing the bus will completely cover the tanks and roughly one-half of the motor

chamber. The motor chamber is located in a position where it does not receive any direct

sunlight and is connected to the spacecraft structure b_ a poor thermal connection, the

girnbal joint. The nozzle cannot be plugged with a thermal shield during the entire cruise

I" portion of the mission because the engine will also be used for the midcourse corrections.

Due to the large radiating area of the nozzle, the heat loss from the nozzle is larger than th

capability of the gimbal structure to supply and yet rna._ntainthe injector at an acceptable

temperature. Thus, it v_ll be necessary to provide an alectric heater of approximately

10 watts on the injector to prevent freezing of the fuel prior to ignition.

The solid retro system will be mechanized by isolating the chan,ber from the electronics

in order to avoid the heat pulse caused by retro firing. The exterior of the motor including

the nozzle opening -_illbe insulated during cruise. The nozzle cover will be blown out on

motor ignition. An elei.*_rJe (approximately t0 watts) heater will be necessary to maintain

the required grain temperature. The liquid midcourse propulsion system, necessary when a

solid retro motor is used, will be integrated in the manner of Mariner 64 unless it must be

jettisoned. In the case of midcourse propulsion system jettison, additional heaters will be

required on the main octagon.

Maneuvers present special problems. Non-Sun oriented periods must be kept to times

'_ less than one hour near Earth. At Mars the requirements can non-Sun orientaticn can be

relaxed, and as much as a six-hour period off the Sun at Mars appears £o provide no major

10.22
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Table 10-4. Temperature Con_-rol Subsystem Weight
Breakdown and Power Requirements

Weight
Item Subsys tern (lbs)

I. Bus

R. Louvers (eight hays) 12.0

b. Upper Thermal Shield 6. 0

c. Lower Thermal Shield 6.0

d. I__teral Shields on Bus 5_0

e, Miscellaneous Insulators Z. 0

31.0

2. Planet Scan Platform

a. Thermal Shield 4.0

4.0

3. Continger cy 3.0

3.0

TOTAL 38.0

Power

Item Subsystem Watts

I. Retro Motor

(Throughout flightuntil after
retrc, firing)

a, Large Liquid System I0.0

b. Solid Retro and Liquid M/C 15.0

2. Planet Scan Platform

(Part of cruise and in-orbit)

8.0

10-23
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thermal problem. Because of the isolation from the Sun there should be no problem

_; associated with solar eclipses,

Z. Planet Science Platform Thermal Considerations

%

The attempt will be made to *,hermally int,.grate he package as a ,unit, separate from

the bus. It appears that the major problem is the 100 to ,_0°F temperature drop during Earth

to Mars tranFn% The in-orbit temperature fluctuations seem to be relatively small (on the

order of Z0°F). The a}._ roach will be to keep the package in the Sun as much _s possible

during all phases of flight. Active control (heaters or louvers) will probably be required to

: reduce the temperature drop during transit. The orbits considered are positioned such that

! at any time at least one face of the platform will not be exposed to solar radiation. This side

will be utilized as a cold-plate radiator for the IR instruments. Close cooperation between

the experimenter, the packaging engineer, and temperature control engineer will be required.

i
!
l 3. Component Thermal Consideratio_

External actuators, science, _tc. are considered as components. For these types of4
components, the operating temperature ranges m-st be large enough to accommodate the

I00 to 150iF temperature dro_ between Earth and Ma_s. These temperature extreme5 _ppear

to be within the state-oi-the-art as evidenced by _4ariner 64.

!

_ Io-z4
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SEC TION XI

SUP_BYSTEM FUNCTIONAL DESCRIPTION, INTERFACE REQUIREMENTS

AND POSSIBLE MECHANIZATION

A. ATTITUDE CONTROL

The Attitude Control Subsystem is required to achieve and maintain the desired orientation

of ,*hespacecraft for the purposes of solar power conversion, antenna pointing, and tempera-

ture control. In addition, it is required to perform the midcourse and retro maneuvers

necessary to effect trajectory corrections and to accomplish a planetary orbit.

I. Cruise Attitude Control

The basic Attitude Control System is shown in Figure ll-I and consists of Sun sensors,

a Canopus tracker, nonlinear controllers, and a cold gas actuation system. The gas system

consists of two independent gas supplies and two sets of jets. Orientation of the spacecraft is

achieved by using the Sun and the star Canopus as references for the pitch-yaw and roll axes,

respectively. During the cruise or transit phase, control is accomplished by using position

error signals from the Sun sensors and the Canopus tracker as a measure of the deviation of

the spacecraft from the desired reference_. These signals are processed by the nonlinear

Switching Arnpli_ier which establishes a position limit cycle by pulsed operation of the cold

gas actuation system. Damping is introduced into the system by m_ans of derived rate

feedback.

After the basic control system has established position control, the solar vane control

system is used to maintain the spacecraft within the deadband of the cold gas primary

Attitude Control System. This objective is accomplished by attaching solar vanes which have

a threefold purpose:

I) To make the spacecraft system statically stable

2) To align the stable position of the spacecraft with the null of the primary

Attitude Control System

3) To supply retarding forces to damp out any oscillations.that may occur.

The spacecraft system is made statically stable by locating the point of application of the

resultant solar pressure force so that the center of mass of the spacecraft lies between the

Sun and it. This is accomplished by erecting the solar vanes at some l, ominal angle to the

solar panels which a,e normal to the Sunts rays.

11-1
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The spacecraft will not be per._ectly symmetrical and arL adaptive mode of operaLion will

be used to balance it. Unbalenced solar torques acting on _he spacecraft during the cruise

rood,, will cause the limit cycle to be biased toward one side of tt,e deadband resultir.g in a one

sided output of the switching aznplifier, The amplifier output ia used to actuate a s_epping

motor whicb in turn drives the solar vanes with respect to the solar panels. This effectively

enables the vanes to offset the effect of the solar torque unbalance.

___...]SOLARL

:_ [ WNE---kI-- !

J G__ - _ _CANO_USTRA_ER-
i_ [_ _ [ l P,TCHANDYAW? ._.,, TURN_""1.._ _ ROLLSUNSENSOR-

-r

i J- T-
i RATE J

NOTE:
I. BOLD LINES INDICATE BASIC CRUISE SYSTEM

2. GYRO IS SWITCHED INTO CONTROL LOOP DURING ACQUISITION AND

i AND COMMAND TURNS3. POSITION SENSORS ARE SWITCHED OUT DURING COMMAND TURNS

|
Figure ll-l. Basic Roll or Pitch-Yaw Attitude Control Block Diagra_n
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In addition, the control vanes p_:ovide damping by means of thermal actuators that

operate in series with the stepping motor and control the vane angle with respect to the solar

panels,, Differential heat input to the thermal actuators causes a rotation of the vanes,

thereby providing control-system damping. Thus a near-null condition within *_heswitching

amplifier deadband is achieved and no gas will be blown in this condition.

a. /k cquisition

Upon reception o£ the Sun Acquisition Command the switching amp[ifier and the Sun

sensor are turned on. The error voltage driving the switching amplifier is comprised o£ both

positional irdormation (Sun sensor) and rate information supplied by the gyro operating in the

rate mode. The closed loop system acts on the spacecraft to minimize the error voltage to

the point where the summation of the rate and position-error is within the deadband of the

amplifier. At that time the Sun has been acquired.

To accomplish Canopus acquisition, a search-rate generator constant voltage is intro-

duced into the roll switching ampiifier. The gas jets act on the system until the spacecraft

rate as sensed by the gyro is approxime.tely equal to the search-rate command input. When

the Canopus tracker logic indicates Canopus acquisition, the input to th. _ switching _mplifier

is switched from the search-rate generator to the Canopus tracker. As Cefore, the closed

loop system acts on the spacecraft to minimize the error voltage to the point where the sum-

mation of the rate and position error is within the deadband of the amplifier. At that time

Canopus has been acquired.

b. Commanded Turns

The Attitude Control System is required to orient the thrust axis of the propulsion

system in the required direction for trajectory correction. This is accomplished by a sequence

of spacecraft roll and pitch maneueers which reorient the spacecraft at the required attitude.

The order of the maneuvers or commanded turns is dependent upon the orientation of the pro-

pulsion unit with respect to.the vehicle axes. While the first turn may be about an arbitrary

spacecraft axis the )econd turn must be about an axis normal to both the thrust axis and the

axis of the first turn. Failure to do so will result in a conical region in space within which it

is impossible to orient the motor-thrust axis. One of the propulsion s.vste:ns urtder consider-

ation has the midcourse motor axis in the pitch-yaw plane and a separate retro-motor aligned

with the roll axis of the spacecraft. Such a configuration requires a pitch-roll commanded

turn sequence at midcourse and a roll-pitch sequence for retro-orientatlon.

The commanded-turn coi_figuration of the A,%itude Control Systf,m is shown i.nthe block

diagram of F_gu_e !I-). The gyro i= Dw_tched to the inertial mode providing both rate and

position ir_ormation. At the start of the sequence, the celestial position sensors are switched

11-3
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out and position control is maintained by the gyro loop. The commanded rate is introduced by

a precision current generator which produces a calibrated torque about the precessiou axis

of the gyro. The net precession axis torque is then the sum of the torque proportional to

spacecraft rate and the torque produced by the command-current generator. The rrlagnitude

of the commanded turn is controlled by adjusting the time duration of the turn and d1_'ecti¢_nis

determined by the polarity of the command-current generator. "l'hegyro then r,__te__,-4the

position references for the remainder of the maneuver sequence.

Th,_ midcourse pitch turn causes CanOpus to drift out of the field of view o( the tracker

so it is necessary to switch all three spacecraft axes to gyro position control at the start of

the pitch maneuver. If the propulsion system configuration allows a roll-pitch turn seq"en "e,

the effect of pitch and _aw gyro drift can be minimized by retaining ,.elestialposition control

until the start of the p;.tchtur_.

The gyros also provide rate and position szgnals to the autopilot for control during the

propulsion phase. After maneuvers, the spacecraft reacquires the positional references as

in the acquisition sequence.

¢. Orb:_tal Attitude Control

During the planetary orbit phase the .AttitudeControl System maintains the spacecraft

c_ientation with respect to the Sun and Canopus. _hen there is no occultation of the celestial

references the system operates on derived rate control with the gyros off as it does in the

transit phase. When the orbit characteristics are such that either the Sun or Canopus is

occulted during part of the orbit, an external command switches the Attitude Control System

to a gyro stabilized mode. In this inertial mode, the gyros control the spacecraft rate and

position continuously throughout the orbit. When the celestial reference is not c--culteclthe

position sensor controls the gyro-position signal and orients the E)':oto coincide with the

position sensor. When the reference body is occulted the _osition-sensor output goes to zero

and the gyro-position signal stabilizes the spacecraft. A block diagram of the orbital attitude

control is shown in Figure l1-2. During periods of occultation, the spacecraft accumulates

a position error due to gyro drift. The magnitude of this drift error is typically 0.25 degrees

per hour so that in an eight-hour occultation a two-degree el'rot can be built up. At the end of

the occultation _he spacecraft must realign itsel_ with the reference bod,/ and the accumulated

gyro-drift error must be reset to zero. This is accomplished by applying a torque signal to

the gyro which is proportional to the position-sensor output.

PrO.or to Canopus occultation reflected sunligh_ from the planet can be indirectly

reflected into the Canopus tracker and cause a roll-positlon error. It is, therefore, necessary

to sense this condition and disconnect the roll.-pos_t_onsignal before a significant error is

built up. Such _ switchover signal could be provided by an output from a CC&S orbit-sequence

timer, a planet-light detector, or a position signal fcom the science scan platform.

II-4
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r - SPACE7,RAFT

------#4 " I', e
t L_I,___

GYRO - ROLL- g'_'NSENSOR

' /I---_RO-_ ! -PITCH ANDYAW

Figure 11-2. Orbital Attitude Control Block Diagram

In orbits where Canopus is the only reference body occulted, it is possible to sw:tch to

inertiai control on the roll axis o_ly and leave pitch and yaw on the Sun. Such a system con-

serves power since only ono. gyro need be operating. Similarly, when only the Sun is occulted

the roll gyro need not be used provided the pitch and yaw gyro drift does not cause the loss of

eanopus in cone angle. The loss of Canopus is dependent upon the duration of occuItation,

gyro drift rate, and the _one angle limitation of the star tracker.

The attitude control power can be reduced to a minimum if none of the gyros are operated

during occultatior_. Such a system would drift uncontrolled and reacquire the references at t .e

end of occultationo The total drift accumulated during c,ccultation would depend upon the initial

limit cycle rate and the external torque_ encountered. Typical values ot these parameters are:

1) Initial rate of 1 degree/hour, and

Z) An external torque of 20 dyne-cm.

With these values the position error and rate after a 2-1/2 hour occultation woulct be approx-

imately 12 degrees and 10 degrees per hour respectively. These rates and position_ are well

within the pitch and yaw reacquisition capability when the system is on derived "ate control.

The problem is more severe in the case of the roll axis due to the problem of acc.iring and

ide,_tifying Canopus. The introduction of RF signal-strength _riteria to the Canop_s-acqu'lsi-

tion logic and the use of ground command._ can reduce the acquisition difficulty, In generaJ.

this method of drifting without inertial control should be used only when power reduction is

mandatory and when the reacquisition problem is simple.

d, Attitude Control Gas Requirements

The combined weight of the gas, the gas bottle, and the plumbing b._rdware associated

with the gas systera is 4_- pounds for the nominal weight spacecra.ft. This we_.ght total is based
O
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'the difference in gas consumption due to the two different _onfigurations considered

here were negligible. Other parameters used were:

a, acceleration constant = .45 rnr/s z

Isp,-sPecific impulse of gas = 70 Ibf sec (continuous)
ib

m

35 lbf sec (pulsing)
Ib
m

L, moment arm = 139 inches

For sizing the gas requirements , the overall mission time considered was 360 days of which

the orbit phase is 18G days.

The safety factor of 3 allows for either one. of severe/failure modes or a combination

: ti/ereof as shown in Figure 11-3. The ordinate of Figure II-3 is in days elapsed from the

beginning of the mission until the half-gas system failure and the abscissa is in average

unbalance torque in dyne cm that the spacecraft can tolerate.

The torque unbedance due to a single vane failure is IZ4 dyne cm. Here a single vane

failure refers to a condition where one vane fails to erect but the opposite vane adapts properly.

From Figure i I-3, both a half-gas system failure and a single vane failure may be tolerated

32O
. :300--

: _ _"240 -- /-SINGLE SOLAR VANE/
o _ 220- / i"

<il_l ._ I /
I- k. 180 I / -

,.' b.I_ 160i'-r ' - -
(,,.J _ I I I " "

H -
•, o _ 1201-r I _

"'--' li r i
L_ I- 60_- I

_" 20i;/h-/ lioU,I ,I l I I I i
too. 200 30o 400 soo sOO i'oo eoo 9oo too

AVERAGE TORQUE UNBALANCE, dyne cm.

Figure 1I-3. AveraSe Torque Unbalance in_Dyne-Crn
:
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on the first day of the mission. The torque unbalance due to a double-vane failure is Z71 d)_ne

cm. A doutxle-vane failure refers to the worst case where one vane iailes to erect and the

Other van erects but fails to adapt. From Figure 1 i-3 this type of Lailure ___ay be tolerated

from the i_Znd day of the mission onwards.

NominaJ power and weight e_.-nates are listed in Table 11-3.

2. The Midcourse Autopilot

A consideration of the retro-propulsion system indicates that for the solid engin_ con-

figuration a separate midcourse autopilot will be required. This autopilot and propulsion

system will be similar to the Mariner 1964 midcourse propulsion system. After the mid-

course corrections have been achieved and prior to retro injection it is desirable to jettison

the midcourse autopilot and propulsion system in order to provide for more payload capacity.

The function of the autopilot is to maintain a stable and accurate vehicle attitude during

the rocket-motor firing. The autopilot uses three gyroscopes to sense motion about the three

spacecraft axes, and applies corrective t°rques by positioning four jet vanes in the exhaust

stream of the rocket.

Figure 11-4 shows a functional block diagra_n of the autopilot system. Three axis

disturbing torclues arising from misalignment of the rocket-motor thrust vector act through

the spacecraft dynamics tOproduce rotations about the three spacecraft axes. The gyroscopes

sense these rotations and provide the autopilot with voltages proportional to the spacecraft

angutar rates and positions. The gyro signals are processed by a mixing network, into signals

appropriate to a coordinate system natural to the jet vanes, and the jet-vane actuator an_pli-

fiefs use these signals to position the four jet vanes. Forces on the jet vanes are resolved

into torques about the spacecraft axes by their geometrical placement, represented in the

block diagram as the jet-vane torque gain matrix.

.. The dynamic properties eL the spacecraft consist of "ts rigid body inertia, which is suf-

ficient for a ]ow-frecluency description, and the resonances of its structure, The dynalnics of

the Mariner spacecraft reflect an increased consideration of the effects of dynamics on the

autopilot. The products of inertia should be a small percentage (say less than 10 percent) of

the moments of inertia; opposite solar panels should be balanced about the center of mass of

the spacecraft; and dampers should be provided on all four panels. All other hinged inertias

should have a natural frequency well above the range of concern of the a_topi, lot, or be

heavily damped.

J Figure 11-5 shows the rocket orientation with respect _ t_e spacecraft ax_s on

Mariner 1964. This configuration was selected because the antenna is along the spacecraft

Z axis. _Mariner 1959 is anticipated as having the retro rocket along the spacecraft Z axis.

_, _I'I-8
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rabl_ II-3. Power and Weight Estimates (Nominal Case)

Item Power (Watts) Weight

Cruise ] Intermittent 400 _" (Ibs)

A/C System

Control System Electronics 11 8.5

Gyro Pkg. and Electronics '.0 Zl. 0 1I. I

Canopus Tracker and Shutter 3 5.7

Sun Sensor and Sun Gate 1 0.7

Solar Vane Actuazor and Z .6.5
Electronics and Vanes

; Gas System 4 4Z. 0

M_do.our se Autopilot

Jet Van AcLu_tors and 18.0 3.5

Mounting Ring

SUB-TOTAL Zl. 0 39.0 El. 0 78.0

Retro Autopilot

•Actuators (P & Y) 45.0

Electronics Z. 0

Roll Control 10.0

SUB-TOTAL Zl. 0 94.0 Zl. 0 80.0

)
Science Instrument Platform

Actuators (Servo) 4.0 5" 0
)_

Electronics and Sensors Z. 0 Z. 0

: Antenna Pointing

Actuators 4.0 5.0

Electronics Z. 0 I. 0

YOTAI.S >_3.0 104.0 Zl. 0 93.0

•Actuator weights arc_ d[)cussed in retro autopilot description and will be tabulated with the
various propulsion configuration weights by Propulsion Division.

i
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JET. %NNF. i C.O_NATE SYSTEM

JET VANE _ ACTUATO_ ..... I "Pe_I_eORMATtON MATRIX

AC'(U&TOAS i _@PLIIC'_ 1 ..... 'G NETWORK

Fit6_:reII-4. Autopilot Block Diagram
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Therefore. if there is a separate midcourse motor, it may again be oriented as it is in Mari-

ner 1964. The motor axis is not parallel to X-Y plane in order to point the thrust vector as close

as possible through the spacecra_tma_s center. Figure I 1-6 shows the arrangement of the four

jet vanes, which are mounted in a plane perpendicular to the rocket thrust and located at the

exit of the rocket nozzle. The figure is a view looking directly Anto the rocket nozzle with the

jet vanes in their neutral positioz,, so that the back edge of the four vanes can be seen. The

inset show3 how a jet vane is mounted i,.the exhaust stream.

In order that z.aignal from the X gyro produce an X torque on the spacecraft, all four

jet vanes must be moved in their proper ratio, and similarly Y and Z gyrc signals must each

move all four jet vanes. The mixing of the three gyro signals to command the four jet-vane

rotations is tantamount to applying a coordinate transformation to the gyro signals from the

spacecraft axes to a coordinate systerr_ natural to the jet vm_es, This is accomplished elec-

tronically by & nz_work of resistors which determine the amount of motion of each jet vane for

each gyro signal.

The principal source of autopilot error is proportional to the misalignment of the unde-

flected thrust vector with the spacecraft center of .na-_s. In order to provide a steady-state

signal, which implies a steady-state angular offset of the spacecraft. This steady-state

/

¢n _ PROJECTION OF ROCKET-_ THRUST VECTOR

+ /
45 =

+ x PLANE

.i

m /-- CENTER OF _ ROCKET THRUST

i

i
l x-y PLANE

Figure lI-5. Rocke_ Thrust Vector in Spacecraft Coordinates
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+ Z DIRECTION

ViEW LOOKING INTO 1
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L- /--ROCKET STREAM II

_ _ -- x-y PLANE

Figure ll-6. Placeme,,t of Jet Vanes on Rocket Motor
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angular offset of the spacecraft in inertial sp_ce, added to the angle of thrust vector deflection

with respect to the spacecraft, gives the total difference between the desired and actual thrust-

vector direction in inertial space. The angle is designated ee. This error is kept small by

calibrating the angle between the ur ,eflected thrust vector prior to launch and compensating

for the error inmidcourse turns. Th_ calibration uncertainty for Mariner 1964 is a 5 mrad

cone. The pointing error can also be reduced by increasing the autopilot gain but this method

is limited by stability constraints imposed by the spacecraft dynamics and the gyro loop char-

acteristics. The problem is further complicated because the spacecraft is not a rigid body.

Another contribution to the pointing error results from the thrust motor inclination to

all three of the spacecraft principle axes as ,greviously discussed and illustrated in Figure

1I-5. To aid in understanding the problem consider a simplified configuration where the

motor thrust axis is in the X-Y plane but stillat 45 degrees to the X and Y axes. Figure i 1-6

sho;vs a view of the jet vanes looking into the exhaust nozzle. In Mariner 1964 all jet-vane

liftcenters are approximately Z. 3 feet from the spacecraft Z axis but opposite jet-vanes lift

centers are only .09 feet from the motor axis. These two dimensions are extremely impor-

tant since they are the lever arms which act with the jet-vane liftto produce torque about the

spacecraft axes.

In the simplified example, consider a positive disturbance sensed by the X gyro. This

can be corrected b'/ rotating both horizontal jet vanes through an angle @ in the san,e direction

imposing a negative torque about the X and Y axes through the Z. 3 foot lever arm. The

imposed negative torque on .'heY axis must now be balanced by requiring both pa'lrsof opposite

jet vanes to rotate in opposite directions through an angle # to create a positive Y and negative

X torque through the .09 foot lever arm.

This type of mechanization requires that @ be larger than @ by one-half the lever arm
Z 3

_atios I/2 (_-_) _ 13. This means that the X gyro signal must be precisely proportioned into

all four jet-vane actuat,.rs so that there is no cross coupling to the Y axis. Any error in the

signal proportioning will be reflected as a steady-state Y error. In Mariner 1964 all three

gyro signals are mixed at each jet-vane actuator amplifier to prodace the necessary controJ.

signals. The actual mixing resistors are selected after pref!ight cen*.,-,--ol-masscalibration.

3. The Retro Autopi_ot

a. Purpose and Requirements

The Mars 1969 orbiter will require a sizeable retro maneuver to transfer the space-

craft from a hyperbolic transit trajectory to an ellipticalplanetary satellite orbit. The retroL

I autopllot must maintain a stable vehicla attitude and supply accurate control of the thrust -_
J

vector direction during this propulsion maneuver. To accomplish these objectives the

I_-13
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autopilot must have information as to both vehicle attitude and velocity vector direction and

some means of controlling the forces and '_,rques acting on the spacecraft.

For the Mars 1969 orbiter, vehicle attitude and attitude rate will be supplied by gas

bearing gyro,_copes. It is anticipated that a siz_gle gyroscope will be associated with each

axis to supply botll vehicle attitude and attitude rate information. Preliminary JPL studies

indicate that a satisfactory retro maneuver can probably be accomplished by maintaining the

rocket-thrust vector in a constant inertial direction.

Direct measurement of the velocity-vector direction requires the use of accelerometer

\ and the supplemental coordinate conversion and integration equipment. This would imply a

fair amount of complex equipment. Indirect velocity-pointing measurements are far simpler

and can yield satisfactory performance providing that care is taken in establishing the struc-

tural,and propulsion configuration in the spacecraft preliminary design phase and careful use

of alignment and calibration techniques are employed in the assembly phase of the program.

Control of the spacecraft forces and torques include the problems of reducing the

spacecraft torques to zero and directing the rocket thrust so that the net velocity increment

imparted to the spacecraft is within a small error angle of the desired velocity correction.

In general this can be accomplished by algebraically adding other vernier foraes and torques

to the spacecraft or by altering the direction or point of action of the propulsive forces with

respect to the vehicle center of mass. The type of actuators utilized to accomplish the con-

trol is heavily dependent on which of the several propulsion configurations is employed for the

Mars orbiter. They will be i_resented with the propulsion options la_er in this section.

":- b. The Interaction of Stability and Pointing Error

: The design of autopilots is generally complicated by the conflicting loop-gain require-

ments introduced by the stability and pointing specifications on the spacecraft. From the point

of view of stable autopilot operation, it is generall}- desirable to maintain a relatively low-loop

.i g_in. This is particularly true in the face Of some Of the destabilizing influences that ma?, be

present in the Mars-orbiter retro maneuver. In particular, because of the l:J.rgechange Ln
J
: vehicle mass from the start to the termination of the retrc burn, a sizeable decrease in
4

mon_ent of inertia will occur which requires the autopilot to be stable over a large dyna'.nic

range of loop gain. There is additionally a tendency for the center of ,nass to migrate away

j from the motor point of action during the burn period which also results in an increase in the

loop gain due to the increasing control lever arms. Furthermore, the _tructural resonances

of the solar panels, antennae, and articulating appendages can contribute serious destabilizing

influences, particularly at h_gh autopilot gains.
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On the other hand, accurate pointing of the motor thrusting axis is enhanced by a high

loop gain and a fast autopilot. Several of the important components of the total pointing error

are inversely proportional to the autopilot gain. Care must be taken during the spacecraft

preliminary design, particularly in the choice of prop,,lsion and structural configurations, to

prevent these -_nflicting requirements on autopilot gain from over-constraining the autopilot

design.

c, Autopilot Polntir.g Errors

The purpose of the retro maneuver is to impart a specific velocity increment to the

spacecraft. It is the responsibility of _he autopilot to maintain the sense of the velocity vector.

The component of this vector in the desired direction is defined as the longitudinal velocity,

the perpendicular error component is refer-ted to as the transverse velocity. The pointing

error of the autopilot is the angle between the resukant and the longitudinal velocity vectors.

Transverse velocity can be accumulated during the retro burn either during the starting

and stopping transients or throughout the steady-state portion of the maneuve.. The transient

errors are the result of the autopilot's inability to instantaneously remove the torques result-

ing from the misalignment of the motor 'thrustwith the spacecraft center of mass. As a result

of these torques the spacecraft and motor rotate away from the desired thrusting direction for

as long as ittakes the autopilot to restore the thrust axis to the desired direction. During

this period some transverse velocity is .imparted to the spacecraft. Transienterrorscanalso

occur in the shutoff of multiple-engine configuration propulsion systems due to variations in

the cutoff characteristics of the engines. In general transient errors can be minimized by

*naintaining wide autopilot bandwidth and by minimizing the initialdisturbing torques produced

by the spacecraft structure.

Steady-state errors are characterized by a constant misdirection of the thrusting axis

during the stead_-state operation of the autopilot. The most important components of the

steady-state error are related to the angl_ P. #)isdefined as the angle between the null

direction of the motor thrust and the line coDltecting the center of mass of the spacecraft and

the thrust point of action. FJr autopilots of the Ranger ann Mariner type, where thrust-vector

control is accomplished b7 rotating the thrust vector and no lateral accelerometers are

employed, the principal component of steady-state error has the form:

Pointing error = (I +_)p. KAp= autopHotdc gain

The importance o_ both having the cen<er-mas_ as close to the motor line of action as pos-

sible and maintaining it there as fuel is depleted becomes apparent.

II-15,
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For a given value of the angle a, there are several techniques for reducing the pointing

error. The most obvious reduction can be achieved by increasing the autopiiot gain. T'¢om

the nature of the expression this reaches a point of diminishing return when the r_ciprocal of

the autopilot gain becomes small with respect _o one. Further this tends in the dir,zction of

aggravating the stability problem. A related method of increasing the autopilot gain is by the

use of integral compensation. This increases the autopilot dc gain significantly which reduces

the steady-state error, however, the transient response of the autopilot becomes poorer and

the transient errors may become the largest pointing error contribution. A third technique

of error reduction is to bias the co;nmanded turns for any known offset of the center of mass.

This would mean that only uncectainty in the value of P would contribute to pointing errox,

?

The choice of propulsion confl.garation can be an important aid in controlling the magni-

tude of the pointing error. If thrust vector control is accomplished by translating the force as
z

opposed to rotating it, the pointing error expression is of the form:

P

Pointing error = KA---_.

i Multiple engines having throttling capabilities are examples of this type of propulsion
system. It can be seen that, for a fixed pointing requirement the constraints on the autopilot

:. gain are considerably relaxed by such a configuration.
#

i As a last resort, pointing accuracy may be improved byt,e use of lateralacce_erorneters.

,:_ it would be necessary to coordinate convert their outputs which could be accomplished by either

! placing them on the inner element of an inertial platforn_ or by supplying a computer w_th the

gyro and accelerometer signals and having it perform the coordlnate conversion. The auto-

'_ pilot would then. act to null the integral of transverse accelerometer. This represents more

i complexity than will probably be required for this mission.

,,_ d. Structural Dynamic Effects

The structural dynamic properties of the spacecraft have a considerable effect on the

design of the _,atopilot. During the transient following motor ignition, nousymmetrical

_' "flapping" o_ the solar panels can contribute sizeable disturbance torques to the vehicle.

i Similarly, any flexible booms and antennae are potential sources of. trouble.
,)

._ Durlng the steady-state burn period, the greatest concern is the frequency and clamping

of the structural resonance. It is probable that the solar panel resonance will be constrained

to occur in the I-5 cps region, preferably at the lo_er end of that range. In addition, adequate

means of damping their resonances will be requxred. Hopefully the other articulai_,ingmembers

can be designed to resonate well above the autouilot frequency range of interest.

%
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To reduce the effects of inertial cross cox,piing, control must be exercised over the

croos products of inertia. Cross product terms greater th._n 1090 of the moments of inertia

should be avoided.

e. Propulsion Configurations

There are presently three propulsion configurations being considered for the retro

maneuver. They include:

I) -& single girnbal liquid engine with approximately 0.3 g initial

acceleration.

2) A single solid engine with initial acceleration of 3 _ and with secondary

_njection providing pitch and yaw thrust vector con.rol.

3) A three liquid throttling engine system with one gir_bal engine to

provide roll control and a 0.3 g starting acceleration.

For the single gimbal engine configuration pitch and yaw control vould be provided by

swiveling the nozzle with linear or rotational actuators. It is estimated that the actuators

could achieve about a 5 cps _esponse consistent with the n'.ass of the rocket thrust chamber

and nozzle assembly. This represents the slowest actuation loop of the three cortfigu:ations

i and may lead to a more difficultstability problem because of the close proximity of its

actuator resonance to some of the spacecraft structural resonances. Since control is accom-

plished by a rotation of the thrust vector the pointing error is the sum of the angular deviation

Of the center of mass and the resultant autopilot steady-state gain error, which places n_ore

of a constraint on the autopilot gain than the three-engine liquid system. It is estimated tFat

two 5-pound actuators requiring a total of about 45 watts of peak power would be required for

this system. Approximately two pou4ds of electronics would be required for autopilot cir-

cuitry. The same propulsion and autopilot would be useable fo£-some midcourse corrections

since the system is restRrtable and has sufficiently low '.hrust to be accarately controllable

for short burns.

The single solid propellant engine propulsion system also obtains its pitch and yaw con..

trol by rotation of the thrust vector. Physically this is accomplished by injecting streams of

liquid such as Freon or nitrogen tetroxide into the rocket nozzle perpendicular to the rocket

thrusting direction. Since the movement of only the small liquid control valve masses are

required to produce the thrust vector deflection, frequency responses in the vicinity of Z0 cps

i appear reasonable for the actuator loops. It is estimatea that the valves, liquid, _anks and 0

i liquid-pressurizing system to accomplish this control might weigh approximately 50 pounds.

The lower inert weight of the solid-propellant system m_,_ht tend to reduce this weight dis-

advantage. Two pounds of electronics should also suffice for this system and power con-

sumption of approximately l 5-watts peak would be type.cal.

II-17
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f. Roll Control

The disturbance _orques about the motor thrusting axis are at least an order of magnitude

greater than the capability of the Roll Attitude Control System. As a cesult an a'_xiliary

source of roll correcting torque must b e supplied during the retro and m._dcourse maneuvers.

For the single liquid and solid propulsion configurations, it appears most convenient to

accomplish roll control with a high level cold g_as system. The gas supply can either be com-

bined with the attitude control gas or stored in s_parate tanks. Assuming tha_ the valves and

nozzles can be placed at the solar panel tips for _he largest possible lever arr._s, a roll-sys-

tem weight-of apprdximately IZ pounds should be satisfactory for maintaining r_Ll control.

The rol! control power requirements will be about 5-watts peak.

For_the three throttling engine configuration, roll control can be obtained by girn-

. baling one of the engines about one axis. A single 4opound actuator requiring about I0 watts

peak should be sufficient for this purpose. One'of the inherent advantages of the multiple

engine co_iguration is the convenience with which roll control can be accomplished.

A surnraary of Retro AutopLlot characteristics is presented in Table I I-4.
+

g. Antenna. Control System

The function of the antenna control system is to orient the directional antenna toward

the Earth to enable high-_ain communications. In the single degree of freedom system under _

consideration the axis of rotation is at an angle of 9 degrees from _he RF axis of the antenna.

The rotational axis is inclix_ed 38: S degrees from the spacecraft Roll axis in. a direction which

optirc.izes antenna tracking during the orbit phase. The antenna has unlimited freedom about

the rotation_ a_s so the antenna axis lies in a cone of 9-degrees half angle, about an axis

38.5 degrees _rom the Roll axis. This configuration enables high gain communication between

I00 days prior to encounter and IZ0 days post-encounter. D_rin_ the transit phase prior to

o_counter minus I00 days, the antenna is oriented-at-an angle to ontixnize communications at

encounter so that limited science data tranc"_ rnls" slon" is possible in the event of an anterLUa

positioning failure.

Just prior to the switchover to the high-gain antenna, '-an external signal turns on the ]

antenna:contrul system and the antenna orients to the required angle to establish high-gain

! communications. Subseo_uent a_ljustments of the antenna positiot_ are accomplished by periodi-c :. J : _-

i - "update" commands from the CC&S which advance the positioning systerrLto _uccessive points i

; _.na programmed sequence. Redundant control of the-angle sequence is achieved by a ground

i c_rLrnand to update fhe sequencer, An additional ground command can be' implemented to add I'

" cr Subtxact a small inc_ement to the stored program should such a correction be desirable. _ -

r - -_, - -. .
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: Table I I=4. Summary Retro Autopilot Characteristics

, Single Single
o Propulsion Configuration Liquid Solid 3 Liquid

Engine Engine Engines

• Technique for P-Y Control Girnbal Second_.ry Throttling
/" Actuator Injectio,. Capabilities?

Technique for Roll Control High Level High Level Single Swiveled
Cold Gas Cold Gas Engine

Peak Power Required for 45 W 15 W 20 W
P-Y Control

Peak Power Required for 10 W 10 W 10 W
Roll Control

Weight for P-Y Thrust 10 Ibs 53.5 lbs 6 lbs
Vector Control

Weight Required for 12 Ibs 12 Ibs 4 Ibs
Roll Control

Weight for A.P. Electronics Z Ibs 4 Ibs Z Ibs

total A.P. Actuator Weights 24 Ibs 69.5 Ibs IZ Ibs

"* _ 11 lForm of Po'_nt Error h4a?nitude (l )- -. KA--_

Frequency Response P-I 5 cps 20 cps 14 cps
Actuator

Need for Separate Midcourse A.P. No Yes No

"_elative Bandwidth Required Medium High Medium

A blockdiagram ot the antenna control system is shown in Figure I I-7. The basic con-

trol loop is a dc rebalancing system in which a dc input is compared with a signal from a

- _ : _ __-.. voltage divider on the output shaft and the error drives the output toward a null condition.

:' The prime mover-in the _ntenns actuator is .a bidirectional step servomotor that rotates

through a fixed &ngle in response to axi iuput pulse. The control amplifier drives the motor

at a constant rate when the input exceeds a pffedetermined va_ue. The direction of rotation

':: depends uponthe polarity o_ the amplifier input. The angle program is generated by a ring

, counter in which one or more )tuges are set at anf tittle. The update pulses from the CC&_,

advance the stato of the counter in a predeterr-._lhed sequence. When a stage of the counter is

in the "set*' state a positive reference vol_age is gates through a scaling resistor to the input

_-' of the motor drive amplifier.

11-20
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By adjusting the scaling resistors from each stage of the counter any arbitrary program can

be generated. Depending upon program complexity, stage-to-stage feedback can increase the

capacity of the co;,nter to Z7 states for an _ state counter. The gated reference signal from

the counter is balanced at the an, plifier input by the s_gna! fed back frem the outpat-shaft

potentiometer.

A small increment can be added to the program by an R-S flip-flop cJntrolled by a

ground command. This flip-flop gates the reference voltage to the amplifier to increase the

signal from the program generator. The reset input of the f.,ip-flop is connected to remove

the increment upon -eceipt of the next update pulse.

4. Orbital Instrument Pointing •

a. Introduction

Several of the planetary science instruments reqtdre orientation toward Mars while

gathering data. The follcv.,_ng discussion presents a nominalcase design, possible alternatives

and a comparison of how well they satisfy the performance requirements.

b. Desired Performance

The nominal level Of performance w_hin the power and weight constraints requires that

the planetary instrument payload must:

1) View Mars wit/tin e30 ° of the normal to the line of sight for at least

a pore.on of each orbit.

Z) View Mars from before the morning terminator to past the evening

terminator, about 200 degrees total sweep. This could be accomplished

over a period of several orbits rather than on every orbit.

The maximum level of performance would require the abil£ty to accurately point to

selected portions of Mars on successive orbits. This case, while not greatly affecting the

-" weight and power of the scan platform itself, would require a high order of complexity in the

command system and the scan system electronics.

c. Nominal Case Scan Platform

The nominal case scan platform has a degree of fz.eedom permitting 200 degrees of scan

r_totion approximately in the plane of the orbit. A second degree ")f freedom permits erection

of the platfox-m from the stowed position to a position with the abo_ scan axis approximately

II -22
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perpendicular to the plane of the orbit. The secondary axis also permits one update either

programmed or ground commanded of the primary scan axis orientation so as to satisfy the

performance requirements over a 6 months orbital life. The single update by means of a

spring-latch mechanism would be sufficient for normal dispersions of an orbit with periapsis

at 1500 km.

!

Three modes of operation possible with this scan platform are:

I) T_acking of the planet with a simple visual center of illuminatioL finder.

The platform could be controlled to follow continuously or by u£ing a large

amount of hysteresis in the electronics to follow discontinuously in perhaps

Z0 degree steps.

Z) Constant rate scan initiated by acquisition of Mars with a narrow angle

gate or by ground command. The necessary rate can he preselected

before launch to obtain the required performance.

3) Constant angle of platform for one orbit being changed for successive

orbits by on-board program or ground command.

Mode 1) continuous tracking of the planet has not been mechani-ed for the nominal

spacecraft configuration. Mode Z) is somewhat risky unless the necessary rate can be

revised after achieving orbit. While mode 3) is a low performance mode, it has inherent

simplicity and accordingly a high probability of success.

d. Raised Periapsis

if it shm,ld become necessary to raise periapsis from 1500 km to 4000 km the nominal

c_e mechanization becomes marginal at best. Several more orientations of the scan axis

will be necessary probably requireing an actuator on the deployment axis similar to t}_eone on

the scan axis. The scan axis could then be updated by a simple tracker, program or ground

command.

i

Even for the 1500 km periapsis this extra capability for the scan axis could guard

against off design orbits and provide e.xtra flexibilityin the system at a small cost in weight

and power. Additionally, the full second axis would satisfy t!.emechamzat[c.n requirements

for a maximum case scan platform.

e. Scan Platform Characteristics
i
I
! (1) Performance. The nominal scan platform meets the requirements ot the

I 1500 km periapsis orbit. The second axis needs to be actuated in a similar fashion if peri-
l'

apsis is raised to _00 kin, if maximum case performance is d,_sired o_ if an additional

safety marg'.n against off design orbits or additional flexibility is desired.

II-Z3
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(Z) Reliability. The scan platform reliability w_!l bc de_.'aded by the addition

of the second actuator. However, the overall mi_i_n reliability may well be improved by the

additional c._bi!ity ..,_:._..... _icxibiiity of the second axis. In the c_ of the higher periapsis

c[eariy the mission reliability is improved since operati_:, is at best marginal withthe nominal

_can ;!_-tfor_.

(3) Development Needed, No breakthrough or extended developments are

needed. The normal development of adapting available devices to the particular system is of

course necessary.

(4) T_iemetry. Telemetry of the angular positions of the scan platform axes

will be required for data reduction and also for ground command operation.

(5) Command Requirements. Command requirements vary depending on the

degree of ground control desired. Restricting ground control to backup of on-board program-

med and automatic tracking modes would result in higher mission reliability than depending on

Kround command as the primary operational .--node,

f. Conclusion

Wl_ile the ,,ominal case scan platform will perform the nominal mission for the 1500 kn_

periapsi_ orbit, it is recommended that strong consideration be _iven to the nl.ore capable

two-axis platform and if the small additional weight and power are available.

The two-axis platform _,l: be necessary if periapsis is raised to 4000 km and in any

case buys a greatly increased capabilit_ and £1exibility at a small weight and power penalty.

The modes of operation should be selected to operate prirnarily on-board and secondarily

ground command to achieve high reliability. A fixed angle on-board program backed up by

fixen angle ground command would provide the best available comuination for the nominal

spacecraft configuration.

The development needed for any of the described platforms is nomin_ .

il-Z4.
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B. SPACECRAFT CONTROL

I. Central Computer and Sequencer (CC&S) Functional Description

The functions perfo;med by the CC&S are threefold:

I) It provides frequel.cy signals as timing references to otl'er subsystems.

2) It receives from the Command Decoder and stores quantitative commands that

are required for the determination of maneuver-turn durations and polarity,

midcourse and retro-motor burn durations, retro-maneuver duration and for

the sequencing of orbital operations.

3) It provides properly timed outputs to other subsystems in appropriate

sequences. The time that any output occurs, the sequence in which it appears

and the resolution to which it is timed are changeable at any time until just

prior to the occurrence of that output.

An "output" is defined in this discussion as a momentary change, or the initiation of a

continuous change, in impedance between a pair of wires connected to another subsystem.

The change in impedance may be from a high vatue to a low one or vice versa as specified by

the subsystem requiring it. One or more simultaneous outputs comprise an "event. "

Little can be said about function I) until other subsystems become definitized and their

need for reference frequencies is established. Functions 2) and 3) are described in the

following paragraphs in terms of the sequences to which tLey are applicable. At the same

time, where functional changes in the interfaces with other subsystems are apparent, a

discussion of them is interjected. The sequences n_y be characterized by the mission

functions associated with ther.'J.They are Prelaunch, Launch, Cruise, Midcourse, Retro,

i FIy_.y, Encounter Backup and Orbit. Each of these is defined and described in the following

paragraphs.

a. Pr elaunch Sequence

Before launch all CC&S outputs are held in their non-operational states. A program,

I consisting of an appropriate number of groups of bits. is entered, into the CC&S memory..J

Defir_ing the CC&S functions for a nominal mission, the program's contents vary according

'_ to launch dare. After a prescribed time has elapsed a signal is returned t_ the Launch
i

: Complex signifyin_ that the CC&S is ready and operating properly.

)
_i 0, Launch Sequence

! This sequence znay be identical to that in Mariner 1964_ A po_Rsible exception, though,

' depends on the presence of an R-F noise detector experiment. A CC_Y output initiating

I I-_-5
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deployment of the antenna for purposes of calibration may be required after cruise attitude

has been attained.

c. Cruise Sequence

The cruise sequence includes those functions which _re launch-date dependent. Possible

functions ccrngr£sing this sequence are Canopus senso," cone angJe update, Telemetry bit-rate

change, switch to,High-gain antenna, High-gain antenna step pointing and Planetary Platform

position change (in orbit). The times at wl_ich these outputs occur are fixed by the program.

However, they may be varied in flight after traiectory determination if increased accuracy

is desirable, in addition, the number of such outputs may be altered.

d. Midcourse Sequence

At some time prior to the start of a midcoarse maLouver, a number of quantitative

commands are transmitted to the spaceccaft. They specify the duration of the turns anci

r#_otorburn and thf.polarity of the former. They are routed to the CC&S for st ,rage. Since

the CC"._ contahts a relatively large ,,.umber of memory locations, a change from the

Mnriner 1964 quantitative command formatis required. Two alternatives present themselves.

I) The le'._gthof the command word may be increased to accommodate the

addlt_onel address bits required by the CC&S.

Z) A quantit_,tive command may consist of two words. The Inforrnation part

of the first word transmitted contains the CC&S address into which the

information part of the second word is to be stored.

Upon receipt of _he appropriate discrete command, the maneuver which is similar to

Mariner 1964is started. The maneuver maybe repeatedas often as desiredas far as the CC&S

is concerned. If the duration and polarity ir_.ormation have not changed, the maneuver may

be repe_..t=dwithout transmitting Q.C. No. l Rgai,_.

e. Retro Sequence

Before the Retro IV_neuver begins, a number c2 q,_tnti_ative commands are transmitted

for storage in the CC&S. They specRy the dura_.1on of the turns and retro motor burn, .the

pola=ity of the formt'r and the elapsed time _J_'L_w_enreceipt of the appropriate discrete

command and the start of i/,r.retro mot<,r. Subsequent to this the discrete command is

issued to begin the sequence. If it is observed th_.cthe sequence did not start _ required,

a new quantity for the elapsed tim_ between receipt of the discrete command and start of

motor burn is transmitted and the discrete _.ommand reissued. This may be repeated as

often as time allows until, start of the ssquence is verified, each time decreasing the interval
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to be m¢_=ured f'_.omreceipt of the discrete command to start of motor burn. At the start of

the sequence, turns to orient the spacecraft for orbit injection are commanded. When the

turns are con_pleted and verified as correct, an inhibit or_ the start of the retro motor is

removed or inserted by a discrete command, depending on planetary contamination constraints

and at the stored tim_ the CC&S originates the signal to start the retro motor. For the maxi-

mum case, in the event that the retro motoz inhibit is not removed at a specified time in the

sequence the CC&S abandon= the Retro Sequence and begins the Flyby Sequence. It should be

noted that the m_tximum motor burn interval for the retro maneuver may be several times

longer than that needed for midcourse correction. If the resolutions for both intervals are

; similar an increase in the number of information bits in the quantitative command may be

necessary.

f. Flyby Sequence

The Flyby Sequence is similar to the Mariner 1964 Encounter phase except that it may

begin with CC_,S comrn_nds to reacquire cruise attitude.

2" _:ncounter Backup

Encounter Backup is a single-event sequence. It is activated before launch and at the

proper time it _,nables the start of the Flyby Sequence if the Retro Sequence has not begun.

This furnishes the opportunity _o accomplish a flyby mission in the event that command

capability is permanently lost during the flight. This sequence is turned off when the retro

motor Inhibit is removed. It should be noted that due to uncertainties in the CC&S clock

source frequency the Encounter Backup sequence may be in error by ±40 minutes at the end

of the trajectory. This capability is only present in the maximum case.

h. Ozbit Sequence

Before the start of the second orbit several quantitative commands are transmitted for

storage within the CC_S. These commands pertain to the time of periapsis (or other orbital

reference point), the orbit period, the times of data-mode changes, instrument turn-on and

turn-off times and any other sequenced outputs which may be required. Upon receipt of a

discrete command this sequence is begun. It repeats itself thereafter unless interrupted by

another discrete command. The followin_ functional options are available:

1) Alternate orbital sequences may be followed during succe¢uing orbits.

; Z) Orb_t;_l event-times may be corrected or chan_c_l.
; •

i 5) Events may be rearranged in any order.
I

These options can be chosen by transmissio_ of one or more appr_priately addressed

quantitative commands.

II-__7
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2. Possible Mechanization

Certain aspects of an orbiter mission sufficiently comp'icate the implementation of

CC&S functions as to make necessary the consideration of alternative mechanizaLious. Until

now, the CC_S has been composed of shift registers and binary dividers or counters. CC&S

outputs have been derived from diode decoding matrices which detect the appropriate states

of these registers. A one-to-one ,:orrespondence exists betvreen the combinatlon of a

register state and its associated decoding diode configuration and the time of a CC&S output.

This correspondence cannot be altered without rewiring the matrix. Such an approach to a

! sequencer is characterized as hard-wired and inflexible. In g,=_ncral,the addition of any new

! function to those already performed necessitates an increase in hardware. The class of

mechanizations for which this is true is referred to here as timer-oriented.

a. Tirner-Oriented Design

A consideratiu_ _ "_].,_C:'oit Sequence options outlined in Subparagraph XL B. I. b

exemplifies the serious drawback of a timer-oriented sequencer. Those optiomJ, while they

may not be deemed essential to a minimally successful znission, greatly enhance the prospects

for a ineaningful mission. The degree of flexibilitythey require of the CC&S implies

inclusion of the followirg hardware in a ti.mer=oriented de_'ign:

I) One sto_age register for each orbital quantitative command.

2) Logic circuits for loading and circulating these registers.

3) Increased address decodL_g capability so that quantitative commands can

be stored in the correct registers.

4) A counter which is capable of being recycled at an arbitrary time and

whose length J.sadequate to prevent overflow during the longest expected

orbit period.

5) A comparator which matches the contents of the count,_r with those of the

registers an'l supplies outputs when it detects equality.

6) Logic circuits for controlling the comparison process and updating and

changing event times, associating the contents of a register with a

pa.'ticular output, and possibly alternating between two sequences.

A ft:nctional block diagram of a timer-oriented CC&S incorporating these capabilities is shown

in Figure ll-8. It is an extension of the Mariner 1966 CC&S design. The blocks enclosed

within the dashed lines are the additions needed to perform the orbital sequencing task. They

represent a 35 per_.t increase in the number of componez_s over the Mariner 1966 CC&S.

] 11-28
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Figure II-8. Timer-Oriented CC&S, Functio,:al Block Diagram
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b. Memor y-Ori-efited .I_sagn -,

Ano_er rneeh_.-,ize.tior, w_hich auparently :promises a .eduction in weight, volume and

number of semiconductors, is that Qf a sp.ecial-purpose digital '-"computer. " A ComFuter only

in that its organization is computer-like, i. e.:, contains an accumulatoi, instruction register,

randon-access memory, etc. , it is se:-crely limited in its computing capab='lity: It can -

perform only additi,m, rnagnig.-de comparison and transfer of program control. The device :

is designed to carry out oMy sequencing functions such as those described in Subsection B.- 1.

Its d_scussion is included here in order to emphasiz'.- the characteristics of a generic class

of devices of which it is a member. To distinguish it from the "timer-oriented" subsystem, .:

this devic- _ is characterized as "memory-oriented. " Some of the interesting features of its

class _re: : :

I) Mission independ,-mce. The identical deslgn c_r, be used in a variety c o

of missions.
7

Z) Places a burden on programming. A large number of programs, one or

inore for each launch date and as many as uossible for predictable

non-standard eventualities, should "re provided. An executive routine for

choosing, loading and transmitting the proper programs may be advisable.

3) Exhibits a high degree of versatility.

Spacecraft control signals are delived within a memory-oriented sequencer by an iterative

ti,ne-keeping routine. Juch a routine in its general form appears in Figure 1 i-9. The R-F

interrupt subroutine for initial program loading and storage of quantitative cc]n,nnaz_d._ is wired

into the machine. The remainder of the routine is contained in a non-destruct-read-out core

memory. Once lo_ded, this routine is 31terable through the R-F Interrupt feature.

functional block diagra_-n of a sequencer capab]e of executing this routine is shown in

Figure ii-i0. The design is based on a fa_t word-parallel/bit-serial associative m_mory in

which the colnparison between the current tli_neand all event times is accomplished. Another

p._rtion of the central me*nory contains locations which are directly ,accessible to the registers

and part of tl%einput buffer. They are used for storage of register contents during temporary

loss of primary power, and for storing various sense and control bits.

This design, employing for the most part state-of-the-art techniques, demonstrates the

advantages which memory-oriented sequencers have over timer-oriented designs. %'able 11-5

compares estirnatedwe_ght, power and volume for the two subsystems considered here.
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11-32

............ , , ...... _J,,_,,t,%....... .,__

1965018274-337



EPD-250 _ Sect*on XI
• ,,, --

: Tablel I-5. Comparison-of Weight, Power and Volume

Timer -Oriented Memory -Oriented

Weight 22 Ib 14 __b

Power 14 w 1 5 w

Volume 600 cu in. 400 cu in.

On the basis of these figures and in order to take advantage of the more attractive

capability of the memory-oriented approach, it is suggested that future Mariner 1969 Orbiter

eHorts be directed toward utilizing a central memory in tno.spacecraft s'equencer subsystem.
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c. ZLECTmC J.i OWER

The power system is required to maintain the desired operation of the spacecraft by

providing electrical energy necessary for ali othe_ svstems and this energy must be provided

in a controlled form and at dis,:rete, power-levels. In addition, this electrical energy must be

obtained from a source which is corr;patible with other spacecraft systems, provide a maxi-

mum power for a minirnum size, weight, cost, and development time and a maximum reli-

ability consistent with the flight constraint requirements.

Parametric studies on power systems have been performed to determine their feasibility

in satisfying the requirements of the Mariner 1969 orbital mission. From these studies, a

s.election of power source, storage, and conversion can be made for the mi sion requgrements.

A principal objective of the parametric study was to establish operational and design versa-

tilityso that, in the event rrission constraints or subsystems requirements changed t a

reevaluation would produce a power system consistent with the new requirements. A specific

design utilizing solar panels and batteries is presented herein indicating the size of a power

system using solar paneis for a specific set of constraints. It is important to emphasize that

any des.;gn presented is specific for the constraints given but is not the only mechanization

possible. The system can be mechanized differently as will be shown. Changing of certain

of the design constraints will require a complete redesign.

]. Study Summary

,%olar photovoltaic systems appear to be the most attractive for the Mariner 1969 orbital

n.:.ssio=l as now conceived. By use of P/N silicon cells, a system designed for 90 days in a

Mar_ c=bit can provide a raw power of 600 watts of electrical energy for 127 square feet of

active panel area. All of this power is not available to the spacecraft, however. For one

mechanization, whereby a period of one hour is set aside for eclipse of the Sun during each

14 hour orbit, 400 watts of power would be available for the spacecraft systems. A specific

design is presented for the constraints of this study and will show in detail the effects of

variations in the system mechanization and constraints.

Solar thermionic power sources also show promise of providin_ the required amount ot

electrical energy. However, certain aspect,_ of this rrimary source of power negates its use

from present considerations. For a specific power level, this system is heavier and less

compact in size as compared to photovoltaic systems. The number of developmental problems

are numerous and in areas which may affect the reliability and scheduling of the system.

Radioisotopes, used to provide thermal energy for thermoelectric and thermionic

devices, have alsu been studied. Thermoelectric generators developed from this study indi-

cate that they are not feasible at this time. Primarily, the rejection of this power source is

11-34
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based upon doubtful radioisotope development, radiation shielding and weight per unit of

power. The parametric ",tudy and the re0ults from the study for a specific design are clas-

sified and -,,_.1 not be made a part of this document. Additional information -,rill be contained

in a document which will be made a,,ailable at a later date.

Z. Solar Photevoltaic Power System for Mariner 1969

The desigped system in this section is a s_ecific mechanization which is applied to

determine the size of a solar panel-battery system which will provide the electrical power

required to operate the spacecraft within the constraints listed in Table 11-6. In addition,

several alternate m( des of operation are studied in anticipation of possible growth of com-

munications systems and to show the effects of these alternate modes upon the sizing ol the

system

Table II_6. Spacecraft Electrical Power Constraints

Number Constraints

1. Orbit life of 90 days.

Z. Science to consist of all proposed cruise science instruments,

one TV, and one Mars Scanner as planet science.

3. Two midcourse maneuvers.

4. Orbit injection maneuver requiring 3-hours of non-solar

orientation including reacquisition time.

5. O.bital period from Z6 to 43 hours.

6. No science measurements during first orbit.

7. Maximum Sun-Mars distance is 1.45 a.u. (Z16 x 106 krn).

8. No Sun or Canopus occultation occuring during 90 day orbi*.al

life. (Gyros off in orbit. )

9. Cruise science on continuously during sunlit portion of orbit.

I0. Required planet science data occurs near periapsis, is Z hours

in duration, and this time is independent of orbital period.

1I. Communications RF power: 10 watts.

IZ. Spacecraft raw power requirements are as shown in the power

profile.

13. Maximum solar array area limited to IZ7 ftz.

L i
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Using the constraints listed in Table 11-6, mission power profiles were developed as

sho_a in Table_ B-I and B-2 inAppendix B andsummarized in Table Ii-7. These profiles

are based on power requirements as presently kno_nto be required by the various systems.

The subsystem most likely to require a larger power den,.and -would b_ cornm_tnica_ions, which

may find it desirable co utilize a Z0-watt transmitter. To show the power penalty in this

event, the second power profile in Table B is presented and used tbroughout the study. In

any event, these profiles are only representative at £hJs time and the effect of any change can

be obtained from the results to be shown here.

In sizing_ the power subsystem, the two most important evez.ts during the mission will

be shown to be the Mars injection maneuver and the orbital phase. During the orbital period,

the power must be derived from the solar panels as a primary source of electrical power and,

therefore, the panels must be designed to provide this power. It is, therefore, necessary that

the panels be designed for the amount of solar energy available in Mars space and the variation

of this cvlar energy be recognized and presented as a _.imitingfactor in the panel design. Dur..

ing the injection mane_iver, as in all midcourse maneuvers, the spacecraft will not be oriented

with & Sun-line angle and the spacecraft power will have to be provided by a secondaiy energy

source. This source will be a battery which will provide the necessary energy/ required by the

spacecraft during the maneuver and until the Sun-line is reacquired. The primary slgnifi-

canes of the injection maneuver is the length o.(time anticipated to perform this maneuver.

As pointed out in Table II-6 this time is assuzned to be a maximum of three hours.

The mission power profile summary as shown in Table .[}.-7is a breakdown of the raw i]

power requirements for spacecraft operation during critical periods. This power requirement

does not reflect the power necessary to recharge the battery nor the additional power required i

front the primary source to remove the system from a marginal operating condition. The

power required from Lhe primary power source to recharge the battery is dependent upon the

method o( operatioq of the spacecraft, orbit parameters .such as orbital period and length of

orbital Sun occultation time, and the type o_ battery used; this will be enlarged upon later. In :.

addition to designing the primary source for spacecra[t raw power requirements and battery

recharging, _ome over capaczty is requi_'ed to prevent marginal operation of the subsystem.

To prevent this, a total of Z3.4 percent increase in raw power is required. See Appendix B

for the derivation of this value.

This overcepacity is utilized expressly to prevent marginal subsystem operation and no

contingencies are included or anticipated for other system designs or operational unknowns.

In place el overdesign"ng to anticipate design and operation unknowns, it is preferable co point

out to the systems n_anagement, alternate operational modes which can be attained to achieve _
system operation in the event of power level requirements greater than those assumed.

7
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_Jle .1-7. User Power Requirements (Watts)

P

injection
Maneuver Apoapsis Periapsis Eclipse

I0 Watt System

2.4 kc Inverter 19Z i80 23Z 192

400 cps inverLer 19 19

Main Regulator Z60 ZZ5 Z86 Z60

RY Power 47 47 47 47

Heater Power 10 i0 i0 i0

TOTAL 3J7 300 365 337

ZO Watt S[stem

Z. 4 kc Inverter 183 18Z 234 183

400 cps Inverter !9 19

Main Regulator Z50 ZZ8 Z86 250

RF Power 85 85 85 85

Heater Power 10 10 I0 I0

TOTAL [ 367 344 405 367

Table II-8 presents a summary of the raw power requirements Cram the solar panels

for various modes of operation. The Array Power is that power which is required to provide

the spacecraft power as called out in the power profile and the additional power required to

charge the battery during orbit. The Array l-_wer (margin included) is the total power

required from the solar array to provide spacecraft power, to recharge the battery, and to

provide the paver uvercapac_ty to prevent marginal operation ao d" :cussed above. Also indi-

cated in the table are th_ sizes of the solar panels in area and "-,eight vh_n using P/N cells,

N/P cells, and N/P thin cells. In addition, six separate modes oJ ope:'ation are summarized

ind.cating the power and size characteristics for possible variation_ ¢-.om the nominal.

Mode I represents the nominal design as specified in the constraints of Table II-6. For

a 26-hour orbit .ith no Sun eclipse tixne, the panels must provide 385 watts of raw power of

which 300 vlatts is allocated to the operation of all spacecraft systems in orbit. This power

represents the load encountered throughout the orolt without the inclusion of the planet science

instruments. The planet science is considered a peak load and this is derived from the energy

stored in the battery. Since energy storage is required during transit to Mars for periods of

non-solar orientation, the battery should also be utilized in orbit to reduce panel requirements

and provide energy for posfJible failure modes• If the pane:s were designed to provide for the

peak load the array power would increase to 450 watts with margin and the panel area for the

P/N cells would increa_.e to 94 square feet. The additional weight would be 18 pounds and no
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Table 11-8. Solar Panel Sizing and Pow;r Requirements

i0 Watt System Z0 Watt System

Operational Mode I II III [ [ IV V VI[
B

Power at PeriapJis P,f_.tt_ _ 365 -- 405

Power at Apoapsis Watts 300 344-

Power in Eclipse W=tts 337 367

Peak Load Period Hours Z 2

Eclipse Period Hour s 0 1 Z 0 I 2

Array Power Watts 310 339 365 354 383 432

Array Power - Watts 385 4Z1 454 440 477 539
Margin Included

Panel Area P/N Ft Z 80 88 95 92 i00 112

Panel Weight Pounds 104 114 123 119 130 146

Panel Area N/P Ftg 84 9Z 99 96 _04 117

Panel Weight Pounds 109 119 IZ8 124 135 152

Panel Area N/P Thin Ft 2 87 96 i03 i00 108 iZZ

Panel Weight Pounds 102 107 Ig0 117 Ig7 143

saving would be realized in battery weight so that the area and weight saving justifies the use

of the battery for peak loads.

The values obta._ned in Table 11-8 assume the use of a silver cadmium (Ag Cd) battery

with a recharge efficiency of 44 percent (including charge control losses). The derivation of

the n_ethod of subsystem analysis is contained in Appendix B and indicates a reduced power

requl;_ement for silver-zinc (Ag an) batteries having a recharge efficiency of 5(#percent.

However, the value of 44 percent is a worse case efficiency and this value can be expeeteJ to

be increased. It is significant to stress this point since the array overc_pacity required for

charging of the battery is a strong function of the battery efficiency and a one percent increase

in this value could produce a two and one-hall percent decrease in panel area.

Mo.Jes II and IH also , unsider the nomlnal system with the exception that one and two

hours of Sun eclipse, respectively, are considerel. In the even_ of Sun eclipse, the full

zpaeecraft load must be carried by the battery power. To reduce t is load, the full science

complemenL _.sswitched off and the attitude c._,_rol qyros are on to stabilize the spacecraft.

Although this produces a reduced spacecraft load, Table II-8 indicates a larger power

requirement as the eclipse time, i:,creases. This is brought about by a larger power required

to replace the charge in the battery which ha_ been drawn upon during the non-Sun period.
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ModeslV, V, and VI correspond tethe f_rst th;ee _xcept a20-wat_ con_,rn.unica_ionstransmitter

rep]aces the 10-watt unit. A summary power p_Jfile is shown in Tabl_ B-2 in the Appendix.

k'able !!-9 summarizes the various operational rr,za-es or variations of operation Irom the

nominal. These are b_r no s_eans the only variations obtainsble a_d a further study might

indicate some operation&l modes which r%ight reduce the required battery or p,tnel size. As

an example: By requiring operation of s_.ience on alternate orbits rather than every orbit,

the panel area oi" power required wo1_Id be reduced.

Figures II-II and 11-12 ind_r_'e the variation in solar panel area as a function of power

and Sun-Mars distance for two typa_ of photo,.oltaic cells. Superimposed on these graphs are

the power levels from Table II-8. i_ can be seen from the figures, an increase illsolar dis-

tance reduces the energy available, thu _'increasing the area of the a_ray to maintain a gi,:en

power requirement. On the other hand, for a selected power requirement and arr_/_ size, the

solar distance must be restricted (which in turn limits the operational life of _he spacecraft)

because the planet eccentricity is great enough to produce a change in the solar distauce to a

maximum of 1.61 AU after 6 months in orbit from 1.45 AU in a three month orbit. "The hori-

zontal line at the i00 square foot level indicates the cperating level for Mode -r or spacecraft

6pera_ion using a 20-watt transrr,itter and allowing one hour of eclipse t{_ne using ] T cells.

As shown in Figure II- 12 this mode cannot be achieved with N/P cells. From both figure_

it is obvious the mission as defined in the constraints can be supplied the _equired power and

if 100 square feet of panel area is allotted, additional operational modes can be performed.

However, if the panel area is restricted to the value= shown in Table 11-8 for Mode I, the

no£nina] can be achieved, but there is no operation to fall back to in the event of system

de gr adatlon.

As pointed out earlier, no degradation allowance is taken in the system uesign. It is for

thi'_reason thatapanel&rea of I00 square feet is selected for the nominal case. By this selection

and .ifP/N cells ar,_used, refer_-ing to Figure II-II, enough power will be provided by the

Table II 9. Optional Modes of Operation /

Mode Number Mode

I Spacecraft Operation with Given Constraints.

II Occurrence of a I Hour Eclipse.

III Occurrence of a L Hour Eclipse.

IV Use of g0 Watt RF Systenl and Z Tape Recorders.

V & VI 20 Watt System with I and g Hours Sun Eclipse.

1-6 Same as A!I of the Above With No Cruise Science.

Loss of Canopus Reference. _-

Y
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panels to operate in a Mode V condition. It has the add_io,_ai advantages of _.rev.'diug other

and tower power-level operational n_odes in the event of a net power shortage. Because of

this operational versatility, no additional c_ntingency factors need be applied to the subsystem

sizing for orbital operations.

As shown in Figares ll-ll and If-12, system deficiencies (by way of orbit injection

whereby the solar distance i. = larger than anticipated) may be compensated by dropping to a

lov,er power mode. In the same operational manner the life of the _pacecraft in orbit can be

extended past the reqaired three months. The same procedure can be used to determine a

secopdary mode in the event of panel degradation caused by solar flare's, micrometeoroids or

shorted cells. In additiL,n, cycling of planet and cruise science can be perforr.ncd or cycling

of the gyros, which are now considered off continuously, would produce aoditional operational

modes between those of I and V on Figures ll-li and II-12.

Table 11-10 summarizes the major paraineters o f.a power subsystem wi_ich will perform

the mission required and specified in Lhe constraints of Table 11-6. The table also includes

recommended set of parameters and some specific reasons for this selection. It is £o be noteo

that the panel sizes are based on the use of PIN silicon solar cells. As will be s:_own later,

these particular cells are not the only ones available, the final selection of the type of s11icon

cell tc be used will rest upon several factors not yet defined.

The sizix_g of the battery which is stated in Table II-I0 as 2!00 watt-hours capacity is

based primarily upu,, th_ three hour injection maneuver and the power required vy the space-

craft during _his lengthy maneuver A full discussion on battery s_zing _s present¢:d in

Paragraph 4 and in Appendix B.

A block diagram of the prirnary elements of the power subsystem is Chuwn in Figure

11-13. The only conversion equipn, ent necessary is that shown. The function of the n_ain

regulator is to provide a regulated voltage output to the two inverters from L&.o different

souse ,_voltages, All system operation is performed by u_"n i a 2.4 kc square wav. ,_ v,_; :go

except the gyr,_s which require 400 cycle three phase voltage. The sy_te,'_ ia pro',[ded with

_.ornpleTc redundanc/ for the regulator and Z,4 hc inverLer. This is provided through failure

sensing circuits _5_ch switch to the redundant unit only when _he failure is localized to that

unit's counterpart. Power sw[Lching and synch_'onization a_-e not shown },ere, but covered in

Paragraph 7.
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Table 11-i0. Solar Panel-Battery Subsystem Major Parameters

S__stem Size Panels pIN 80 Ft 2 104 !us

Battery Ag Cd 2100 W-H 7_

Electronic Conversion 58

TOTAL Z40 Ibs

Spacecraft available power at periapsis: ?=,6 ;:'atts _ 1,45 AU

.'. Proposed system is feasible _.ith 80 Ft Z.

Recommended Slrstem:

A Panel Area of 100 Ft Z is recommended and will provide:

1. Studies of alternate implementation.

2. Contingencies for:

a. Panel degradation

b. Turn on of gyros in orbit

c. Eclipse time operation

d. Operation for greater than 90 d_ys

e. Larger RF and data rates

Svster_ Size Panels P/N I00 Ft 2 130 ibs

Batteries 2100 W-H 78

Electronic Conversion 58

TOTAL 26b Ibs

Spacecraft available power at periapsis: 326 w,atts (_ 1.45 AU

3. Sizing of Primary Power Sources

a. Solar Panels

Sizing oJ the solar panel array, after selection of the p.hotovolt_ie cell has been n,ade,

is dei._endentupon the load _o be carried curing the orbital period ifthe load is comparable to

or greater than the load in Earth _paee. As the solar distance increases, the solar energy

decreases red'aclng the nominal specific power output of the ._ular cells. Although the load is

the dominant criterxa, this can be defined by selection of an optinaun, operational l_node, by

limiting distar_ce, and by defining the maxinaum allowable panel weight. Figure 11-14 shows

how the solar intensity falls off as the Sun probe distance increases. After 90 days in orbit,

the solar intensity is x'pduced fron, 73 naw/cm z to 65 mw/cm Z, a reduction of II percent.

As sho_n in 21gures II-II and ll-lZ, for a constant power load the panel size is

dependent upon the Sun probe distance. As pointed out in the last paragraph, this distance
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must be limited and zlearly defined in order to size the panels. If a range ot distance is

anti__ipated the panel must be sized for the w._,rstcase distance or, if this makes the size

prohibitive, reduce t_e average demand.

The panel weight with respect tc th,- solo cells and the associated hardware is a con-

stant and dependent cnlv unon the panel area. The structural weight of the oane! is a variable

aria dependent upon the method of c_nstr.:ctJon, and the expected stress applied to the panels.

For the presentl, available ceils, a figure of 0.45 lbs/ft 2 is to be realized for the solar cells,

zener diodes, ronne__tors, and hardware. It may be possible to reduce this value to

0.38 lbs/ft 2 tv elimination of the zener diudes (which limit the panel output voltage). 2his

can be done _y careful design of circuitry within _h_ conversion equipmen-. In addition, a

new thin N on _ ploto,'_Jtaic cell ,s in the development stage at JPL which has a potential of
,. Z

providing an array with a weight of 0.32 lbs/tt .

Determination of panel size by choice of operational mode has been presented earlier.

A significant saving in panel area and -weight can be achieved b_- the use of the secondary

source during orbit :o orovide peak loads for short durations. The total s_,stem weight saving

may be negligible due to the required increase in battery wezght.

,8 i ! I I
180 DAYS ' I AU=I494xI(38 km

!N ORBIT I t i
I16

t 90 DAYS

IN ORBIT I I
D 14 I

w" i
(._z !

oo EARTH

W
CD L0

o T i
z
D o8

_} '_=1=-
I I

O6

1 1 . Ii_ I
0 50 90 i50 200 250 300 350 400

SOLAR INTENSITY, mw/cm 2

Figure 11-14. Solar Intensity as a -_unctton_l Distance From the Sun
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Selection of the type of solar cell to be utilized in the design is predicated on s:'stem,

economic and physical principles. From Figures ll-ll and ll-lZ, it can be _een that a four

percent saving in panel area can be obtained by using P/N rather than N/P cells. Howevel ,

the N/P cell offers a higher resistance to degraJ-tion. In addition, the N/P cell is nov,- being

manufactured in quantity whereas the P/N cells are no longer being produced except on

special order.

During the 1969 orbit opportunity, the activity of she Sun in producing solar flares is

expected to be near a maximum. The ma_.nxtude of electron and protou flux will increase,

but the amount of this increase is unknown at this tlme. Figure 11-15 _hows a comparison of

the effects of electron flux damage to P/N and N/P cells. At h,;v levels of flux the P/N cell

provides an efficiency which is higher by more than six percent. As the electron flux rises

above 2 x 1012 electrons/cm 2 the P/N cell degrades at a much faster rate than the N/P and

the efficiency of the N/P becomes greater by a factor ._n excess of Z5 percer.L. No information

is available on proton flux damage to P/N cells, but it is felt tile curves approximate those of

Figure 1 1-15. In any event, the degradation is sig-.lii_.ant enough that an investigation must

be pursued in this area. Atzhough a design margin/actor of 11 percent is included in the sub-

system design, this may prove to be inadequate if ._/N ,:etls are used and if the electron and

proton flux from solar flares is large. Because the value of flux is unknown at this time, the

design of the solar panels cannot neglect use of N/P ceils. Use of P/N cells cannot be negated

in view of the reduced panel area which wil _. also provide a reduction in weight (because both

cells exhibit the same weight per unit area).

6! I [ ! -- P/N TYPE' ohm-cm I

L_ _.[ /[ -- -- N/P TYPE Iohm-cm

ix. i\

-., "\ ,,,j
M

I i .... !|

o ____ I I
0 IOli tO12 I013 I014 I0 I'_ IC16

i MevFLUX, e/cmz

Figure 11-15. Panel Degradation Expected From a Dose
of Integrated Electron Flux
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In sizing solar arrays, unceltainties most be established so that the minimum power of

the array can be clearly defined. Measurement errors and Van Allen belt radiation damage

are the primary factors for which a total of 7. I percent contingency in panel design is taken.

This can be broken down as shown in Table I_.-11.

The curves shown in F_.gure ll-16 reflect the minimum specific energy as a function of

the available solar intensity. The curves are derived assuming free space radiation and a

panel a/z of 0. 50 for panel temperature considerations. The calculation of solar intensity as

a functioll of Sun probe distance assumes the solar intensity at one astronomical unit (Au) is

140 mw/cm 2 and the inverse square law is applicable.

In addition to the standard N/P and P/N cells mentioned above, a new N/P cell is in the

aevelop_ent stage which has the potential of providing a reduction of 30 percent in _he weight

per unit area of solar panels. The main disadvantage to this type o_ cell is the lower effi-

ciency, 7 percent less than the efficiency of a P/N cell and 3.5 percent less than that for a

standard N/P cell. This means that although a weight reduction can be achieved, the panel

area would __ncrease (see Table ii-8)

b. Solar Thermionic Systems

The following information is a summary of a paran-etric study performed to show feas-

ibilityof sola_ oriented concentrators used to collect _.hermal energy for conversion to elec-

trical energy by tbermionic generators. For the study, a range of power levels from Z J0 to

800 wa:ts were analyzed; however, the lower levels are more perLinent to this study and the

discussion will show that serial use of systenls will provide the larger powers.

The determination of the required solar concentrator area. is based on a specific power

of 4 watts/ft z and a minimum solar intensity of 54 n_w/c,n Z which would occur in Mars space.

Table l!-ll. Contingency Factors in Panel Design

Per cent age Facto r

I, 0% Solar measurements standardization panel
temperature uncertainties

3. 0% a) Accuracy of a/_ measurement

Z, 0_0 b) Non-ls, chermo panel temperature in space

3.5_0 Table M&_ntain, California, Suplight measurements

5. l_0 RMS total

Z. 0_0 Van Allen radiation
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The power required to operate each converter ira thermionic generator is 350 watts and ;he

nacnber of concentrators is limited to a maxirnun_ _f four.

Based on these considerations, the total _olar collector area can be determined as

follows :

I.? I-o I..2Po
At = = = 0.3 Po ft2 (l)

Specific Power 4

where Po is the unregulated power outpu' of the thermionic systerr,.

From the results of this equation, the number of concentrators can be detern_ined for a

particular power level and concentrator dlameter. For a 400 watt requirement, the total area

required would be IZ0 ftZ and increases by 30 ftZ for each 100 watts of additional power.

Mirror sizes, ranging in diameter from 4 feet to 9.5 feet _nd a rim angle ¢,f 45 degrees
i

are used as a basis for selection. The rim angle of 45 degrees is for conveniehce and existing

mirror masters with this rim angle, capable of producing all the above diameters, are in

io I I I I I
SOLAR MEASUREMENT STANDARDIZATION I%
PANEL TEg.PERATURE UNCERTAINTY

9 -- ACCURACYOF ,',/e MEASUREMENT 5%
NON-ISOTHERMO PANEL TEMP IN SPACE 2%

_ TABLE MOUNTAIN SUNLIGHT MEASUREMENT :5.5%

RADIATION BELT TRANSIT 2% RMS 5.1%
s I AU=I.494xlO 8 km

7

Z 6 .....

U._

b.I
0.

N/P CELL -./

N/P CELL. (8.-rail THICKNESS)- _

I
,11.

k_ t
Io II 12 i._ 14 _5 16 _r

SUN-MARS DISTANCE, AU

_lg_,re 11-16. Decrease in Solar P_nelSpecific
Energy as a Function of Sun Distance

%'
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existence. Figure Ii-17 is used to determine the thermal energy a_railable for a specified

solar Intensity and mirror efficiency. From tKis, a family of curves are generated as in

Figure 11-18 for determini,lg the mirror diameter. Also, a family )f curves for determining

the optimum dia,_neter of the generator cavity ._pezature is obtained from the thermal power

requirements as shown in Figur,: II-19.

For the ,mirror diameters considered, the 9.0 foot diameter approaches the optimum for

p_wer levels of 200 watts or greater. Use of this diameter for a 800 watt system satisfies the

lir_it of four concentrators and utilizes the maxir.'.am number of converters (6} per generator.

"This would provide a generator with two parallel sets of three converters in series for redun-

dancy and reliability or six series converters for high voltage operation.

All mirror sizes less than 8.0 feet are eliminated from this analysis since they would

require an excess nu,-nber of concentrators to provide the.power and as the size decreases th_

nan_ber of converters per generator deLrease to an undesirable, unreliable number. If, how-

ever, the power level is lirnitea to 400 watts or less, it may be significant in spacecraft design

if the diameter is reduced and more concentrators are used.

4.5 -f l
PT =/'xAx _¢A

ASqUME DAPERTURE =1.00
4.0

70%-- k /

75%-- _,__._

_0%-- r.
3 5 7_%-- .--I-

60%--

- --
a.51

i ,
t

I0

t

0.5 • 8' O

o I
50 55 ,_o 65 "t_ 75

SOLAR INTENSITY, w/ft _"

Figure 11-17. Thermal Energy Available Per Unit of Solar Intensity
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Figure 11-18. Thermal Energy Collected as a Function of Concentrator Diameter

In detern .ning the weight of concentrators, the material used for fabrication must be

considered. At present, most concentrators are made with nickel which has a high density.

The techniques of manufacturing are well known using this material; however, weight and

magnetic requirements dictate the use of a material such as aluminum or berylium. Berylium

mirrors are not feas'ble at this time so that aluminum mirrors are anticipated. From

Figure 11-20, a 9, 0 foot diameter aluminum mirror would weigh 26 pounds.

The thermionic generator is a low voltage, high current source of energy. Therefore,

the use of a single converter, however desirable frum some points of view, is impractical for

high-power outputs due to all the problems associated with the transl ort of high currents. It

is, therefore, desirable to connect several converters in series to increase the voltage to

values between 3 and 6 v. Such voltages will avoid the excessive magne_ c fields, the extra

l.eavy conductors, and the excessive voltage losses associated with the high-current, low-

voltage conditions, and will alleviate and improve the operation and efficiency of the dc.-to-dc

conversion equipment.
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Table 11-12. Summary List of Parameters

Colle cto r Conve rte r

Z
Size 9.0 ft diameter Emitter Area Z. 5 cxn

eflectivity 90_0 Emitter Material Rhenium

Slope Error ±4 r._inutes Collector Material _4olybdenum

Shadow Factor -5_0 Spacing (electrode) 0. _03 inch

Density 0.4 Ib/ft2 Temitter 1700 °C

Weight 26 Ib Tcesiurn 2,5 _ C

Efficienc_ 70% Tradiator 385 °C

Material Alunlinum Vo 0.70 volts

Efficiency 15_0

i

Generator
Tolerances:

Aperture Size 1. Z5 inch System Eff"ciency ==IC_0

Cavity Temperature 2300°K Orientation Accuracy f-7%

Converters in Series 3

Vo 2. ; volts

Total Converters 6

Efficiency 1Z_0

Table II-IZ above is a summary list of the various parameters fo_ the components of

the solar thermionic s]stem.

As in the case of photovoltaic systems, energy storage is required during periods of

non-orientation of _he soia_ concentrai._r.

A method of thermal energy storage is b--ing investigated whereby the latent heat of

fusion of various materials is used to store thermal _pergy unlil needed. The material is

heated to a'_nolten ._tataduring the solar orientation period and the material releases this

energy during non-solar periods to provide thelxnal energy to the emitters of the thermionic

converters. The development of this process is proceeding but will not be available for I_)69.

Energy storage by electrochemical methods rern,_ins the only type of reliable dark time

energy. The basis of selection is the same as for the solar ce]l= and the battery aiscussion is

contained in the next section.

Because of th_ low %oltage obtainable from this systeln, the coDversion problem is more

extensive. See Paragraph 5 for a discussion on the conversion equipn*ent.
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Due to the sensiti,,ity of the thermionic converter emitcer_ to temperate±re changes and

the variation of the output power with this change, it is __eces.=arv to ensure correct orien-

tation of the solar concentrator to the Sun. It has been determined that to maintain 90 percent

of the electzical energy received f,,r exact orie,,tation, the *naximu.-n error in orientation must

oe ±14 mln_tes of arc. Figure II-22 shows the fai!-off in power for misorientation of the

concentrator to the Sun in ._ninutes of arc. The curve is based on e concentrator having a

geo£netric slope error of less than +L nqinutes of arc and a c_vity =perture in the generator

with a dian]eter of one inch.

A three percent reduction in power front ndsorientation is not significant, so that to

maintain no greate; loss, the accuracy of orientation would have to be :h7 n]inutes of arc to

the true Sun line, This ,-nay be difficul_ to _chieve by attitude control methods, necessitating

vernier systems for each concentrator for control. This also requires a high degree of

accuracy in concentzater manufacture to keep the geometric slope error minimized.

i_inally, a system sized for a requirement of 400 watts would nave the characteristics

as she::,n in Table 11-13.

f I i _/i -
[ Te:2000degK

uJ

I ASSUME ALL OTHER

i I
Z _1 50 '--'

o P, II.-
_[ _ 40
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0 2 4 6 8 io _2 _4

MISORIENTATION, mln 0 c _RC

Figure 11-22. Loss in Power as a Function of Angular
Deviation from the True Sun Line
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Table II-13. Characteristics of 40fi-\_rtt System

Quantity Equipment Weight

2 Concentrato_ s 5Z lbs

Z Generetors 27 Ibs

2 Or:entation System 20 Ibs

2 Support Structure i2 Ibs

2 Deployment Mechanisms 15 Ibs

Battery 78 Ibs

Conversion Equlpment lZ5 Ibs

TOTAL 329 Ibs

*total weighL is much heavier than the Solar Panel System.

4. Energy Storage Soarce._

in determining the minimum initial battery cal_aclty, it must be derived from its depen-

dency upon either the injectior maneuver energy requirements or _n th_ orbital energy

requirements. Since we are considering no eclipse tL,'ne and the battery usage in orbit is

small compared to the injection maneuver period, tt-e energ; r_quirernent in all cac.es dis-

cussed herein are governed by the injectign even;.

If a Ag Cd battery is used, the depth 9f discharge for a few (f_ve or less) deep cycles is

at least 95 percent. This means that the battery capacity shovld be 1.05 times the bare

energy required, If we assur,e that recharge of the injection energy occurs during the first

planetary orbit, then a mi,,,mum of 26 hours are available for recharge, and the charge rate

is Cb/2?--sufficiently low. A second cr_nsidera_ion enters into the catculatioa of battery

capacity; the batte_'y shoulo conta._n one or more series cells to account for cell snorts.

Assuming that a three-cell short must be tolerated, this raises the initial capacity by I0 per-

cent (in a 33 volt system) and decreases the charge rate to Cb/30.

Thus the ca'_acity of a Ag Cd battery is.

Cb = I. 15 (PiTi) = I160 watt-hours (2)

Whe_'e Pi, "Pi are the injection power level and duration respectively,

Pi = 337 watts,

Ti = 3 hours.
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The weight of the Ag Cd battery is given by the capacity and the energy density. If the

energy density i_ 30 watt-hours per pound the t_attery weight is:

Cb
Wb = _- = 33.91b_ (3)

in th • event 3 paraiiei batteries are used to provide the sLme capaclty the energy eenslty

is reduced berause _.,f the added case we;6nt and becomes Z7 watt-hours per pound.

The battery weight would then be:

Cb
Wb = _r_- = 43 pounds

If a Ag Zn battery is used, the depth of discharge for a few cycles is 70 percent and the

capacity (assuming I0 percent shorted ceils as above) would produce a battery of 1.4 tilnes

the bare energy requirements or 1400 watt-hours. Since the "ninimum charge rate for this

type of battery is Cb/Z5, the value of Cb/27 just prov;_des the minimur_. The weight of the

Ag Zn battery is 48 pounds based on an energy density of 30 watt-hours per pound.

A1tho.lgh the weight of the Ag Zn battery is computed to be more than that of the Ag Cd

battery, both of these weights are only prowsionally accepta_£e. It should be noted that actual

Ag Zn batteries have achieved lower and higher (89 watt-hours/Ib for the Surveyoc bat*.ery)

energy densities. It should also be noted tilat the" higher energy density value of 80 wztt-

hours/lb if achieved with a very large battery: Z50 ampere hours as opposed to approximately

I0 ampere -hour cells.

It must be noted that charge method_ effect the sizing. If trickle charging is allowed,

a loss in total capacity of sag Zn batter_ could mnount to Z5 pe-ce_,t over the transit period

requiring an oversized battery as a penalty.

Another major aspect of battery sizing is that of reliability. It I ,_.s ' . en assumed

heretofore that cell failures result in Low impedance shor_ ircuits; however, tne fail,ire

mechanism of Ag C'J and Ag Zn ceils in the space environment are not well known. It is

ossible that celltailures will result in eel] voltage reversal, causing eventual rupture of

the ceil. If thereafter, the electrolyte evaporates, ap open circuit conditlon will occur.

It is important, +,hen, to evaluate th_ impact of the open circuit failure mode on battery

sizing. If this should occur during or prior t_ _he injection maneuver, the minimu:u power

of 337 watts could not be supplied for the total maneuver and the _pacecraft would cease to

operate. Under these conditions, Sun reacquisition could not be attained and no information

would be obtained during the orbital p_riod. For this reason, it is necessary to provide for
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this extreme case rather than for the ten percent for a probable cell shortage. Thus, the

f:,nal design capacity for a Ag Cd battery _s:

Cb - 2. I (PiTi) = 2100 watt-',:ours

By using tUr_P batteries, each with a capaciZy of 700 watt-hours, true redundancy will

be achievedin cr'>it ]{ none of the batteries fail prior to orbit attainment. Daring the orbital

period any two batteries would supply the required eclipse load energy of 658 watt-hours v. ith

only a 50 percent depth of discharge.

The weigt, t now becomes:

Cb 2100
Wb : - 78 Ibs

27 27

A study now in progress on battery sizing appears to indicate that the specific weight of

a battery system including charging, can be minimized by asing between four and six bat-

teries in parallel. As an example; if a single battery is used to provide the total energy

required, then in crder to insure no catastrophic failure a second battery of equal size must

be carried. However, if the required energy is placed in two batteries, then a third battery

with one-half t.he total energy required should prevent catastrophic failure since the proba-

bility of both required batteries failing is small. This would mean a reduction in total system

capacity- and weight although some volume increase would be expected. This study is con-

tinuing and the results may revise the battery sizing philosophy now used.

It is entireiy possible *hat the proper way to insure b ,_tery life is through the use of

redundant batter)- packs. One battery pack being held in a standby condition while the second

battery pack is in use. After injection, the two battery packs could be reversed so that each

pack is exercised at intervals by ground comnxand. This area will be investigated in terms

of weight penalty and battery life versus charge control complexity {reliability).

In sizing the batteries at the beginning of this section no account i'- taken of the battery

design anknowns such as true capacity. There is no known method available in determining

a battery's true capacity other than actually discharging the battery. This, of course, is an

unexceptable method for a flight battery since this produces wear within the battery and

reduces the reliability. Until a method for true capacity measurement can be produced, either

a number of test batteries will have to be provided to display repetitive results of the required

capacity or a contingency allowance will have to be utilized in sizing the battery to compensate

for the unknown quantity. The same is true for deterrninilAg the allowable number of charge-

dL_charge cycles.
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To summarize, Table 11-14 presents the major information on which a choice of battery

is made One point which is v_ry important and no_ v,;ry obvious is that for the constraints

given in Paragraph 2., it is important _.o point out that the _11 c _arge removed from the bat-

tery during the injection maneuver is not replaced during the oibital period. The solar array

is _esigned to provide only enough recharge in the battery to provide for the orbital peak loads.

5. Preliminary Design Study of Power Conversion System

To detern_ine the coniiguration of the power conversion system suitable for Mariner 1969,

a study was performed using the Mariner 64 power conversion _ystem as a basis.

The weight, e_ficiency and capability of each module used in the. Mariner 64 system are

tabulated in Table 11-15. Ablock did.gram of the power subsystem is shown in Figure 11-23.

For Mariner 1969 application, some modules required improvt:ments to increase their

power handling capability, reduce their power dissipating losse_ and ir_orove their efficiencies.

The improvements proposed were an updating to the present state of the art, utilizing improved

components such as transistors with higher power handling capacity and faster switching cap-

ability, and microelectronics circuits to reduce weight ar, d power losses.

The proposed hnprovernents are discussed in detail in the write-up o_ each module and

_re summarized below.

1) Higher power, faster switching transistor to increase power handling capacity

and il,_prove efficiency of the Booster regulator module and Z. 4 kc Inverter

module.

2) Swit.chin_ regulator unit reL_.ntly designed to replace the Doc, ster regulator in

,:._, Lo i.,-nprove the overall _t;'[ciency of the conversion sy_,_tem.

3) Phase control regulator to replace th:. Booster regulator.

4) _ree running capability of the 3 _ 400 cps Inverter utilizing a magnetic

oscillator capable of accepting sync signal and 3 # phasi'_g circuits, hoJsed

in the l_v_rter module.

5) Microelectronics circuit to replace transistorized countdown circuit in the

synchronizer to reduce weight and power dissipation.

The improvements proposed were introduced and the maximum power handling capability

of the modules was e_tablished. In order to accommodate the spacecr;.ft power'requirements

of 200 to 500 watts, parallel arrangement of inverter and regulator was necessary. To obtain

sufficient comparable values of the efficiency and weight of tho power conversion system,

considering the power handling capabilitie,' established for the proposed invcrters and regu-

lators, it was decided to perfo_nl ca!culatJon_ _o,' the spacecraft p_ver requirements of
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Table 11-14. Battery Requirements and Comparisons

I Item Battery Requirement3

1. Size based on length of injection maneuver and power
required during maneuver.

Z. Must have recharge capability.

3. Must provide a mi,_in:hm oi i0O charge-discharge
cycles.

4. Provide 4, or less, discharges to a depth of
95 per.-ent of capacity.

5. Will be used to provide energy for orbital peak loads.
(Planet science considered a peakload. )

Longer orbital period reduces high charge rates.

Item Ag Cd versus Ag Zn

I. Greater shelf life.

2. Greater cycle life.

3. Greater depth of discharge.

4. Lower failure rate.

5. Less loss of initial charge with deep discharge and
temperature.

6. Better charge characteristics:

a) Higher rate

b) Stands overcharge

7. Less efficient.

8. Less specific energy per pound.

Table 1I-I 5. Weight Efficiency and Capability

Unit Designation Weight Efficiency Capabilities

Power Distributor 4AI ] I. 87 Ib I. 85 watts

Synchronizer 4A12 I.65 ib 3.79 watts

Battery Charger 4AI 3 2.99 Ib --

2.4 kc 4A15 2.65 Ib 8570 IZ0 watts

2, 4 kc 4A16 2.67 Ib 8570 120 watts

1 _ Invert 4A17 2.01 Ib 8270 12 watts

3 _ Invert 4A18 3, 44 Ib b7"/0 40 watts

Case 8 PS & L and 2 Booster 20.8 Ib

Booster Capability 160 wateQ
-- , ,,,

ll-a9

_ _, _ , ,,_' i_ ' _: ,, _' • _ L-_r
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Z00, 300, 400, 500 watts. The calculation of the eificie,_cy and weight of the power conversion

system proceeded as follows:

a. Photovoltaic and Battery or RTG and Battery Source

(1) Booster Regulato _. Determine the efficiency and weight of the power

conversion system using Booster regulator to provide the regulated bus lines of 40 to 52 ±1%

volts _"_Cto the inverters for the following power requirements:

1) ZOO watt peak power demand consisting of:

a) Z. 4 kc 176 watts peak

150 watts average approximately 85% of peak

b) 400 cps 1 O 4 watts

c) 400 cps 3 _ Z0 watts

Z) 300 watt peak power demand consisting of:

a) Z. 4 kc Z67 watts peak

2Z5 watts average approximately 8590 of peak

b) 400 cps 1 _ 6 watts

c) 400 cps 3 _ Z7 watLs

3) 400 watt peak power demand consisting of:

a) Z.4 kc 358 watts peak

300 watts average approximately 85_0 of peak

b) 400 cps I _ 8 watts

c) 400 cps 3 _ 34 watts

4) 500 watt peak power demand consisting of:

a) Z.4 kc 450 watts p_Rk

375 watts aver_tge ap.prexu,_,tely 85% of peak

_) 4':0 cps I # 10 ¢¢atts

c) 400 cps 3 # 40 watts

(Z) Switching Regulator. Determine the efficiency of *he po_'er conversion

system using the Switching regulator to provide the regulated bus line of Z0 to 30 ±1% volts

DC to the inverter for the power requirements mentioned above.

(3) Phase Control Regulator. Determine the efficiency of the power conver=

sion system using the phase control regulator to provide the regulated 5a$ line was not calcu-

lated. The system will be similar to the switching regulator except heavier because of the

excessive weight of the phase control regulator.
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b. Solar Thermionic and Battery

Determine the efficiency and weight of the power conversion system using a low voltage

converter-regulator to provide bus line voltage of 35 to 5Z =[_0 volts DC to the inverters for

the power requirements n,entioned in the photovo!taiz source study.

c. Items Considered for Optimum Design

It was felt that the conversion system configuration ,_hould remain the same for either

photovoltaic and battery or RTG and battery source. Both sources have an appreciable input

voltage variation that will require close regulation. The pulse width modulation method u,_ed

in the booster regulator or the switching regulator ,s considered the moqt eificient known

system.

To reduce the weight and power dissipation ¢,f the inverters which supply the AC power

to the spacecraft users, the regulated su_p]/ vok_ge sho_lld be increased to a practical value.

The higher the regulated voltage, the lowzr the cv.rrent required by the inverter transistors

and transformers.

in the Booster re&n/lator system the 5Z voJts level is considered optimum for the fol-

lowing reasons.: i

I) The inverter ]osses are lower (series lossea in tr, stor and trans-

formers). The weight is lower (lesq copper re4uireu,.

2.) Yhe n]aximu,n voltage across the collector diode of the transistor will

be 104 volts which is within the rating BVCEO of the fast switching RfSA or

STC transJ,stors of 15C volts.

In the switching regulator system, the 9-0volt level is the maximum value that can be

obtained for the minimum input voltag.• considered of 2.4volts.

In the low-voltage converter-;egulator system with the Solar Thermionic so_rce,

45 volts or 5Z volts can easily be ,,btained with no excessive loss in efficienc_ and weight.

d. Proposed Limit8 don

In the above study, the optinlum power conversion system was investigated utilizing the

p;oposed inverters on regu,ators. With the proposed limitation of the maximum power han- l

dling capacity of the power modules the following can be accomplished:

o
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1) The overall dissipation of the module will remain within the power dis-

sipation capability of its housing case.

Z) Redundant units will be used for those that are essential.

3) Manufacturing will be eascd with present techniques.

e. Power Converter Modules

The capabilities of types of power converter modules are listed in Table 11-16.

(l) PS & LModule. The PS & Lmodule will be similar to _4ariner 64 w_th

additional telemetry measurement for the added Z. 4 kc inverters and regulator modul_,_.

The weight of the module is expected to be 7.0 pounds. The efficiency or loss in the

unit will be approximately 6 percent of the power required by the booster.

(2) Synchronizer. The Mariner64basic design will be used with the following

modifications and characteristics:

I) Removal of the three phase drive. This _ection will be incorporated

into the 3 9 Inverter with ',he free running circuit.

Z) Inco_'porat_ the crystal or turAng fork sync circuit as proposed.

3) Utilizatiun of microelectvonics technique for countdown and drive

circuits.

4) The overall weight of the module will be as follo,:s:

Board & Chassis 0.5 Ib 0.5 Ib

Crystal 0.3 Ib tuning fork 0.6 Ib)preliminary info.

Electronics 0. Z ib 0.2 lb

Switch. Traj (F.) 0.4 ib 0.4 Ib

1.4 lbs 1.7 lbs

5) The power dissipation will be approximately 3. Z watts. _

(3) Power Distribution Module. The power distribution module will contain

all the circuitry presently used to perform the Marlner64functions. In addition, there will

be circuitry to detect a faulty 2. 4 kc inverter or regulator and tJ switch a standby n_od_l_.

The weight of the module, ircluding failure protection and switching proposed, will be

Z. 4 ILs and the loss "n the module will be Z. Z watts, i

!-¢:
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(4) 400 cps Single-Phase Square Wave Module. Same design as Mariner 64,

no modifications a,"_ anticipated. With the ?C ._oltregulated line, the design will be similar;

no increase in weight or ,_hange in eiliciency are expected. The efficiency of the n_odel is

shown in Figure If-Z4.

(5) 400 cps Three-Phase Quasi Square Wave Module. Same basic design as

Mariner 64, no modifications are anticipated. With the Z0 volt regulated line, the design will

be similar; no change in efficiency is anticipated. Free running cap2bility is proposed to be

_ccomplished as follows:

A free running magnetic oscillator similar to the one used to drive th_ Z. 4 kc power

amplifiers. This oszillator will pro'vide square wave drive to transistorized countdown and

phasing network to provide 3 _ drive to 400 cps 3 _ amplifier. The circuitry will be housed

in the same module and the sync pulse will be similar to the one used for the Z. 4 kc systern.

A similar technique was used in the Mariner R power system.

The overall increase in weight will be approximately 0.8 Ibs, with reduction in the

synchronizer of approximately 0.4 Ibs. The overall efficiency of the free running 400 cps

3 _ system will be reduced to the one shown )n graph of 3 _ inverter. The efficiency of the

module is shown in Figure 1 l-Z5.

(6) Z. 4 kc Inverter. Same basic design as Mariner 64, utilizing new high power

and faster switching transistors. The limitation of maximum power handling capacity of the

1;_,itwill be determined by components other than transistors such as transformers and

manufacturing techniques.

Utilizing th _. present state ef the art and considering the recommended size and weight

of flight trans/or. _zr, it is necessary to limit the wire size used in the transformer design to

13 WG or maximum of 5 amperes. Above that value the transformer becomes hard to manu-

facture, "oversized and difficult to support in the flight module for a useful increase in power

handling capacity. Bifilar windings can be used which will increase the current capacity to

i0 amperes; however, in order to remain within the same workable volume the frequency of

operation should increase to 4.8 kc. 4.8 k.: frequency can be utilized for the square wave

inverter with suffi..-iently high efficiency. With the above information, the capacity efficiency

and weight of the inverter at various input voltages are as follows:

(a) 5Z Volt Input. The maximu_n capacity of the Z.4 kc inverter with

5Z volt inpat should be limited to Z40 watts. The efficiency of the unit is shown in Figure 1:-2_.

The Weight of the unit will be 3.0 pounds. By increasing the switching frequency of the

inverter to 4.8 kc and using bifilar winding for the transformer current capacit}', the maxi-

mum power output of the inverter can be increased to 500 watts. The efficiency of the unit and

weight are shown in Figure 1 l-Z6. A more realistic unit will be a 300 w_tt unit which can be

operated on a 2.4 kc or 4.8 kc frequency. The efficiency and weight of the urit are shown in

Figure 11 -Z7.
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Figure 11-24. 400 cps, Single Phase, Square Wave Inverter
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Figure 11-25. 400 cps, Three Fhase, Quasi-Square Wave Inverter
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Figure 11-26. 2.4 Kc Square Wave Inverter

(b) 40 Volt Input. The maximum capacity of the 2.4 kc inverter with

40 volt input should be limited to 200 watts. The efficiency and weight of the unit are shown

in Figure Ii-Z6. By increasing the frequency to 4.8 kc, the. capacity of the unit can be

increased to 400 watts. The efficiency" of 400 watt and 300 watt units, and the weight of both

is shown in Figure 11-27.

(c) 30 Volt Input. The maximum capacity of the 2.4 kc inverter with

30 volt input should be limited to 150 watts. The elficiency and weight of the unit axe shown

in Figure 11-26 By increasing the frequency to 4.8 kc, the capacity of the unit can be

increased to 300 watts. The efficiency and weight of the unit are shown in

Figure 11-27.

(d) Z0 Volt Input. The maximum capacity of the Z. 4 kc inverter with

20 vo}t input should be limited to 100 watts. TFe efficiency oflke inverter is shown in

Figure 11-2.8, By increasing the frequency to 4.8 kc, the capacity of the unit can be increased

to 200 watts. The ef;iciency and weight of the unit are shown in Figure I l-Z9.

(7) Booster Regulator. The booster regulator will be based on Mariner R and

64de_igu withhigher power handling and faster switching transistors.
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Presently, there are available, transistors from RCA and Minneapolis Honeywell

Corporation that can be utilized in the present br-oster design. The transistor characteristics

are as follows:

1) Collect current: 25 amperes peak

2) Collect breakdown voltage: VCEO of !50 volts

3) Faster switching c ,.aracteristics.

(a). Power Capability. the power capability of the booster will be either

Z60 watts peak for 200 watts spacecraft power demand or 380 watts peak for 300 watts space-

cralt po_-er _emand.

The maximu_-n power capabi.lity of the booster regulator should be limited to 400 watts

because of packaging and maximum power dissipation allowable per spacecraft case. Con-

sidering the known spacecraft p,.ckaging techniques and temperature control methods, it has

been recommended the maximum safe power dissipation per case level be limited, to 50 or 55

watts which is the power dissipation of the 400 watts output booster regulator.

If the above limitation is removed, then the maximum power capability of the booster

regulator can be increased to 450 watts maximum considering the available hi:._h power

transistors and the transformer design limitations.

' • 400w PEAKi , I ,
J 30:w. PEAK-'w&.,__.L_ I _ l _ _/ ]., J

/ J [ I _"--gOOw PEAK

[ 30-v !NPUT 4C-v INPUT 5Z-v INPUT

tou'E60-- I POWER__WEIGHTPOWER__WEIGHT500wPOWER3WEIGHTsIb-- 400w 3 5 Ib 400w 34 Ib [

50 --L.3OOw 351b ]300w 341b 300w 3.., Ib*
l*300-w INVERTER CAN RE OPERATEDAT EITHER

120 160 200 240 280 320 360 400 440

POWE'ROUTPUT, w

Figure 11-Z7. 4.8 Kc Square Wave Inverter (400 Watt Peak)
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Figure 11-28. 4.8 Kc Square W;.v$ Inverter (?-20 Watt Peak)
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Figure II-29. 2.4 Kc Square Wave Inverter,
Peak Power Capacity II0 Watts
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The 260 watt peak power output booster regulator will utilize the same de.cign of

Mariner64%vi_h the faster and higher power transistor ann basic hiRher ,_,":.'_rtra_;ormer.

The 380 watt peak power outp,,t booster regulator will ,,U;ize the same basic design of

Mariner 64 with faster and higher power transistor, redesignec] base drive circuit, increased

operating freauency of power amplifier stage from Z.7 kc to approximately 4.0 kc to accom-

modate the transformer design for current handling capacity. The tl-ansforl_ner and inductor

design will utilize bifilar winding so that the current handling capacity is within the recom-

mended value per wire size. The maximum wire size of No. 13 WG is recomme'ided for flight

design for proper sizing and reasible manufacturing.

(b) Efficiency. The efficiency of the booster regulator of 260 watts output

is shown in Figure 11-30. The 380 watt output unit is shown in Figure 11-31. The nlinimum

efficiency of the booster, considering limited input voltage variation and higher or fewer

output, is shown in Figures II-30 and I1-31. The maximum efficiency of any booster will be

within Z to 3 percent above the minimum value shown.

(c) Comparisons. Booster regulator advantages and disadvantages are

as follows -

1 ) Advantages:

a) The booster regulator can be bypassed so that the system

can operate directly from the power source.

b) A momentary short on the output will not destroy the booster,

it will merely shut off the obcillator.

Z) Disadvantages:

a) Slow response to any load change because of the magnetic

amplifier co,', .)I.

b) Range of on] to 52 volts.

(8) Switching regulator. Switching regulator characteristics are based on the

recently designed regulator by W. Schubert of JPL.

The power capability of the regulator will be either Z60 watts peak for Z00 watts space-

craft power demand or 400 watts peak fo, 300 watts spacecraft power demands,

The maximum power capability of the switching regulator should be limited to 450 watts

because of packaging and r_ax_mum power dissipation allowable per spacecraft case.
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Figure 11-30. Booster Type Regulator
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Figure 11 -31. Booster Type Regulator (High Output Po,x, er)
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The switching regulator advantages and disadvantages are:

I ) Advantages :

a) Higher efficiency 4 to 6 %.

b) Regulation range Z5 to 70 volts.

c) Zener regulators required tot higher input range of reguMtio,,

can be eliminated.

2) Disadvantages:

a) No direct bypass capability.

b) Momentary short will destroy the unit.

c) Probably a slow responding unit to load changes. Data is

not available.

The ot;tput of the switching regulator is approximately three to tour volts below the

lower input voltage available. This difference in voltage is tt_e line drop across the switch-

ing tra,:sistor and indu.°Lor. By increasing the output voltage to ]0 volts, the minimum

input voltage should be 34 to 35 volts. The minimum efficiency of a 260 watt unit is shown

in Figure 11-32 and the 400 watt unit is shown in Figure 11-33.

(9) Phase Control Regulator. The phase control regulator utilizes two oscil-

lator power amplifier units which are operating at different frequencies. By mixing the output

of each oscillator at different time intervais, regulation can be accomplished.

Because of the nature of regulations utilizing two separate magnetic oscillator aanplifiers

in addition to the regulator circuits, the overall weight oi the unit is estimated to be 7.8 lbs

/or Z60 watt regulator. Because of the weight, the unit is considered undesirable. The 400

watt unit rr ay welgh as much as I0.4 Ibs.

(10) Battery Charger. The charger will consist of a DC to DC converter fol-

lowe i v, lth a current lim_ter and voltage regulator to control t.he battery maximum voltage.

The DC to DC converter will boost the source voltage so that charging will take place at all

times even if the source voltage or current are low because of defective source. The battery

charge will be connected directly to the source ahead of the diode logic. The battery charger

will require a ,'clay disconnect to remove the charger from the battery in case of battery

overcharge condition or battery short.

The characteristics of the charger will be similar to Mariner R and the we,ght wiU be

2.2 lbs.
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Figure 11-32. Switching Type RegtJator (Z60 Watt Unit)
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Figure 11-33. Switching Type Regulator (400 Watt Unit)
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(II) PhotovoJta_c or RTG source. The photovoltaic and battery or RTG and

battery sources power conversion system wzll utilize the booster regulator or switching

regulator to provide regulated power to the,square wave inverter Z.4 kc or 4.8 kc and 400 cps

I _ and 3 # ac square wave and quasi square wave units.

Considering the available

[) 2.4 kc and 4.8 kc Jnverters

2) Booster regulator maximum capacity units, and

3) Switching regulator maximum cap_citv units,

and utilizing them to their maximum capability and best combination, the conversion system

has been analyzed. The effieie,,cy and weight for ZOO, 300, 400 and 500 watts spacecraft

power as proposed have been calculated and the resuiLs are tabulated in Tables I 1-17 through

l]-7.4. Battery charging has been considered but will require special attention when the final

selection of source has been established. The basic block diagram of the conversion system

with either photovoltaic and battery or RTG and battery is shown in Figure 11-34.

No boost mod_ or means ol eliminating power sources sharing has been considert '_

since proper design o._ the source and critical selection of battery voltage will make this

unnecessary.

To understaDd the conversion system tables, an example of the calculation performed

to determzne the efficiency and weight of the conversion system is given below:

Example: Booster Regulator System Case No. I peak spacecraft power requirement of

7.00watts consisting of:

Z.4 kc Pe_k 176 watts Average 150 watts

400 cps 1 _ 4 watts Average 4 watts

400 cps 3 _ 7.0watts Average 0

Table ll-Z0: The narnber o._ Z.4 kc inverters requir, d is established as two, one for

the s)stem, one for standby. The amount of regulated power requir&d by the inverter is:

Peak 204 watts, average 178 watts.

Table 11-19: The regulated power for Z.4kc, 1 ¢ 400 cps, 3 ¢400 cps is calculated

and the total regulated power is estab?,ished: Peak 7-34.7. watts, average 183.5 watts. In this

case, only one regulator is required.
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SQUAREWAVE
I USERS

0

Figure 11-34. Simplified Block Diagram for Mariner 1969 Electrical Conversion
(_or use with Photovoltaic or RTG Power Sources)
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Table 11-17: The Raw power requirements at the booster regulator are calculated

considering the efficiency of the booster regulator for 25 volts and 50 volts input, the extreme

input voltage anticipated. The Ra_v power requirements at the source are calculated con-

sidering the etficiency of the P S & L. The Raw power requirements for the conversion sys-

tem excluding battery charging are: Peak 304 watts, average Z40 watts. The total weight "of

the conversion system is calculated in ":'able 11-17. The weight oi the system without redun-

dancy is 37.64 pounds; with i00 percent redundancy, 35.44 pounds. The total effiriency of

the conversion system excludingbatt,_.ry charging is: Peak68. lperc.ent, aver_,ge 64.2 percent.

The same steps are followed through Tables 11-2t, 11-Z3 3nd l l-Z4, fox the calculatien per-

formed to determine the efficiency of the conversion system using the switching regulator in

place of the booster regulator.

f. Solar Thermionic and Battery

The Solar Thermionic and Battery System will utilize a low voltage converter regulator

unit to provide usable regulated bus line from the Solar Thermionic source of 1.6 to 4.0 volts.

The regulated bus iine proposed will be 40 to 5Z volts {±1 percent). A Booster regulator will

be utilized to provide the regulated bus line xron_ the Battery source of Z0 to 35 volts.

The P S & .L module will contain the diode logic which is required only for the low volt-

age converter regulator. In additio**, there will be a regulated voltage applied to the magnetic

amplifier of the booster regulator to co._trol the sharing mode of booster regu]ator and low

voltage converter regulator.

The booster regulator operates on the principle of adding power to the source. The

additional power is provided by a power amplifier stage and the amount of voltage provided

is controlled by a magnetic amplifier in the base of the power amplifier. Supplying a separate

winding to tbc magnetic amplifier which will unsaturate the magnetic amplifier and provide no

base drive to the power ampl.ifier, the output voltage of the booster will drop to the power

source voltage. This scheme will remove the booster regulator output from the bus line and

will provide a standby voltage of the battery source for emergency condition. When the therm-

ionic source drops below the regulated bus level, the Booster regulated magnetic amplifier

will return to the regulator control path and provide regulated power to the bus line. Failing

to accomplish this, the bus line will be supplied directly from the battery at the battery volt-

age level.

The low voltage converter regulator is feasible with the efficiency characteristics shown

_n Figure 11-35. However, the unit utilizes germanium transistors which require a good

temperature control ambient. The maximum ambient temperature of the unit operating should

be limited to +145°F.
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Figure II-35. Low Voltage Input Converter-Regulator

The Electro L_ptical System Corporation is presently working on low vol_age converter

regulators using an inverter and pul_e width sV_itchiag regulato_ unit to accomplish the output

_=gulation of +i percent. The weight estimated for a Z60 watt unit is 18 Ibs. The weight

estirr_atedfor a 400 watt unit is 54 Ibs. It seems from the standpoint of the power source

generation that the Z60 wP.ttunit will be the most practical for the system proposed.

Using the avail_.ble Z. 4 kc or 4.8 kc units and a booster regulator with 260 watt pe_k

power output and ut._lizingthem to their maximum capacity and best combination, the con-

version system has been analyzed. The efficiency and weight for Z00, 300, 400, and 500wa'ts

spacecraft power as proposed has been calculated and the results are tabulated in Tables

11-25 through 11-30. Using the same steps as in the photov_itaic and battery system, o_te can

follow the calculations performed for the efficiency and v,eight of the convezsion system. The

battery charger will not require the conw_rter boost pL-oposed and, therefore, the battery

charger weight will be I.4 Ibs.

The basic block did.gram of the conversion systerrl is shown in Figure 11-36.

No boost rnode has been considered.
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6. Electricai Power System Problem Areas

Before any subsystem can be selected for a mission or set of constraints, information

in addition to the parametric data must be known. It is the purpose of this section to define

some of the problem areas which will be encountered within the power subsystem. Early

recognition of these problem_ and their complexity may '..elp in the system selection and, it

is hoped, provide enough scheduled time for solution of the problems for that system.

1) Solar Photovoltaic Power Sources

a) Design of lightweight deployable, nonmagnetic, arrays.

b) ElecL:on and proton flu:, damage to cells.

c) Deployment and retraction methods.

d) Temperature cycling of arrays made of nonmagnetic materials.

e) Availability of silicon cell types whenever procurement is required.

Z) Solar Thermion_c Power Sources

a) Materials and methods of eliminating _aagnetic interference problems

and maintaining lightweight structurcs.

b) Deployment of generator support structures and concentrators

c) Converter matchiilg.

d) Metal to ceramic seals for converters.

e) Cesium and other impurities attack on converter internal surfaces.

f) Flux control techniques.

g) Heat rejection mechanisms.

h) Method of maintaining accurate sunline orientation.

i) Thermal energy storage has not been developed to a degree necessary

to include it in this study,

3) Radioisotope Thermoelectric Generators

a) For systems of ZOO watts electrical and greater, availability of usable

radioisotopes is paramount.

b) Method and size of shieldinB Lo prevent radiation damage. !+

c) Containrnent materials.

d) Hea_ rejectior n,ethods and mechanization.

e) Teat methods.

4) Electrochemical Energy Storage

" a) Degradation of battery under trickle charge or opt._-circuit conditions.

Fayorable data will determine the minimum initial capacity of the battery.

b) Overcharge capability_or short periods a_ a rate up to Z times the normal
. -.L

capacity.

c! Operation on the second discharge plateau for ZOO cyc: ._s. Recharg -ffi- !

c-iency will determine the overcapacity of the priraary source for recharge,

The mode of recharge will determine the charge control requirements, i.

!

• .. J...,..'.._,._.:._..,,"+'" : ""._'.. ; _l " X 4 '"
. .

' i' r , I'
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5) Electrical Conversion Equipment

a) Low voltage converter - regulator design,

b) Availability and screening of proposed,high power and faster

switching transistors.

c) Transformer design and fabrication of high-current transformers

and inductors for reduced weight and vo!um,_.

d) Fabrication of high-current terminal and circuit boards.

e) Power dissipation per module to remain within the case capability

of spacecraft.

f) Microelectronics manufacturing techniques.

g) Evaluation of crystal or tuning fork units.

h) Constant voltage or constant current charging, dependlng on the best

method )i charging the battery.

i) Development of failure protection devices.

j) Development o£ mon_.toring devices having no subsystem failure modes

(no method of failure which degrRd_s _ystem operation, but results in

loss of telemetry only).

/

Lf_
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D. SCIENTIFIC MEASUREMENTS

The scientific measurements cons.dered in this feasibility study are based on the

following configurations :

I) Planetary Scan (see Figure 11-37):

a) Infrared Spectroacopy (Interferometer or Spectrometer).

b) UltravioletSpectroscopy.

c) TV P_ ctu', es.

d) Mars Scanner (Visual, Thermal and Water Vapor).

Z) Spacecraft Body (see Figure 11-38):

a) Magnetometer

b) Plasma Probe

c) Energetic Particles

d) Micrometeorite Detector

e) Two-Frequency Occultation Beacon

f) Mars Radio Frequency Noise Detector

Data acquisition requirements for planet oriented science instruments are shown in

Figure 11-39.

1. Planetary Scan Experiments General Characteristics and Requirements

Scan considerations are specific to each mode of operation of each instrument. Typical

considerations are aiming point, surface coverage, seasonal coverage, altitude and lighting

angle. General characteristics and requirements for planetary scan experiments are listed
below:

E

I) High bit rates.

2) Large block of data bitsper operation cycle.

3) Time sto_g_ • =_L _,i_.=t - !

4,t Intermittent operation :apabilities:
a) Sequencing

b) Command

c) Control !

Television h4easurements ; I

;Specifictelevisionmeasurement considerations are listedas follows: 1

11-95 ":'!;_i_
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MORNING E_IENING
TERMINATOR TERMINATOR

i :<"

T5

(2 mln=4,000 bit*"
TWO FREQUENCY CCCULTATION

BEACON

f4 _ _.t_ V--"_] UV SPECTROMETER
(20 ram:2.4 X ;06 bit|) (HI DATA RATE)

1
-- r 3 - 4l"1 T3' _ I TELEVISION

(IS rain=30 X IC 6 bits) (I.5 ram=30 X ;06bits) I

---_ T z --.l_ I
MARS SCANNER

r"-l M.S CAUSRATE _ i(I m;n -"0.3 X 106b=t$) (C,mm : I S X 106 bds) (20 mm : 6 X I06 bitS)

{[_ L IR J I I,R INTERFEROMETER

T I

[] I.R CALIBRATE (40 ml.:4.S X 106bits)

{I m_n : 0 I X ;06 bits) (.5 mJl_: 0,6 X I(_6 bits) I

,1, I \\
-gom,. J°t ,oom,.-25 m_. - +2,5 rain

Figure 11-39. Data Acquisition Requirements for Planet-Oriented

Science Instruments
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l) l_urpose:

a) Topographic: 10 to 50 degrees lighting itngle requirement

b) C._!or. High spatial resolution, high illumination (near local noon).

c) Subsolar point: P.eflection measurement

Z) Operation cycle:

a) Highest bit rate

b) Largest bitblock

c) Practicallyunlimited totalblts

3) Pointing dirertionand altitude:

a) Nearly normal desired (up to 30 dcsz_es deviationat surface usable)

b) Up to 3 hp al_titudeusable (speciaicases beyond 3 hp)
4) Surface coverage:

a) Entire illurnin'_ted planet available (subject to l) above)

b) Middle-to-south latitudes (+10 to -40 °) chosev as preliminary gosl

c) Repeat of areas for temporal chan_es

3. Infrared InterferorneterMeasurements

• Specific Infrared Interferome:er _neasurement considerations are listed below:

I) ]Purpose: Very high wavelength resolution(5 cm -I) spectra at relativelylow

spatialresolution(100'skm sq) for surface and atmospheric feature
r

interpretation. :i

Z) Operation cycle: :;

a) I 0-second continuous operation f-- each interferogram

b) All data bits required for data reduction _ "

3) Pointing direction and altitude ._

a) Nearly normal desired (up to z.5-degree deviationat surface usable)

b) Up to Z h altitudeusable
P

4) Surface coverage: Entire illuminatedplanetand up to I0 degrees beyond _,

terminator (-lorningterminator, equatorialregions, lightand dark areas,

prepared) ':_

NOTE

_moran infrared spectrometer experiment, the requirements
would be, in general, similar to those list,;dabove.

]

4. Mars Scanner I

Specific Mars Scanner measurement considerations are as follows:

it
..........._,,:;.._i_-., . ........._-, .:....,_z;_+_i#_e___? .J ...... _ _,zer_:_.sd_,_,_r,T_'

_..:,.... , ..,,.-,_.:,. ,. . ..,__ak__ ' .. .,'.._,_.,?i,_

_",_,,:.'..T_r_1_,..",,,_,_,,,&,_,_.-.,.,_,.,e.,,-_,_-'.t'.• .#_d_:.-.. _ .. _ .f-.... ..:.-_.• -.,_,_,_ --_-D
' #w 'r-, 1F ?" I I
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I) Purpose: Ovcrl_id pictures of the planet surface in r_ree wavelengths: visible,

near infrared for water vapor content and _az infrared for temperature "

interpretation.

2) Overation cycle:

a) Saw-_oth mot.ion o_ m_.rror pair produces a facsimite scan of +,he surface.

b) Conti:Juous operation for minimum time increments o _. five minutes

required.

3) Pointing direction and altitude:

a) Normal to surface desired, up to 30-degrees deviation usable.

b) Constar.t velocity and altitude desired, interna _. in._trurnent adjustment

provided for large change.

4) Surface coverage:

a) Entire illuminated p_,anet and up to I0 degrees beyond terminator

(morning terminator preferred).

b) _epeat of areas for temporal changes.

5. Ultraviolet Spectrometer

Specific ultraviolet spectrometer measurement considerations are listed below:

I) Purpose: Very high wavelength resolution (I Angstrom) as follows:

a) With tangential viewing of atmospheric layers during passage of

lighted limb.

b) With normal viewing at passage of terminator and into shadow.

c) During passage of D-gh_ed planet between a) and b).

_) Operation cycle:

a) 10-second cycle continuously repeated during a) and b) of i) above.

b) Intermittent operation sufficient,during c) of I) above.

3) Pointing Direction and Altitude:

_) Low altitude (close approach) desired.

b) Fixsd pointing direction possible.

c) Speci_tl requirements for rotation about optic axis of instrument for all

but ecliptic orbits.

4) Surface coverage: Orbit inclination within 30 degrees of ecliptic is probably

required.

II-I00
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6. Planetary Environrnent-Crhise Experiments

The genera, characteristics and requirements listed below apply to the Planeta_- 7

Envir er_,_ent- CrJise experiments:

"-" 1) Fixed spacecraft mounting:

a) Look angles

! b) Antennas

c) Booms

• Z) Contaminations:

a) Magnetic

b) Electromagnet;-c

c) RadiGac tive

d) Vibration

3) Bit rates:

a) Low bit rates

b) Low total bits

4) Operation cycle:

a) Minimal: Continuous operation at low bit rate that permits real-time

tra,,smission during cruise.

b) Desirable: Intermittent operation at high bit rate for flare operation.

5) Special: Occultation, sequencing and storage

7. T Ibular Data

Additional data utilized in estatMishing requirements for scientific measurements are

presented in tabular form as listed below:

1, Weighl/Power/Volume Summary (Table 11-31)

Z_ Temperatare Control Requiremenes (Table 11-32)

3) Science System Command Requirements (Table 11-33)

4) Science System Functional Design Parameters, Case A (Table 11-34_

"! 5) Science System Functional Design Parameters, Case B (Table 11-35)

; 6) Power Profile Science Instruments, Case A (Table 11-36)

] 7) Power Pro£ile Science _'nstruments, Case B (Table 11-37)

11-101
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Table II-31. Weight/Power/V__lurne Summary

I

' Weight Case I Case II
• "_ Scan Instruments) (4 Scan Instruments)¢ .-

_- Ncan Ptatform Instruments 36 Ibs. 86 Ibs.
L

i Scan Platform 24 lbs. 42 Ibs.

Bus Instruments 44 Ibs. 44 Ibs.

Data Automation System 28 Ibs. 37 Ibs.

Cables 6 Ibs. 8 ibs._ .

TOT._L 138 ibs. 217 Ibs.

i

T

i

Power Case I Case II

(2 Scan Instruments) (4 Scan Instruments)

Scan Platform Instruments 20 watts 43 watts

Bus Instruments 21 watts 21 watts

Data Aut,)mation System 18 watts 22 watts

TOTAL 59 watts 86 watts

t

: Volume Case I Case II

{2 Scan Instruments) (4 Scan Instruments)

Scan Platform Instruments 11 inches t9 inches

" Bus Instruments 7 inches 7 inch_-_

Data Automation System 18 inches Z5 inches

!:, TOTAL, 36 inches 51 inches
Y

i,
F

! ll-lOZ
k
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Table 1 l-3Z. Temperature Control Requirements

Operating 2 hermal Conditions (Sensor)

Minimum Temp Maximum Temp Maximum Temp Change
> (°C) (_C) (°C/Min)

i IR Instrur-ents

-" Mars Scanner -40°C -ZO°C Z*C/Min2

"_, IR Spectrometer -80°C *I0°C 2°C:Mm' "

_; IR Interferome:cr S°C - 5°C O. i°C/Min

TelevSsion - 10 ° C + 55 ° C Z ° C/Min

Table 11-33. Science System Command Requirements

Number Function Requirement

: 1. Power On-Off Independent control for each instrume_

Z. Boom/Antenna Extension Magnetometer
Mars Radio Frequency Noise Detector

3. Protective Cover Removal Scan Platform instruments

4. Calibrate All instruments

5, Data Acquisition On-Off Independent control for each planet
oriented iu_;trument

6. Data Playback On-Off (Stored Data) Independent Control for:

1) Each planet oriented instrument's
data

*: Z) Flare data

i 3) Occultation data

7. Data Playback Advance (Stored Data) Advance Television data fixed increments

.i
8. Instrument Setting Update Television

Mars Scanner

"! ,-

!
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E. SPACECRAFT DATA HANDLING

I. Science System Data and Comm_nd Requirements

a. Instrument Sequence and Data Re _uirements:

: Figure ii-40 illustra:es the data requiren,ents for the planet oriented sclence instru-

ments, based on prelirninayy estimates. The morning terminator is a good reference point

for science and it is assumed that this point can be determined accurately (within < I rain.)

through trajectory [rL[orlnation. All other times, if held to a tolerance of one (I) minute, will

be within acceptable limits. £_.-,es T I through T 5 are to be estaolJshed by means of Real
Time Quantitative Commands.

The following assunlptions are made with respect to the data acquisition modes for the

IR Interlerometer, Mars Scanner, Television and UV Spectrometer instruments:

i) A calibration will be required for the _vtars Scanner and IR Interferon_eter

just prior to the taking of planet data.

Z) The dark and light areas adjacent o the morning terminator will be of interest

to the Mars Scanner and IR Interferome_er.

_, 3) The Mars Scanner and IR Interferometer will operate for sozne period about

periapsis.

4) The television instrument will take data when closest approach is achieved with

good lighting conditions.

5) The UV Spectrometer will obtaln data at the planet li_nb and terminator.

The information provided above only describes the data acquisition for the high data rate

instruments; comments relative to some of the other instruments are listed below:

(i) IR Spectrometer. In one possible version, data woutd bc transmitted, in

real t!m_, frorn morning terminator to evening termin%tor.

(Z) Two-Frequency Occultation Beacon. Between _.¢_00and i0,000 bits will be

stored at occultation and then translni _d at some time later in the orbit.

(3) Mars Radio Frequency Noise Detector_ Several spectrum (5000 bits,

,_p,,ctrum) may be stored durlng an ac£lve period and transmitted at some time later in orbit.

(4) _'ieldP and Particles Instrument. Flare mode data oi up to 1 x 10 6 may

oe sto:ed and tr_tnsxn£tted at some time later in the orbit.

If-108
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N__RNING ¢'VFNING
TERMIN_TI_R TFP ,_1i_,,, ° "

A

I (2 re,n=4,000 b,ts)

! TWO FREQUENCY OCCULTATION

•_ i BEACON

T4 DH _ UV SPECTROMETL
(_.) mffl=24 )¢ IO6 blls) (HI DATA RATE}

j
.... ' tlW TELEVISION

115n'in= 30 X 106 b,ts}

(15 talc=30 X 106 bits)

I'-]M 5 CALIBRATE _ _ eARS SCANNER

(I mln = 03 X [0 _"bits) (5 mlf_= I 5 X IO6 bits) (20 rain: 6 ;4 i06 bits}

[__ { IR ] I R INTEItFEROMETER

T I

[] t R CALIBRATE 140 mm:48 X lOSblts}

(I mm : O I X 106b_ts_ (5 mm : O 6 X 106bits)

, I, _.\
-25 m,n -- +25 ml_l

,. Figure 11-40. Data Requirements for PlPr, et-Oriented Science Instruments

I

t
i

,i
II -109

i_

2.'

1965018274-414



Se¢_e--- XI EPD-Z 50

, " 3 ---- 3 2"I ...... _z|Iu _J

: : i
: il CR'JISE .... _ '!

_. -. = =--'_q "- ; "- -_" EefCOUNT-R

._- = 3.siic_l il _ ,,t3z_e_:
+ _ -" - |e , - •

-" t;" ]_ : :_- J/i PiC,"_l, ,i ,',c= l\ \

1 _' /

"_ - " ! PLASMA t '('IIAIiDPANTOET i
1 IPLASMA

1I

z-'-_:_- =-_>_'_-,i _- -"" -'.; -
,'_.._._-_':::"; --_.--_ " ", _ 17 ]. R. CHANNEL I
_4_ _'_:D':;,=7.- ___..

,,'_;_. :,_- --- ._ . %: _ 18 RADIOMETER 2 '

_------_/,-_7"j'_-'_D_-':'_ - : " TOTAl.; Of "7 WOlOS NOT I,,!SED (EXCEPT OURI_IG CAI.IORATION SEQUENCE) FOR IOTAL CRUISE PORT"_%
OF FLIGHT.

]

_,_:__:._ ___-..rT,_._.:,_._.._,.... "--::-.... Fi_Ire !1-40a. Data Requirements for Planet-Oriented Science InsLrument,L_j.@.:.4-_,._:-.... .: .....

-7-_]_-?-'7"Y-(:;,_'"::_'--H-110-

1965018274-415



EPD-Z50 Section XI

(5) UV Spectrometer. Low rate (4 b/s) d_ta w.ll be gathered during the

entire orbit for severa: orbits for later playback.

From apoapsis to approximately _°,0 degrees from apoap_is, p,,;:'er may be turned off

for the IR Irterf_rometer, Mars Scanner, _nd Television i._st.'unlents with tr, e exception that

heater powe3- must be maintained on the IR !nLerferometer.

b. Data Storage

(I) Nomiaa'- Case. The nominal case (Mars canner/Television) oata and

storage requirements are L;_ted below:

I) Data

a) Mars Scanner: 15 x 106 bits at 5000 bits/second

b) Tele¢ision: 15 x 106 bits at 8000 to b4,000 bits/second

2_) Storage

Tape Storage: 15 × 10 6 bits, alternate storage of Mars Scanner and

Television data (1 orbit Mars Scanner Data, i orbit

Television data).

Al':hough Diagram 1 only indicates 7.8 x l0 6 bits of Mars Scanner Data

• being acquire.d each orbit, the instrun_e_ is by no ..-neans con._trained

to this amount, For the nominal case, the total l,_ars Scanner data

acquisition about periapsis would be expanded from 20 mim:tes tc

approximately 40 minutes. This would bring the total data acquired

per orbit up'.o 15 x 106 bits.

To simplify the data storage device, the total £elevision data would be

limited to 15 x 106 bits. It should bc noted that the data taking rate of

the Television instr'm_ent is higher than that of the Mars Scanner and

is dependent on the characteri_lics of the TV instrument. For example:

a) 200 line picture (6_I ieveis), _u second readout = Z40,000 bits/

30 seconds -- 8,000 blts/second.

b) 200 line picture (64 levels), 15 second read,_at = 2"0,000 blts/

15 seconds = :6,000 bits/second.

c) 400 line picture (641evels), 30 second readout-" 960,000 bits/

30 seconds = 32,000 bits/second.

I d) 400 line picture (64 levels), i5 second readout = 960,000 bits,
t

15 seconds = 64,000 bits/second.
For the nominal case, 15 x 10 6 bits of storage is consistent with the

] requirement to have adequate storage for continuous transmission of

11-]11
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i

data, at the maximum b_t rate throughout the orbit havin 3 the longest

possible period.

Z) Fou= Instrument Case. The maximum case (IR Interferometer,

Mars Scanner, [[ulevision, OV Spectrometer) requirements are listed below:

1) Data

a) IR Interferometer: 5.5 x 106 bits at 2000 bits/second

b) Ma- J Scanner: 7.8 x I06 bit at 5000 bits/s,,cond

c) Television: 30.0 x 106 bits at 8000 to 64, 0G0 bits/second

d) UV Spectrometer: 2.4 x 106 bits at 2000 bit_/second

e) Total: 45.7 x 106 bits

Z) Storage

Tape storage: 50 x 106 bits, all instrtunaents having the capability of

acquiring data during each orbit as indicated on

Figure ll-41.

One possible mechanization would be a system hav_.ng the following

characteristics:

Recorder I (20 x 106 bits, one speed)

Channel I - IR Iuterferometer

Channel 2 - UV Spectrometer

Channel 5 - Mars Scanner

Recorder Z (30 x 106 bits, one speed)

Channel l - Television

3) Data Readout

The capability for selecting the recorded data to be played back (e. g. ,

UV Spectrometer, Television, etc. ) is required. The capability of

stopping the playback of one instrument's data ana switching to the

start of another' instrument's data is also required. Te.levision data

are to be capablz of being stopped and then advanced, fhi_ advance

may be, for exa_nple, in increments of 5 x 106 bits throughout the

stored TV data.

Ouce the information is t_tored, the capability should exist to rerecord

new data f1'om each instrtunent independent of the other instrume.nts

(e.g., record new UV data witLout disturbing the IR Interferorneter,

Mars Scanner and Television ctata zecorded on previous orbits).

!i-li_
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Figure 11-41. Tape Storage Capabilities
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4} Scan _-I,._tfo rm

The proposed Scorn Platform requireme,t- ¢ are ._ased on a two (2)

degree uf fr,:edom platform which can be incr_menta!ly updated in

both directions. I._ the di-rection perpendicular to the plane of the

orbit, a nominal latitude is to be chosen and then .updated periodically

throughout the hie of the mission (erery 10 to _0 dctys), or whenever

any special coverage by the Scan Platform instruments is required.

It would be desirable to reposition the Scan Platforr:_ in the plane of the

orbit approximately ten times during the 180 degree ht portion of the

planet. These ten positions would not recessarily be equal increments

apart. This capability has not been provided in the nominal case.

The UV Spectrometer is no{ to be mounted on the Scan Platform and

ca,a be considered mounted on the spacecraft t_us. This can be accom-

p.[ished if the n-vunting structure on the bus is desi_,ned to rotate the

Spectrometer about its pointing axis. The position of the Spectrometer

will be set so that the Spectrometer slit is parallel to the limb of the

planet. The spectrometer is to be rutated so that the slit is parallel

to the terminator when the terminator ,s scanned: this may be done

between orbits if necessary.

5) Communications )'{ate

The Communications Rate in orblt is to be capab.e of bei*_g chan_ed so

as to provide th,.* maximum information for the life of the missinr.

The probability of mission failure versus life I, oiblt should be c_n-

sidered in arriving at these comrnunicat_ons rates. For the purposes

of this mission three "3} communications rates in orbit are considered

although many more are possible.

6) Commands

Both the Real Time and Stored Time commands are listed in

Table I1-38.

1i-114
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Table 11-38. Science System Command Requirements (Mar__ner 1969)

|_
Instrument RT Commands Stored Commands

' IR Spectrometer l =:= Vower On 1 To::"-'-":Minus 2 t!ours
! IR Spectrometer Power On

2* Power Off 2* "_.o = 100 Min.

IR Spectrometer Vower Off

IR Interferomete_" _* p Power On To = Minus 2 Hours
I IR [nterferometer Power On

3* To = Minus 29.5 Min.Remo_e IR Interferometer
I , Black Body

] 4* : Power Off 4_- To = TI + 40 Min.._._
(a) IR Interferorneter Vower

! i Off
(b) Replace IR Interfero,neter

Black Body

Mars Scanner i 5 Power On To = Minus Z Hours
I Mars Scanner Power On

5 To = T2 + Z0 Min.
Mars Scannex _uwer Off

6 Power Off

7 Scan Amplitude 1

8 Scan Amplitude 2

9 Scan Amplitude 3

10 i Scan Position 1i

Scan Posit_on Z1 i

v
i2 Scan Position 3

• )
13 Scan Position 4

14 Scan Position 5

Television 15 Power On To = Minus 2 Hours
Televisi9n Power On

16 Power Off

6 To = T_ �15Min.
17 Update Settings Television Vower Off

UV Spectrometer 18_' Power On

19" Pnwer Off

20. Update Slit Angle
i

tl 11-115
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Table 11-38. (c,ont)

!

Instrument RT Commands I Stored Commands

Two Frequency ZI Power On 7 T = 'rime = Solar Pa_el Extension

, Occultation Beacon Extend AnLcnna

ZZ Power Off

Mars R_" Noise Z3 Power On T = Tine = Solar Panel Ex';ension
Detector Extend Antenna

Z4 Power Off

Magnetometer Z5 Power On T = Time = Solar Panel Extension
Extend Boom

Z6 Power Off

Plasma Probe Z7 Power On

I Z8 Power Off

_' Energetic Z9 Power On
Particles

• 30 Power Off
I

Micrometeorite 31 _ov,er C,_,

metect:_r
3Z Power Off

DAS 33" Start Playback of IR 8_c To = 0
Interferom'-_er Data Start T eansmission of IR

Spectrometer Data

31_, Stop Playback of IR T= - iuu M}n.
Interferometer D:,L¢_ Stop Transmisslon of IR

Spectrometer Data

35 Start Playback of 9 To = Minus 30 Min.
Mars Scanner Data IR Interferometer/Mars

Scanner/IR Spectrometer
Calibrate

¢ 36 Stop Playback of
Mars Scanner Data

37 Start Playback of I0 To = Minus 7.5 Min.
Television Data Reco_,] IR Interferometer/

Mar her r_ata

t_

38 Stop Playback of

Television Data

39 Advance Television II To = Plus _.. k4in.

Data Stop Recording IR Interfer-
ometer/Mars Scanner Data

_ 40_ Start Playback of UF

_, _pectrometer Data

°'_ 11-116
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Table 11-38. (cont)

_ Instrumert RT Commands Stored Commands

[ DAS 4I,',: .5top Playback of UV

:_ Spectrometer Data

" 4Z Readout Occu} ration
Da_a

43 Reado_t M,'rs RF 1Z::'- To : TI1l

No;.se Detector Data Record IR Interierometer
Da_a

: 44 Readout Fields and To = T 1 _- 4(} Min.
: Particles Flare Data Stop Recording IR interfe
=" omete_ Data

45 Calibrate Science

46 Cruise Data Rate

47 t)rbit Data Rate 1

{ :_ackup)

_8 Crbit Data Bate Z

([ ackup)

49 O_bit Data Rate 2 13 To = T2

(B,tckup) Record Mars Scanner Data

To : T_ + Z0 Mln.
Stop Recording Mars Scanner
Data

14 To = T3
Record Television Data

To : T3 + 15 Min.

Stop Recording Television
Data

"i (a) Switch UV bpectrometer

} to I-lighData Rate
(b) R=cord UV Spectrometer

Data

,,_ To = T4 + Z0 Mm.

{a) Switch UV C oectrometer
r to Low Data Rate

:: [ (b) Stop ReccrdirLg UV, Spectromete : Data

I16 To = T5

Store Occultati _n Data

if-liT
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Table 11--38. (cont)

[
Inst, lment RT Con..nands Stored Commands

I
I
I

YAS 17 To = T5 + 2 Min.

Stop Storage of Occultatl_-i

Data

18 T = Time -- Cruise Science Power
On + 1 Min.

Cruise Data Rate

19 To = Time = Injection
Orbital Data Rate !

Z0 To = Time = In)ection Days
Orbital Data Rate Z

Z1 To = Time = Injection + I20 DaTs
Orbital Data Rate 3

22 T : 1/week
Calibrate

Scan Platform 50 Scan Platform To = Minus Z Hours

Update (Plane of Scan Platform Update
Orbit) (Backup)

51 Scan Platform Z3 To = T_I through Tpl0
Update (Perpendicu- ! thru Scan Platform Update
lar to Plane of Orbit) I 32

General 5Z Cruise Science On ! 33 To = Minus Z Hours

Remove Encounter instrument
Sensor Covers

53 Cruise Science Off

54 Encounter Science On

55 Encounter Science Off

56 Remove Encounter 34 T = Time = Solar Panel
Instrument Sensor Extension

Covers (Backup) Cruise Science Power On

11-118
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"Fable il-38. (cont)

instrument RT Commands Stored Commands ]

IGeneral 57 Set 'I 1 = 0--

58* Set T 1

59 Set 2' 2

60
Set T 3 Quantitative

' 1, Set T 4

62 Set T 5 __

Nominal 49 RT COMMANDS 28 STORED COMMANDS

TOTAL

Maximum 62 RT COMMANDS 34 STORED COMMANDS

*Commands not required for the Nominal Case (Mars Scanner and Television)

** De fimtions :

T = Cruise time

To = Orbttat times {referenced from the Morning Terminator)

11-119
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F. PROPULSION SYSTEMS

1. Introduction

Since th_ propulsion system(s) of an orbiting vehicle comprise 50 percent or more of

the injected spacecraft mass, it is more important in a time-!in,ited feasibi]i,_ystudy to

charact raze the perfor,nance (payload) capabilities of prime candidate systems in some

detail .ather than to make more general parametric comparisons 3f a wide variety of systems.

The epproach taken in this study has therefore been to focus attention on two systems which

appeared to be quite suitable for the mission. The basis on which these syst,'ms were

selected wi)l be discussed subsequently. The candidate systems were:

i) A solid retro motor for the insertion-into-orblt maneuver combined with a

monopropellant liquid system for the midcourse corrections.

2) A liquid bipropellant liquid system which, operating at a Jingle thrust level,

would provide both the course-correction and injection maneuvers.

The chosen systems were selec:ed on two bases, as discussed _.elow in a. and b.

a. Projected Schedule

i£ rough pro'e.::cd s:_-_dule for the 1969 mission was considered. This schedule

show,'.d tha: _ery !ictle _in,¢_ was aveilable for advanced development directed to_.ard the 1969

mission. It is uo_,b.*ful that a new system concept could be incorporated unless its feasibility

ned been demonstr_cedby the start of CY 19::o. Advancements in componen, areas which did

net a.ter the basic system concept might oe Lw.,rporable if they became available during the

succ,:-eJing six months. Since these dates " _ : very little time for advanced developmcii_

(cornpared with typicaA propulsion developn:c,.' • _:heduies), interest was focused on systems

whicL are representative of ,Jr c'ose to u,_ -:ur_ t st2te-of-the-art. The liq,lid monopropel-

lanl, high performance solid propellant and :.;_, able liquid bipropellant sys , . fall into this

c;_t_gz"T as, indeed, do several liquid pr, -" ,_ n sy_tel_.S employing cryogenic propellants.

rbe cL.'.ce was then further limited on tb,_r _s of the following considerations.

/,J

_- b. Voy:.ger Propulsio_ " ,c_:_:

%
_. Results from JPL's Vuyage-,' _>,'ouulsien studies were conside:ed. As shown in the

< studies documented in JPi. EPD- ]39, Volumes I and If, use of the more highly developed

: cryogenic systems (e. g. , F 2 - NZ}{i) for Mars orbiting Voyager missions yielded only a

: I0-15 percent increase in the payload over the solid/Hquid-vernier system or the bipropellant

;" liquid system. Comparison of the Voyager missi_,n with the current Mariner mission shows

_ that the spacecraft injection mass has decreased by a factor of three and the velocity

i,

'_ ll-IZ0
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2

_ inczements have decreased by 30 percent due respectively _o the smaller vehicle and more

,_: elliptical ,_._bi.ts which are currently being studied. Both of these factors reduce the per,_,r-
"c

ma1_ce advantage of the cryogenic system with the result that it is improbable that the high
impulse system would deliver more than a -= percent increase in payload over the selected

systems for the Mariner _r_ission. In view of the substantially greater d_ve_.opment r_sk

associated with the cryogenic system, it was ccncluded that it should not be considered a

'_' primary candidate for this study. As tim,; permits, this system w_il be considexed in some

detail in follow-on phases of the Mariner 1969 studie_.

Z. Mission Considerations

a. Velocity Requirements

Figure 11-42 shows the impulsive velocity requirements for the two orbits considered

in detail in this report, namely, a periapsis of 4000 km and apoap'As of 50, 000 km and a

periapsis of 1500 km and apoapsis of 50,000 kin. The figure _hows *hat, for the range of

approach velocities of interest (3.5 - 4.5 krn/sec), the velocity decrement requirements

range from about 4750 - 8000 ft/sec.

b. Propellant Variation Concept

As shown in Section VIII {Mission Analysis), there is a substantial variati ,n in the

achievable orbiter mass if the propellant loading for the retre-into-orbit maneuver may be

- varied during the launch period. As a typical example, from Figure 8-34 one may observe

a difference of 0. 0296 in orbiter-to-injected-spacecraft mass ratio over a 3C'-day launch

period. For an injected spacecraft ma_s of 2300 lbm, this represents a diffe-,_',,ce of 68 lore

between the case where the retro propellant may be varied continuously during the laun-h

period and the case where this loading is fixed throughout the period. It is the: efore

important to state the concept which has been adopted with regard to retro propellant vPria-

__ tions during the launch period.

"! Preliminary considerations have indic;,.ted tha_ it is feasibl : consider daily variationi
of th_ loading of a liquid retro propulsion s/stem. Howevur, the methods for accomplishi:_g

: this variation are not attractive. Either additional ground lines (probably at least fou , would

i have to be added to the umbilical or externs! li_-s would have to be connected. The latter in

: turn requires gaming access to the spacecraf_ inside the shroud. It is believed that both

methods (the latter in p_rt_cular) m_.ght produce deleterious effects on the mission r_llability.' On the other hand, the performance penalty of the fixed loading c_se, which is of p'articular

£nterest for the solid retro alternative, was .'_o large that the feasibility of the mi'Jsion ':.',_s

t

II-IZl
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: questionable. For these reasons, a system of varying _he retro propellant loading once or

perhaps twice during Lhc launch period was relected as the proposed concept. In this way, the

launch period is broken up into t_c o_'three discrete intervals. For the liquid system, the

varlation would be accornnplished either by attaching trillsv:hilc the bpacecraft was on the

launch pad or destaging and accomplishing the propellant transfer in the ESA. While the latter

we,IlL"not at first appraisal appear to be attract're, there are other components on the space-

_ craft, _uch as batteries, for which a .ecycle requirement exists. Thus it i_ possible that

L varlation of the p_',_p_hant loading at the established recycle times might incur little penalty.

For the soh.d system, the variation in propellant loading would be accon, plisned by substitution

of a differPnt retro moL_,r x-hi _'h would h._ identical in a11 respects except for the amount of

propellant Loaded. Two or three iiigLt_,,orthy s_,i,d motors would then have to be available to

support each launch.

A rigorous analysis to define the optimum tinges and amounts of propella7 ,_ variation

has not as yet been accomplished. This remains a_ a prime task for the Launch Operations

Analysis in subsequent studies. However, preliminary results indicate that one or two

propellant variations during the launch period will allow use of a payload which is close to

the daily-variable rnaxJrnum. Combination of these results and the foregoing remarks on

launch operations have led to the selection of the stepwise loading concept for this study. It

is clear that further studies in this area will be required.

c. Meteorite Impact

No allowance for meteoric damage has been made in this study. While it is recognized

that such a proLlern potentially exists, it was felt that the available crude estimates of the

puncture probability preclude selection of an impact design criteria on a rational basis. This

is another area which should be firmed up in subsequent studies. It i_ noted that the meteorite

impact consideration might tend to favor the use of alumin'_ instead of titanium for hankage

applications.

3, Solid Propellant Retro Motor

a. Propellant

The propellant is a composite solid propellant containi, *erytliu_n (Be) as a high

:- energy fuel ingredient. Predicted propellant characteristics =_'e shown in Table I I- 39.

These values are nominal and typical of the propellants currently being screened and evaluated

for advanced motor programs.

11-123
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Tab!e 11-39. Solid Propellant Retro Motor Characteristics for a
Mariner 1969 Mars Orbiter Mission

L ,,

S_cc_¢ic Impulse: 310 lbf-sec/lbm

Expansion Ratio: 50:1

Burning Rate at 500 psi: 0. 30 in/sec

Temperature Sensitivity of Chamber Pressure (Tk): 3. 10%/°.._"

Pressure Exponent (N): 0.28

Propellant Density: 0.06 ]bin/in 3

b. Motor Design Para_nneters

The primary design parameters of the motor are the following:

I) A toti,lmotor weight range of I000 to 1500 Ibm.

" 2) A thrust level consistent with maximum accelerations of 2 to 5 g's.

"_ 3) An expansion ratio of 50.

4) A case-bonded grain design.

: The rnotor inert weights are based on the use of titaniun_ for casL, material and a

composite, ablative nozzle with a hard throat insert. The motor ma_s fraction is 0.90,

which does not include any v,eight for thrust vector contrt;.

c. Thrust Vector Control Systen_ Design Parameters

_. The primary design charncteristics of the motor thrust vector c,_ntrol sy._tcm wh_.ch

provides pitch and yaw capability are the following:

._ 1) The total system weig_,t is approximateif 4.4.0 to 56.0 lbrn .-'or the ranlge

- of motor weights being considered.

2) These weights are based on a nominal thrust vecto, excursion of 0. 5

_'- degrees for the larger n,otor.

_,_ 3) The working fluid for the _econdary injection system is Freon.

:_ 4) The driving force is provided by a blow-down, cold-gas (N z) pressurized

_ system at a final pressure of 500 psi.

,: When the thrust vector control system is included with the rocket motor, the overall

_: subsystem mass fraction is reduced to 0. 86.

1965018274-429
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d. ,°..y s t c-n Petformar, ce

* The ratio of orbiter nlas_ to injected spacecraft mass for a solid propellant retro

_ systen, is s',_o'._._. in Figure 11 -43. These calculations are based on the follewing:

3

I) Use of a monopropellant ..-_idcourse syste:-_ described in paragraph 4.

to p_rform a n-,aneuver of ] 00 rn,,etexz/second.

Z} A solid propellant specific impulse of 310 ibf-scc/lbm and a motor mass

: ratio of 0. 86 which includes thrust vectcr control. Mass ratio is defined

as the ra_io of propellant weight to retro propulsion sys em weight.

The mass fraction above provides for the nozzle, the motor case, the ignition system,

: attachment on the case, and thrust vector control in pitch and yaw (actuator, fluid supply,

h-gh pressure r_gu31atien a.-'d valves). The mass fraction does not pro;_de for ztructur ,_

b_.->'ond the case attac_ent fittings, cabling beyond the ignition pigtails, power supply for the

igniter and thrust vector contr,,1, thermal contro! and for roll control during the retro
)

man,_.uve r.

Two performance curves are shown in Figure _ ! -43. The lower curve is based on

carr>-ing the mxdcourse propulsion system fl_rough the orb._.t retro maneuver. The upper

curve is based on jettisoning the midcourse system prior to the nrbit retro maneuver.

.. .Tettisoning of the midcourse propul'_on nnit provides for significantly higher payload weight

in orbit. It is recognized that development of the system to jettison the midcourse unit may

be a difficult problem, particularly in the ][ace of a r**quirement that the probability of the

ejected uni; impacting the planet mu_t be less than I0 -4. Some cL,r.s-ideration has been

given to pacK,_ing the nfidcourse un..;: in the nozzle of the soli J motor, a proposition which is

attractive from th_ volume requirements standpoint, but not too attractive from the stand-

point of thermal control. Detailed study in the follow-on phases is required to establish the

feasibility of jettisoning the midcourse unit.

4. Midcourse Propulsion System

] The propulsion system for the midcourse trajectory-correction is a monopropellant

hydrazine fueled unit similar to that utilized in the Ranger and Marincr C spacecrafts. It

i consists of a small constant thrust rocket capable of pro.'_ing variable total impulse, The

fue! is pressure-fed from the bladdered tank by pressure regulated compressed mtr,_g--_,gas.

i The engine cor.tains a spontaneous catalyst bed to decompose the hydrazine. The system
c schematic is presented in Figure 11 -14.

!
I
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Figure 11-43. Ratio of Orbiter Mass to Injected Spacecraft Mass
'° for Solid Propellant Retro System
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The delivered vacuun] speci'ic impulse of hydrazine is Z35 lbf-sec/lbm for an engine

nozzle expansion ratio of 44.i ant chamber pressure of 190 psia. Jet vanes a:c installed at

the nozzle exit pl,,n _ to provide thrust vector control during engine f_riDg. Th_ propulsion

system is capable of operz.ting between +35°F and IZS°F. The nominal engine performance

and propulsion design features are summarized in Table 11-40. The propulsion system mass

for total velocity increments in the range between 50 and Z00 meters per second witL an

injected :pacecraftmass between 1400 and 2800 pounds is shown in Figure 11-45.

The mod._fications to the Mariner C propulsion unit incorporated for the 1969 mission

are larger tanks, three-start capability, replaczng of the explosives valves with solenoid

_."lves to alleviate the packaging problems associated with a three-start capability, and u._e

of the s:..,ntaneous catalyst. -.he spontaneous catalyst has been developed under NASA con-

tract NAS 57-9 and is at the stage where it can be considered for flight use.

! Table 11-_0. Monopropellant M;_ourse Propulsion System Characteristics
For M_riner 1969 Mars Orbiter Mission

I

[ Pr,_pel.',ant: N2H 4 Monopr opellant

! Specific Impulse: Z35 Ibf-sec/lbm

Thrust Vector (5ontrol: Jet Vane. c

Thrust: 50 iDf

Chamber Pressure: 190 psia

Expansion Ratio: 44:1

Temperature Range: 35°F to 125°F

Number of Starts: 3

Tank Pressurization: Ga_._ous Nitrogen

Propellant Tank Operating Pressure: 310 psia

, Initial Nitrogen Tank Pressure: 3]OG psia

I

11-128
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5. B1propellant Liquid System

a. Propellants

The propellants chosen fc.rLbis apphcation were hydrazlne (NZH4) and :_itrogen

tetroxide (N204). These ._verechosen because they yield the hlgheEt performance of any of

the h)drazine, hydrazine-derivative, or hydrazine-blend family of fuels with the n_trogen

tetroxide oxidizer. Tha specific impulse of this system is 317 Ibf-sec/Ibm at the 96 percent

efficiency level for boLh the combustion and expansion processes, at a mixture ratio of I.Z

and an expansion ratio of 80:1. A major influencing factor in the choice of NZII4/N20 4 was

the e.xtentof the development work which has been zucomplished. Also, b_,thprepcllants

have flown previously in other systems. The thermal control limitations are dictated by the

freezing point of hydrazine and the vapor pressure of nitrogen tetroxide. Under the expected

operating pressures, these limits are 35"F to 125°F.

b. Components

Figure ll-46shows a schematic of the storable hquid bipropellant system. As shown

in th_s figure, the system features cold gas-helium pressurization and positive expulsion

bladders for the propellant tanks. The helium and propellant tanks are titanium, while the

bladder material is teflon with a 10 percent aluminum powder dispersion. Solenold type

pressurizing valves are incorporated tu prevent mixlng of propellant vapors which might

permeate the bladders during the coast phase of flight. The thrust chamber is composed of

a refr',qiiohenohc mater]al with a nard thi-o=t insert (JTA graphite) and a metallic nozzle

extong_,3n.

_'_,.r¢ ii-47 shows thu estimated mass of such a thrust chamber as a function of thrust

end i_ plotted parametrically with chamber pressure and expansion ratio as variables. This

figure :hows that the e.=*i,_,_e__._..assof the thrust chamber can be from about 21-45 Ibm

depending upon the chosen design parameter trade-off. It should be noted that this curve was

derived for a total impulse require'.nent o 360,000 ibf-sec. The proposea injector i,_a

doublet type with a regeneratively cooled i:_jector plate.

Th_'ust vector control for thi._system is provided by gimbaihng the zhanaber for Ditch

and yaw control with auxiliary cold gas jets provided for roll control.

An alternative system concep: is to utllize three sma'.ier motors of the same construc-

tion, but with a lower thrust level. Single oxidizer and fuel tanks would feed propellants to

the three motors. All three motors would have throttling capabilities to effect pitch and yaw

control and one motor would be hinRed to allow roll control. The mass of this system is

roughly _quivalent to the single motor system with cold gas roli co ,,tro_.

11-130
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55 t i J
NOTES

I. PROPELLANTS: N204/N2H 4
2. MIXTURE RATIO: 1.2(O/F)
3. TOTAL IMPULSE: 360,000 [bf-$ec

50 --4. 9=EXPAN,c'ON RATIO

i 5. Pc=CHAMBER PRESSURE

' It

pc = i00 psla_._ ./,=120

45 IO0_.
=E ,oo-_. / . eo

40
4° 1/'/_//:

'_ 35

.= ,_,,5o-_
I 150 _ _., 120

ll _5 0 _ _ . 80

30 / __ 40

'
500 600 700 800 900 lO00 I I00

THRUST, Ibf

Figure 11-47. Mass of State-of-the-Art
Ablative Thrust Chamber Assemblies

c. Design Parameters

Some of the pertinent design parameters which have been chosen for the single motor

system are listed below:

Thrust 600 lbf

Chamber Pressure 150 psia

Expansion Ratio 80:1

Mixture Ratio I, Z

Propellant Tank Operating Pressure g50 psia

Helium Tank Initial Pressure 4000 psza

ll-13Z
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d. System Performance

,{

Figure 11-48 shows the ratio of orbztt.v mass to total spacecraft mass a_ a functzon

i_ of total velocity increment required of the propulsion sy._tem. This curve i= _r_wn for

:_ injected spacecraft masses between 1800 and 2600 Ibm for the bipropellant storable hq, ud

system.

o7_ I

o
U.I 06

; 0

Z

- "" i. 0 0.5 --_

0.4

; 0

(,)

W 0.3 --

J _ 0.2 '-'
L=.I

w'
0

14.
0 OI I

o CURVE IS VALID FOR INJECTED MAS:IES
k-
,¢ IN THF. RANGE OF 1800 TO 2600 Ibm
n-

O

4000 5000 6000 70(30 8000 9000 IO,CO0

TOTAL VELOCITY INCREMENT, ft/se¢

Figure 11-48. Ratio of Orbiter Mass to InJected Spacecraft
Mass for Liquid Bipropellant Retro System

e. Configuration and Variation

The configucation for the storable liquid bipropellant is envisioned as having both the

oxidizer and fuel tanks in-line, the oxidizer tank being fc, ward of the fuel tank, with the

heliun_ supply being stored in two tanks as shown on Figure 10-1. A variation of the above

! conce?t would have the propellant tanks side by side with the helium supply stored in a single
,', ,:ank n_.ounted on the spacec_'aft roll axis. This configuration is shown in Figures 11-78,

] 11-79, and 11-80. The single gimballed engine _ould, in both of the above cases, be mouz_ted
I

t
i

11-153

,I

1965018274-438



-
_;. !

-]

Section XI EPD-Z50

<-- one[the nominal spacecr@f: roll,axis. The alternate three-,_ngine system would have the

: - motors mounted at the vertices of an equilateral triangle. This variation could be utilized

with eibher of the above mentioned propellant tank mounting concepts.

i" : ,. 6. Small Correction Vernier System

' %, . -

} - : As discussed in Section VII/. D, it may be desirable to b6 able to perform iccurately

Very small fin_ midcourse corrections. The range of maneuvers under consideration is

"\ Irom several tenths of a meter per second to several meters per second. These require-

mer, ts must be compared with the minimum AV capab;!ity of the propulsion system used for"i %

_¢ '; maidci_urse correction. For the monoprope.iant system of the propose_ solid/monoprgpellant

"-__7-- -- " - " com-bination,_ the predicted value for AVmi n was about 0.15 m/sec. Thus, this system would

)_.} _:"-' be capable of coml_.eting the smallest maneuvers wL'ich might ever be attempted. On the

_f:i__ _ "C_ other,hand, the &V j_. capability predicted for the 600 !bf thrust bipropellant system was

_'t:::':-:_:: "_: .-;_=-ab0ut.0.6 m/sec. Therefore, it appeared desirable to determine the approximate mass o, a

_.!_.--gL---i)sjys_mn Which would be capable of providing velocity increments in the range o_ O. I to

_'_i] _ _-:_!approximately]_ or 5 mlsec. " The uvper end of the range was extended beyond the aVmi n

_Ys__,_-: ;c_tpability_"of the bip rOpeLlant system on the basis that the small thrust system wonld bc used

_-_:.- = -_ : : _Or-these rnan_euvers because of its inherently _maller system errors. Further analysis

;-r----:R;:_" _-:- 0fnominal midcourse VelocitT increment requirements will have to t,e made before a decision

_'_':;__,_'_. < " Ii made to incorporate such a system.

_-_ < -; . _- . Three t_/pes of propuls_on systems have been considered to determine their capability

,_-_:___-5_ " : of accurate_9=providi:ng very sma'l velocity increments. These were:

_:=,:=; -_- _,_->-,_- _ ': - l i A Cold nitrogen gas system similar to those commonly used for attit_ Le control.

c,:';:_ = ;<'_-;:-{']'--"'51"- Z) The Curtiss;WL4ght cap pistol concept which is currently being developed under,,&:::. -;_ ...] - .=..' .+ ,
_;' :-..-- ;." : : : :. _ = ; - _: ,NASA contract and4s to be used on future Tiros spacecraft as an experiment.

_"," _ _:_ ,--_ " 7 - It is noted that this system will-be a strong contender for other propulsive

_; ;_:' _._:i-'=_.--':,-_ _ /_:-- - .-applications such as attitude control provided it is demonstrated satisfactorily

.... " - , :,.n the forthcornzng tests. Its state of development was not far enough advanced

.:._;...I_..../.= _1_",- ..." . that it could be considered for such use in the Mariner 1969 spacecraft, how-

"_"'_/_';/'_L_-?'-....c' " '-,. ever. Its proposed application as a vernier correction unit is justified because

f'::-_]{__; _ '_ , . this is in a ser/se"a backup or red_mdant system :or the main propulsion unit.
_.L_-_. - :-<_ "Q _,., . , -- <
_7_,!;2_._=: 4"!7",. :' =.'., _ 3) A:monopropelant hydraz.;ne system-__tilizing Mariner C technology with a

:_<_:" @;_._.--].--_'.-:_--"4=" "--; - ' S'cal6d-down engine of approximately five pounds thrust.

_ iI_QsFIY%,7+!;::_eT-clip pistol-unit pro_des _proximatel 7 thre_', pound_ of thrust, The three propuI-

_ [_-_,_i_._q'_'-_ste_l masses are sho%qm in Fibre ll--d+ for tot'l_ ve,ocity increiTlents from 0. I to 10

i_'_'"_" " ' "" -r;-_.-_£;2_._n_ter_per.s-econd_and sp.acecraft niasses betwee_n 2200 and 2500 pounds. The propellant

_-_ _, <-masses' we_'e determined based on specif_c impulses of 60, _00 ,_n:, 235 Ibf-secllbm for the

1965018274-439
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Figure 11-49. Small Correction Propulsion System lVi_ss
i

cold gas, cap pistol, and hydrazine systems, respectively. It appears that the minimun_

velocity increment capability of any o5 the systems from a propulsion standpoint would be,[
" _ <--I x 10-3m/sec. Thus the accuracy of the maneuver would probably not be-governed by the

i propulsion system performance limitations.

'i
! 7. Nominal Case Propulsion System Conceptual Designs

a. Trajectory Data

To complete the conceptual design, a "baseline =' propulsion system was " equired. This

in turn 16d to a reexamination of the trajectory requirements in view of the assumed concept

for variation of the retro propellant loading, A comparison of the spacecraft Ln_ection capa-

bilities from the two launch-vehicle curves with the different energy requirements of the two

periapses altitudes led to the selection of two missions as feasible alternates (ones for which

the launch vehicle capability exceeded the injected mass requirement). These missions are

summarized in Table 11-41. One may observe that the resultant trade-off is essentially

periapsis altitude against launch vehicle _apability. Since the time of this selection, the

combination of an increasing nominal-case spacecraft mass and changes in the design mar_in

philosophy have pushed the injected spacecraft mass up to the point where the mzssion with

the i500 x 50,000 km orbit and the "original" injection capability is no longer feasible.

However, r.hese numbers are of interest at least in a parametric sense and they have there-

fore been included.

11-135
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Table 11-41. Summary of Parameters for Selected

Trajectories and Orbits

Propellant Loading Concept: 1 or 2
Variations During Period

Launch Vehicle Capability: Launch Vehicle Capability:

30% Flex "Or,ginal" Curve 30% Flex "Revised" Curve

Max Hyperbolic Excess Max Hyperbolic Excess

Velocity .a/lowab!e Velocity Allo-_able

During Period: 4.2 krn During Period: 4. _ krn
sec SeC

Orbit Orbit

PerJapsi_ 1500 km Periapsis 4000 km

Apoapsi._ 50,000 km Apoapsis 50, 000 km

Approximate Totak Launch Approximate To:d1 Launch

Period: 4_ Days Peric_ 45 Days

Type Ii: 30 Days Type LI: 30 Days

Type I: 15 Days Type I: 15 Days

(DLA > -50 °) (DLA > -50 °)

Maximum O_'biting Velocity Maximum Orbiting Velocity

JIncrement: increment:

6270 fps 7240 fps

To obtain a satisfactory payload fraction, it appeared necessary to restrict the maxi-

mum allowable planetary approach velocity to 4. Z krn/sec. This value determines the launci:

periods for the two types of trajectories (Table 11-41). The listed periods are labeled

"approximate" because the rigorous analysis has not been completed (see 2-b, abo,-e). Speci-

fication of the approach velocity allows computation of the velocity increment for the retro-

into-orbit maneuver, the governing parameter in propulsion system design.

b. Solid Retro/Monopropellant "{idcourse System

A _nass breakdovna is given for the solid/monopropellant system in Table I1-42. Nr

allowance is added for gravity loss since the thrust level of the retro system is sufficiently

large that the transfer is essentially impulsive with respect to energy considerations. The

monopropellant system is sized to provide a correction capability of I00 m/see. Although

this is essentially a 6 or 7¢ allowance, it is usually wise to ca_'ry a capability of this magni-

tude in order to handle certain non-standard errors (in addition to the expected random

errors) (see Section IX). In other words, the additional capability over Lhe 3 _,allowance is

carried to be able to correct errors which are essentially non-stochastic. Further study of

the likelihood of occurrence of these non-stochastic variat/cns will have to be made to ensure

that the 60 Ibm penalty in spacecraft mass (see Figure I 1-45) is justif-_ed.

11-136
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Table 11-42. Mass Breakdown of Solid Propellant Retro Propulsion

Systems for Mariner J_69 Mars Orbiter

1500 km x 4000 km x
Orbit 50, 000 km 50, 000 km

Velocity inc_emen.=s (fps)

Ketro Into Orbit 6270 7Z40

Gravity Loss 0 0

Total for Retro Motor 6270 TZ40

Midcour sc Correction

(Supplied by separate 3_ 330
monopropellant system'

Orbiter Mass (Payload) 995 995

Midcourse System Mass 155 171

Retro Propellant l 030 1303

Propulsion Hardware

/nert Components 118 147

TVC System 47 60

Total 165 207

Design Margin (15_0) 25 32

Total Dry Mass 190 239

Injected Spacecraft 2370 2713

Mass Ratio (W/O Msrgin) Oo 86 O. 86

Ibm 2
Sensitivity Coefficients: Ibf-sec

_Morbiter

_2 I Minjected = const 3.0 3.8
S

__Min_ected Mor_ite r = const -6.3 -8.8
l " _2I
L__ _ .....

Note: The lvionopropellant Midcourse System is assumed to be jettisoned prior
to the initiation of the retro maneu_,er.

The nominal case orbiter mass is assumed to be the payloaa. A breakdown of this

995 Ibm may be found in Section X. A design m_rgin of 15 perc it has been added to the

propulsion hardware mass to be consistent with the philosophy which has been followed else-

where in the spacecraft. No rn_igin has been added for under-nominal specific irnpuls _, and

! therefore the value used should be regarded as a "guaranteed minimum." To assess the

,. penalty of specific impulse, below this value, derivativ,,s have been computed and are

included in Table II=43. For example, if the specific impulse was one Ibf-sec/Ibm below

the 310 nominal in the case of 1500 x 50,000 orbit, the orbiter mass (payload) would have
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" Table I 1-43. Mass Breakdown of BipropeUant Liquid Propuleion
Systems for Mariner 1959 Mars Orbiter

Orbit 1500 krn x 4000 km x
50, 000 km 50, 000 km

Velocity Increments (fps)

Retro Into Orbit 6Z70 7240

Course Corrections 165 165

Gravity Loss 165 165

Total 6600 7570

Orbiter Mass (Payload) 995 995

Propellant Mas s 1085 1380

Propulsion System Components

K£sidual Prc_ellant 11 14

Pressurant and Tank 49 63

Oxidizer Tank Z0 Z5

Fuel Tank Z 1 Z5

Bladders 6 5

,. Engine Z 3 Z9

Components and Plumbing Z 3 Z 3

Structure 15 19

Gimbal Actuators 10 10

Total 177 ZI6

Design/v*_argin (15_0) Z6 3Z

Total System Components Z03 Z48

z Injected Spacecraft ZZ83 Z6Z 3

Mass Ratio (W/O Margin) 0. 860 0. 865

lbm z
S,;nsitivity Coefficients: l--6Tisec

_Morbiter
M injected = const Z. 9 3.5_zi

s_.
: _Min_ected
3 - _2 1 M orbiter = const -6.9 -9.5
,_ s

i
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to be decreased 3 Ibm if the injected mass (gross) was constant. Alternatively, if the pay-

load were to be constant at 995 Ibm, the gross mass woul.d have to increase 6.5 Ibn__ for every

1 Ibf-sec/Ibm the specific impulse was below nvminal.

An idea of the solid motor size may be observed in Figure 11-50. The dimensions on

this figure correspond to the 1500 x 50,900 kn-, ca_c. Comparison of hese dimensions with

ones which are presented in the following section point out one of the great advantages of the

solid, namely compact size.

" c. Liquid Bipropellant System

?

Table 11-43 contains the corresponding breakd,,wn for the liquid system. In this case,

the lower thrust level requires an allowance for gravity losses. Recent results have indicated

that the assumed value of 50 m/sec is quite conservative. The gt b loss rarely exceeds

15 m/sec or about I/3 of the assumed v_l,_e. The midcourse-correction allowance for the

liquid system was 50 m/sec. While it may appear that a different philosophy is being followed

with the solid/monopropellant system, it was assumed that the few cases which required more

than 50 m/sec could be handled by slightly shorting the main propellant loading. S-nce this

"_ption of combining the maneuver allowances did not exist with the solid/monopropellant sys-

tem, the apparent discrepancy was justifled. The remaining parameters in Table ll-Z:3 are

• analogous to those of Table II-47.. A characteristic specific impulse of 315 Ibf-sec/Ibm was

used to compute the propellant masses which are given in Table I 1-43.

Comparison of the total injected spacecraft masses for the solid/rnonopropellant and

bipropellant liquid systems shows an e:_cess of approximately 4 percent for the former. This

is mostly due to the fact that the monopropellant system is a somewhat less efficient system

than either of the o_hers. The dimensions of a typical stage layout for the bipropellant system

(1500 x 50,000 km case) are given in Figure 11-51. The greater volume of this system is

readily apparent by comparison with _'igure 11-50 which shows the solic_ motor of _he solid]

: monopropellant system. (The monopropellant system would be mounted separately in a bay

of the bus.) Since length appears to be a greater restriction than diameter, an alternate

tankage arrangement is sketched in Figure II-5Z. While this arrangement reduces the length

of the bipropellant system to a n_ore competitive value with respect to the solid systen_, it is

somewhat _ess desirable for reasons of c. g. control. The alternative arrangements for the

bipropel_ant liquid system will have to be studied in much greater detail before a rational

choice may be made between them.

]

i 8. Summary

!

Two systen_s have been described which appear attractive for the 1969 Mariner Mars

Orbiter ivlission. While the performance of one was slightly better there was not a great

enough performance difference that a system could be selected on this basis alone. A

con%parison of the individual advantages of the two systems is contained in Table 11-44.
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Table 11-44. Summary Comparison _,fCandidate Systems

Advantage s of Solid/Monopr opellant System

• More compact system

• Shorter development time for new systcm

• Less flexible solar panels ease autopJlot design

• Capable of making very small correction-n_aneuvers a_curately

without a sep=.rate systezn

Advantages of Liquid Bipropellant System

• Flexibility in use of propellant

• Slightly higher payload

• System to jettison monopropellant system is not needed

• Lower solar panel nlass because of lower thrust

• More advanced TVC system development

• Lower thrust level eases autopilot design. Only one autopilot

needed

OXIDIZER FUEL
30 31"

60" TANK TANK

Figure 11-52. Bipropellant Liquid Stage Layout

Side-by-Side- Tankage
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G. STRUCTURES AN.D DYNAMICS

The launch envirorLrnent of the floxed Atlas/Centaur is not expected to be ver:, different

from the Atlas-Agena. However, it has been the policy at JPL to perform slow-sweeping

sinusoidal vibration tests as part of the qualilication requirements for the Prooi Test Model

._ (PTM) vehicle. This has historically been the governing design condition for most struc-
4

tural components of any spacecraft even thoughmatching of the input by force limiting has beer,

'_ incorporated into the Design Criteria.

In the light of this requirement several observations can be made. The spacecraft

configurations required for this raission are large in mass and their centers of gravity are

relatively high. Any meaningful vibration testing should certainly include the long adapter

structure and large amplifications in the low-frequency test range can be expected. Struc-

tural components which will require special development attention include the solar panels,

planet-scan platform, the support structure for the many pressure bottles and the propulsion

system.

The scan platform in particular must be an it.egrated design of the science actuators

and the support structure. Very likely, point dampers will be required as is planned in the

solar panel supports. The high-gain antenna actuator, since it also will carry structural

loads, must be designed integrally with the support structure.

I The requirement that the solar panels remain _.rected during the retro maneuver imposes

a requireznent for a support ;_tabout the quarter point of the panel. The 3/4- K loads caused by

the liqu4d retro should not be a problem, but the nearly 6 g caused by the solid retro will

require .'.:atthe solar panels be reinforced.

The above comments are based on the continuation of the present spacecraft testing

requirements which are generally accepted as being conservative. During the early design

phase of the project, however, a dynamic loads analysis will be made on the total

spacecraft launch vehicle configuration to obtain better low frequency loads data for which the

spacecraft should be ,!esiRned and tested. If this analysis can be implemented and accepted

early enough in the program, ic will make the structural design problem easier to solve within

the weight allocation. This will be because the loads will be based on the totalvehicle response

to transient excitations coupled with quasi-steady state loads rather than the assumption that

the spacecraft may experience sinusoidal vibrations at all frequencies.

l

J
I

L
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H. SPACECRAFT MECHANISMS

The possible mechanisms that are considered compatible with the feasibility study

configurations, exclusive of the mechanisms which are part of the guidance and control system

are described herein.

The components which are deployed after launch such as solar panels, planet platform,
i

and high-gain antenna w111 require some degree of l_tching t_ _I'-_ spacecraft structure to limit

dywamic excursion and loads during boost and (possibly) injection into Mars orbit. Multi-

r,3odel components, specifically the solar panels and povsibl¥ others will require damping to

limit the structural gains during this dynamic loadin_. This damping can easily be incorpo-

rated in the latch link in the form of viscous d:_mpers similar to those successfully used on

Ranger spacecraft. These dampers can be completely sealed to avoid possible fluid leakage

: which may occur with dynamic seals (the Ranger design), Although the roll-axis symmetric

: low-gain antenna mast will probably not be deployed, similar point dampers may be required

in the support members.

I

Pyrotechnic powered pin pullers similar to thos used on Ranger and Mariner space-

; craft could be used to release the launch latches. These devices are redundant in terms of

firing signal and pyrotechnics, but are not mechanically. Although the pin pullers have dem-

onstrated extreme znechanical reliability, consideration should be givon to providing mechani-

cal redundancy. The use of two bolt cutters in series in order to separate the launch tie would

give such redundancy and could ha.le the added desirability over pin pullers, in some applica-

tions, of eliminating "slop" and releasing against higher residual loads•

The double-hinged solar panel configuration is considered feasible. The two sections

could be latched together at two places in the launch position utilizing a single launch darer

and release mechanism ac each point. A spring (or two for redundancy) at the inboard pa-

hinge would provide deployment with the outboard panel slaved to the inboard for a reasonably

coordinated deployment of all panels• A viscous damper in series with the OUT position strut

could absorb the deployment spring energy near the end of travel. This spring/damper could

probably also satisfy the solar panel autopilot loop dynamic requirements.

Considerable weight and space is saved with the antenna supported directly on the output

shaft of the actuator together with some probable advantages in terms of pointing accuracy,
O

less "slop" and greater reliability (through simplicity and without space-exposed bearings).

Tl-.is actuator would have a hollow shaft to pass the required coaxial RF came.

Similacly, the planet platform should be directly supported from the "in-orbit-plane"

actuator shaft. It may be r, ecessary to introduce damping to this rotation to achieve the

11-144
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reqx,ired planet smear lirni_s, The two discrete position-actuators used to orient the above

actuator Ln the orbit plane, could be s'_)ring-drlvcnto inde_, points _nd release _ with a pyro-

technic or a solenoid device.

The separation-ac.uated t.ochanica[ backup timer for initiating spacecraft functions

could he either a ternrerature compensated fluid dash-pot type or a clock rnechanis_.

t
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I. TELECOMMUNICATIONS

1. Introduction

a. Objectives

• - - In the area of telecommunications, this study has been directed toward an analysis of

radio tr___,_, telemetry, and command functions for an orbitin_ --p,.cecraft. The two prin-

cinal objectives of the study were:

1) Determine by estini_tion and assumptions the feasibility of a telecommunica-

_-. = tions system capable of supporting a Mars orbiter space-probe to be launched

during the 1969 opportunity using a floxed Atlas/Centaur. Feasibility for the

!..:, purpo3e of this study will refer to the technical considerations of the proposed

j _: " mission.
_
"_ Z) Determine the communication capabilities of three alternate mission concepts
~_ - _
=__ : in terms of. the functional requirements h:,.posed by Lhe missions.

_' :'= It should be understood that th. _ mechanizations presented here do not preclude the lea-

: : sibility or development of alternative schemes or designs.

b. Definitions

}; : : . For this discussion relating to the telecommunications area, a number of terms are

• = defined. See definitions (I) through (51 below.

"i (I) Telemetry Subsystem. The telemetry s_bsystem includes all the circuits4
4 tha: (a) san_ple, transduce,- condition and convert spacecraft e:_gineering measurements into

i binary tin-.e multiplexing measurem__nts, (b) acceder the teleme-
waveforms for wlth scientific

_-i try data in a serial binary _aveforrn and combine them with synchronizing information into a.

: composite signal for modula_ng the RF carrier.

;i
I (Z) Command Subsystem. The command subsystem includes the non RF

-- - _ circuits whicl, detect and decode eignals whi,:h convey control information from Earth.

. _t Radio Subsystem. The radio subsystem includes all of the receivers,

,: tra_srnit_,,_-'± .:r._ &_o_i=t_C- _F tr_.nsmis_ion circuits required for the tracking, telemetry,

_- ;_- _\. and command functions.

(4) Ant_.,mas. _li S-Band antennas common to the telecommunications

- ' system_r..etreated as part o_ _he radio subsyster__.

-L _

_,e:_ _. .::_ _._,.':_.L"' ' .','_.._F_'._'._T._,_t,-.._'_',_"'"J_';_.:_,_,,'_,t_ '.".A" . ,..:_[_t_f_ " - _ • _, ,,,/_,:_.,',,',_'_='-_
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(5) Link. A link is a radio frequency tr_nsrrission circuit between pairs of

transmi£Lezs Rnd receivers from Earth to oYbiter and vice _ersa.

c. Telecommunication System Functional Requirements

The telecommunication system of the cons'tiered Mariner 1969 orbiter mission to be

discussed In this chapter must satisfy the functior.ai requirements of (I) through (3).

(i) Tracking. Track the relative angular position, radial velocity, and range

of the spacecraft with respect to designated coordinate syste_,s to enable the computation of

the spacecraft trajectory.

(Z) Telemetering. Telemeter certain _ngineering parameters and scientlfic

observations from the spacecraft to the Deep Space Net _tations.

(3) Command Communication. Communicate commands from the Deep Space

Net Stations to the recipient spacecraft subsystems.

d. Detailed Subsystem Requirements

The respective subsystem functional requirement.s for the telemetry, command, and

radio, subsystems are presented in (I) through (3).

(1) Telemetery Subsystem. The functions of the spacecraft portion of the

telemetry system are:

i

i) To accept serial binary data measurements or to transduce analog

engineering measurements into appropriate electrical signals,

Z) Condition and convert analog engineering samples into binary words.

3) Time multiplex (commutate) engineering and scientific measurement

signals.

_ 4) Phase shift key (PSK) a square wave subcarrier with the binary slgnal.

! 5) Phase shift key (PSK) a second square wave subcarrier with a binary

!.. ,pseudorandom (PN) sequence for synchronizing the encodlng and
h

decoding of the digital telemetry data.

_, 6) Generate a binary pseudorandom (_N) sequence.

/ 7) Combine the two PSK subcarriers into a composite telemetr/ signalwhich will phase modulate the RF carrier of the spacecraft to Earth

"] channel.

r'

!
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(Z) Command Subsystem. The function of the spacecraft command subsystem

is to:

I) Detect a phase.shift keyed synchronization subcarrier from the output

of the spacecraft receiver.

2) Detect and digitally store command words.

3) Decode the dio_italcommand words and _hannel direct commands to

recipient spacecraft subsystems and qualitative cc,.,_-mands to the CC_-S.

(3) Radio Subsystem. The function of the spacecraft iadio subsystem is to:

I) Receive the RF signal transmitted to the spacecraft from the DSIF.

Z) Cohexently translate the frequency and phase of the received RF

signal by a fixed ratio.

3) Demodulate the received .._Fsignal and send a composite command

signal to the spacecraft comnnand subsystem.

4) Demodulate the ranging code transmitted to the spacecraft from

the DSIF.

5) Modulate the transmitted signal with a composite telemetry signal.

6) Modulate the transmitter with the demodulated ranging signal from

the turnaround ranging cha_,nel.

7) Transmit a modulated RF signal to the stations of the DSIF.

2. Constraints, Assumptions, and Philosophy

The moQt connplex single constraint on the telecommunications system is tne require-

ment for compatibility with the Deep Space Network's RF system. Therefore, a brief des-

cription of the RF system of tileDSN is included. A number of other lesser constraints

also appear.

The fundamental assumption of tnc telecommunications study was that the Mariner Mars

1964 telecommunications system could be ad,%pted and extended to serve the .t969 mission

without appreciable extension as a minimum design.

{

} The philosophy of the study has been to build up the 1969 system from the 1964 design,

! allowing for changes of mission conditions and _equirements, and considexing state-of-the-art

progress conservatively, but opportunistically.

a. DSN Ccnliguration as a Constraint

For the purpose of this study a particular configuration for the Deep Space Net (DSN) has

been assumed. The assumptions are based on information supplied by the DSN Project Office,
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The configuration of the DSIF subsystem of the DSN is detailed below. The RF portion

consists of antenna reflectors, feeds, feed lines, diplexers, low noise ampl_fiers, receivers,

exciters, data extractors, transmitters, and acquisition equ:pment all opera:ing aL S-band.

The subsystem will provide angle-of-arrival error data to the cracking servo, wide-

band ar.dnarrow-band telemetering outputs, one-way and two-way doppler outputs, ranging

detection, ranging and comma_,_ modulation capability, frequency synthesizers and exciters,

and highpower RF generation. This subs}._tem v.'_ilalso include equipment necessary for

subsystem test and callbratlon.

The standard D.ep Space Stations (see Figure II-53) for suppor; of _arlr.er !969 will

be located at the DSN traeklng and con,munieations sites at Go]dsto.ae, California: Canberra,

Australia; Johannesburg, South Airice.; and Madrid, Spain. The Spacecraft Monitor Station

at Cape Kennedy will have similar equipments.

RECEIVERS

=! 2 ANGLE I
CHANNELS !

]_iJ [ I I- 1 _ l

TRACK HORN 1 i , 0_ NOlS_ I _ 2 c:nu _--_I_.TELEM.ETRY
85-f101A _ OIPLEXER_II_ '_MPLIFIER _ CHA_WNE'IS)

ANGLES

I I | RANGEAND'I I I

I

/ i I "
! GOLDSTONE

ATOMIC FREQUENCYI CANBERRASTANDARD MADRIDJOHANNESBUF"G

!
Figure 11-53. Standard Deep Space Station for Maria:or 1969 Support

(I) Antenna Reflectors. Antenna reflectors empleyed in _he DSN _re steerable

paraboloids, and will t'.seCassegralo feeds. At present, the standard DSIF antennas are

HA-Dec 85-ft reflectors; by the time Mariner I_69 is launched, three AZ-EL 210-ft reflectors

(the Low Noise Listen Station shown in Figure lI-54) may also exist.

1210- ft DIA CHANNELS

i
l£igure 11-54. Low Noise Listening Station Configuration
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(2) Recoiv,_rs. Double auperhetcrodyne receivers which phase-lock with the

incoming RF carrier are employed. _angle-of-arrival tracking is accomplished by deriving

angle-error signals from the output of the simultaneous lobing feeds. The S-Band receiver

incorpor,,_=s z')herent AGC ann ranging system reference loops. The basic S-Band maximum

RF bandwidth is 3.3 Mc/s. Automatic Phase Control (APC) loop noise bandwidth is selectabte

from iZ eps to 150 cps at threshold. The receivers provide demodulated subcarriers to the

ground telemetry subsystem. The receiver VCO output and the necessary ,ference signals

are supplie_ to the doppler c_:traction equipn_nL. Dynamic signal level rar._ e i-: from -65 dbm

to threshold (typically -160 to -170 dbm). The S-Band receivers are tuna[,i= _=_ zZ95 ±5 Mc

with crT,'stal selection, each crystal being voltage tunable over a ±75 kc range ubo_lt the

received carrier frequency. Rapid cha.,,ge of freqlencies -will be availab)e.

(3) Transmitters _Dd Exciters. The S-Band transm-tters u_e 10 kw kh.stron

a_nplifiers. Typical gain is 45 do, and the minimum BW is 6 Me. The 100 kw klystron ampli-

fier will be available at Goldstc ne and possibly several o_her sites. Low-power transmitters

will be employed for the La,.:,,ch Station. An exciter provides the stable frequency source,

tuning capability, multipliers, and phase modulators for both the command and ranging system.

Atomic-supervised oscillators provide ground transmitter frequency stability of better than

I part in 1010 over a 15 minute period. Transmitter frequency tuning is provided in 1 cps

steps at the carrier frequency throughout the transmitter channel (Z115 _5 MC), with a voltage

controlled crystal oscillator (VCO) locked to a synthesizer output.

(4) Dual Probe Coverage. In the event of two probes simultaneously occupying

the same antenna beamwidth, it will be possible to receive telemetry from one probe, and

two-way doppler, and telemetry from the other. The period to switch two-way doppler and

command irom one spacecraft to the other would take about one hour at planetary distances.

For a complete discussion of DSN availability, se_ Appendix A.

(5) h{icrowave Parameters. The nominal parameters of the Standard Deep

Space Station ,Lr_ given in Table 11-4b. Characteristics of the Low Noise Listening Station

(210-foot antenna) are given in Table 1 t-4b.

b. Additional Constraints

Factors which constrain the design and feasibility but were not explicitly prescribed

include system weight and engineering state-of-the-art. The telecommunications system

weight must be compatible with sensible spacecraft weight distribution and the capability of

the Atlas/Centaur vehicle in launching to Mars. The state-of-the-art can be expected to

surpass that expressed in the Mariner Mars 1964 flight equipment.
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Table 1!-45. Standard Deep Space Station Parameters

_: Parameter Receiver Transmitter

+1,0
i Antenna Gain 53.0 -0.5 db 51.0 ±I db

Antenna Beam_:.dth _0.4 ° _0.4 °

Axial Ratio 0.75 ±0.25 db 0.75 ±0. Z5 db

Teed Line Loss to _ransmitter 0. 5 +0. I db

Anzenna Tcnlperature (zenith) 16 ° ±3 ° k

Maximum Feed Power I O kw

Polarization LC & RC LC & RC

Diplexer Loss (Included in Item 4)

Paramp System Temperature Z70 ° _-50 ° k

(referenced to pararnp input)

Maser System Temperature 55 ° ±I0 ° k

Transmitter Power to 100 kw

Transmitter Noise Contribution 5° ±3 ° k

Table 11-46. Low Noise Listen Station Parameters

Par ameter Value

Antenna Gain 61.0 ±I db

Antenna Bea,,_nwidth 0. 1

Axial Ratio < 0.5 db

Feed Line Loss to LNA 0.0Z ±0.01 db

Antenna Temperature I0 ° q-Z° k

Polarization RC & LC

Masser Texcess/Znd Stage Z0 ° ±3 ° k
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(1) Physical Size. Antenna configuration, particularly the size of the high-gait

reflector is constrained by the dimensions of the Atlas/Centaur Surveyor nose fairing.

(Z) Interplanetary Geometry. Both the communication distance and the look

angle_, are imposed by the 1969 Earth/Mars geometry. The antenna configuration must be

compatible with Type I and Type II transit trajectories.

(3) Thermal control. Present heat-dissipation techniques limit transmitter

power to about 50 watts.

(4) Electrical Power. With a solar-powered Mars mission the spacecraft is

somewhat power-limited; therefoz e, transmitter power suffers a secondary constraint.

c. As sumptions

The Mariner Mars 196 _. _eleccrnmunications system was developed for a mission not

radically different fro;'¢, that under stud 7 here. Therefore, that system may be used as the

baseline or minimun, system for the 1969 study. Such a system, with no provision for

scientific data, is s: _.tched in Figure 11-55.

The nature ae orbiter m_.ssJon imposes an increase of 90 to 180 days upon spacecraft

operational lifeti;,, thi' o, ;ng the expected orbital phase. The telecommunications system

must, there;ore, e::h-,_t _ ,eC. " ,- .ommensuzate with a 360 to 450 day lifetime.

The technology supporting telecomrnanication systen-._ is presen_.ly advancing, and the

probability of developments applicable in the design of Mariner J 969 telecommunications sys-

tem is reasonable. Without compromising reliability, it is a valid assumption that some such

opportunities will exist.

d. Philosophy

The basic philosophy in studying a Mariner Mars 1969 telecommunications system has

been to builo up from the 1964 flight equipment with a view to accommodating the changed

conditions, increasing the reliability for a longer duration mission, aad making use of such

advances as the nev,, art can provide. The principle of using the advanced s_ate-of-the-art

without being dependent upon it has been applied.

3. Functional Description and Mechanization

The telecommunications system considered for the Mariner 1969 orbiter mission

(see Figure Ii-56) is an extension of the Mariner 1964 design. Reliability studies conducted

_or the Mariner Mars 1966 project recomlnended redundancy in receivers, exciters, power
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Figure II-56. 1969 Orbiter Telecommunications

(Nomil_al & Maximum} Block Diagram
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_' amplifiers, and command subsystems. The Mariner 1964 system has redundant exciters and

power amplifiers as shown in Figure 11-55. One cf the major factors affecting the command

and t_o-way doppler tracking fanctions is the receiving equipment; therefore, improving the

=_ reliability of the receiving equipment increases the overall reliability o_ these function_.

Command reliabilit-/can be further increaseG by reda_4aney of the con_mand detector and

decoder. Thus, the Mariner 1969 telecommunications systerr, _neorporates duplicate

reeeiver_ and command subsystems.

To connect either receiver to any antenna wltheut addltioz_al switching complexity

passive divider is used due to the i,,hercntly high reilabihty of such devices•

l_[ission geometry requires the use of two low-gain antennas in addition to a directional

high-gain antenna. (For explanation see Spacecraft Antenna Subsystem description.)

a. Spacecraft Antenna Subsystem

One of the major elen_ents of the spacecraft system design is a rhree-axis attitude

stablilzatlon system. Sun seeking devices will first orient the roll axis of the probe in the

direction of the Sun and subsequently an optical sensor will establi_h stabilization around the

roll axis with respect tc the star Canopus. The successful establishment of the three-axis

attitude stabilization is also essential for eventual pointing of _-high-gain antenna toward the

Earth. it must be realized, however, that following a certain period after launch due to

trajectory considerations and during midcourse maneuvers when the spacecraft is not in its

cruise attitude, con_munications must be maintaineJ through omni-directional antennas. One

of the design ground rules requires that one spacecraft configuration should satisfy bothTypel

and Type II trajectories.

(i) Low-Gain Antenna Orientation. Calculation of £Le telemetry channel pur-

forn_ance requirements for three Type I trajectories (early_ nominal and late) indicated that

a M,_riner Mars 1964 type low-gain antenna oriented with its axis of symmetry parallel to

_' spacecraft -Z axes would guarantee communications coverage for at least 55 days after launch.

• Figure 11-57 shows the radiation pattern of a Mariner Mars 1964 type low-gain antenna as a

function of spacecraft cone angle along with the antenna bain requirements for the two limiting

Type I trajectories. In this figure the solid line indicates the worst-case antenna pattern. The

dashed line on the plot indicates the required antenna gain for days after the (late) launch date.

A ten watt spacecraft transmitter, an 8-I/3 bits per second data rate, and an JS-foot diameter
i

groun¢' receiving antenna are assumed. Where the solid line exceeds the other curves, an

excwss performance margin exists and communications can be guaranteed. '

,1
3

!
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': High-gain antenna coverage, to be detailed 'ater, will be initiated at 103 clays after

launch for the early and 74 days after launch for the 'ate Fype I tra3,._ctories. Consequently,

i- if no additional provisions were made a communications "gray out" period of Z8 days rna:_i-

mum would have to be accepted, z_ communicatlons "gray out" is defined as a condition where

the communication system performance margin is positive, but le_s than the sum of the neg-
£!

ative tolerances. Performance margin: Versus days after launch for the early, nomznal and

late Type I t_ajectories are shown in Figures iI-58, II-59, _nd Ii-60 respectively. A

szrr_ilarexamination of the Type II trajectories indicates that the comn_unication "gray out"

periods would be much rr_ore severe, namely from the 7th to the 150th days _fter launch for

an early, and fro;n the Z4th to the 87th dafs after launch for a late Type II trajectory. The

Type II _,'__jecto_ylow-gain antenna coverage wi_h the same Mariner 64 typ_ lcv_-gain antenna
T

is shown in Figure 11-61. The telemetry cb.__nnplperforrna_Lce margins versus days after

launch for the three Type II trajectories are given in Figures ll_6Z, ii-63, and 11-64.

To commit a mission without reliable telemetry coverage for such extended periods of

tirne as would be encountered with a single Mariner64 type low-gain ._ntenna during a Type II

"_ trajectory mission is most undesirable. Consequently, the use of an additional rear-_ounted

Mariner 64 type low-gain antenna was investigated. The results are plotted in Figure 11-65

which shows that this solution would stillzes,11tin telemetry "gray out" periods of 90 days for!

the early and 60 days for the !ate Type IT trajectories. Since this solution stillremains _nac-

ceptable, the performance of a side-mounted low-gain antenna was investigated. Fzgure 11-66

i shows the antenna coverage which can be obtained usin Z a roll-axis-symmetrical Mariner 64

low-gain antenna and an additio_,al low-gain antenna oriented at a 90 degree cone angle with

respect to the first one. This approach appears to be the most desirable, not only because it

would provide the best telen_etry coverage, but it would also allow constant communications

from spacecraft to Earth during midcourse maneuvers. The above condition is accomplished

with an additional roll maneuver which keeps the spacecraft to Earth vector in the forward

hemisphere of the side looking low-_ain antenna while the motor mounted along the roll axis

assumes any arbitrary direction.

(g) Low-gain Antenna Description. Both low-gain antennas would provide

,_ l_ght-hand circularly polarized radiation. Th_ first low-gain antenna will be considered the

prime antenna and w111 provide hemispherical coverage with its axis parallel to the spacecraft

! roll (-z axis) axis. This antenna would be similar to the one used on Mariner Mars 1964.

That is, it would consist of a combination waveguide and structure wbich would s,lpport the

_ antenna at a sufficient distance above the spacecraft so that the pattern will nezther be

obstructed nor reflected by the spacecraft (120 degree cone angle), the antenna itself will be

i a shaped open end of an ultra low loss czrcu!ar waveguide with a coaxlal-to-clrculaz-

polarization transztlon at the base of the waveguide. 'lhe antezuna pattern coverag_ will be

,: symmetrical about its %xis with gain of +5 db on axis and -6 db at 90 legrees from thzs axis.
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The second low-gain antenna would also give hemispherical coverage, but with its axis

: in the xoll plane at a 45-degree clock angle to the Canopus sensor. This would orlent the

second low-gain antenna a_.isat a 90-degree angle to that of the prinle omnl-antenna thus

; allowing for telemetry coverage during midcour_e maneuvers when the motor is mounted

along the roll axis. It world also greatly reduce the "grey out' problem dlscussed earlier

(see Figure 11-66) ,vlthrespect to the Type [I trajectory Earth track. This side-mounted

secondary iow-galn antenna would be a coaxial cable-fed clrcular radiating aperture. Its

pattern cove,'age would be symmetrical _b.sut $[aeantenna axis with +5 db gain on axls and

-6 db at 90 degrees from the axis

The weight of the primary low-gain antenna is estimated to be ? Ibs and Lhe associated

coaxial cabling weight about 0.5 lbs. The weight of the secondary or side-nlounted low-gain

antenna is estimated at 0.3 Ibs, its coaxial cabling 3 ibs and the assoclated rotary jolnt at

I.0 ibs.

(3) High-Gain Antenna. In selecting the high-gzin antenna configuration for

the 1969 Mars opportunity, the following factors wer_ _=kcr, into con_ide_ahu.:

I) The state-of-the-art of unfurlable or erectable antennas.

2) Packaging capacity under the Surveyor nose fairing.

3) Parabolic antennas vers _s arrays.

4) Reliability tradeoffs as a function of the relative vomplexlty of

each alternative configuration.

Reliabilit_ considerations at this ,:me indicate the advisability of rejecting unfurlable or

erectable antennas because of the mechanization complexity of th.:antenna-deploying syste_n

and the flexible reflectin_ surf_e_= r=.q-..i.'._dior most J_ these antennas. The Surveyor

nose fairing Oirnensto,_s and *he spacecraft placement under the nose fairing limlts the hlgh-

gain antenna to a maximum of four feet in diameter. The half-angle, half-_.,vet beamwidth of

! a foul'-foot diameter antenna is only 3.5 degrees. In order to avold excessive performance

los _ during the planetary JrblL phase and in order to avoid co._nmunlcations blackout during

: transit, a two-axls of freedom actuation system is r_qr!red. Communications blackout is

defined as the condition existing %%,henthe predicted performance margin is negative.

If a two-a-.:isantenna pointing sysLem is to be considered the uti]izatlon of ar_tenna arrays

versus parabolas should also be considered. Antenna arrays with somewhat high=r gain per-

formance could also be packaged under the Surveyor nose fairing at the expense of some

I penalty xn weight. By this means, higher telemetry bit rates could be obtained. On the other

"I hand, parabohc antennas are preferred, especial_y if a single degree of 1:eedom actuation

ii n,_e_ent simplicity, reason_.ble efficiency (60 to 65 percent)system is used because of their '-_-
_z

i and higher gain to weight ratio.

_| Il-165
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If a finite period of "gray o_.t" is acceptr_b[e, a three foot d__ameter (4.5 degree beam-

width), high gain antenna i_ reco_mended oi_ the basis of its relative -implicity and conse-

quently high reliability. If the ar erma is mounted with a single degree of freedom and oriented

as shown in Figure i 1-67, tbc "gray 3_::" would be from 8 to 25 days duration depending on the

trajectory. Figures 11-68a, b, c and d show the _elationsbip be.'ween the look ang!es of such

a single axis high-gain antenna relative to both early and late Type I and Tlpe II trajectories.

The study examined the pointing ability of this three-foot, sing!e-axis, parabolic antenna,

disregarding such error sources as attitude-control dead zone, RF boresight, and mechanical

alignment tolerances. Thc antenna would follow the Earth track (namely the spacecraft cone

and clock look angles to Earth) during the Mars orbit period to within 1.0 degree or better

from 7 da3", after the earliest Type I trasectory encounter to 108 days after the latest Type II

trajectory encounte: . Consequez,tly, the minimum orbit communication period for the earli-

est arrival Type I orbit could be 164 days.

The axis of rotation of tl_e high-gain anterna would be oriented at 270-degrees clock angle

in the roll plane from the Canopus sensor reference and at 38.5 degrees in cone angle from

the Sun-oriented spacecraft axis. The RF axis of the antenna subtends a 9.0 degree angle from

the axis of rotation, Refer to Figure 11-67 for coordinate ret_=esentation.

The antenna polarization would oe right-hand circular with less than 0.5 db on axis

ellipticity. The weight of this antenna is estimated to be 3 lb_, ; : addition to at, estimated

1 lb for cabling and 0.5 lbs for a rotary joint.

b, Radio Subsystem

(1) Transmitter. The spacecraft S-Band transmitter _tlat was examined for

this study was sized to 10 watts of output, but to illustrate the possible tradeoffs available,

the capabilities of a 20 watt system also were included (see Figure 11-69). A 50 watt sys-

tem is highly desirable for the mission, and -- 2ears to represent the practical limit based

on other constraints,

The first choice conliguration would be a solid-state exciter followed by a traveling wave

tube {TWT) power amplifier. The desirability of solid-stase circuitry _s obvious; development

experience and reliability data from Mariner 1964 reinforce this choice. The traveling wave

tube is more advanced in development than, .for instance, the amplitron or tLe klystron /or

long life in the 10 to 20 watt range. A 10 watt TWT is _zsed on Mariner 1964; larger units are

under development, the exciter would contain the basic crystal controlled oscillator, phase

modul-_tor, al_pliliers al_d frequency multipliers to produce an output in the 50 to 250 refill-

watt range, aependiug on TWT drive requirements and RFlosses betweenthe exciter andTWT,

Tb_ pres.-.ntl 7 availabls efficiency for chis unit, and its associated power supply, is on the

,_r_er of 10 percent.

-'1-166
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Figure 11-68a. Earth Look Angles Retative to Spacecraft Coordinates

for Early Type I Trajectory
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A flight quality TWT is avai.*ab-'e that can provide I0 watts of output power at 26 db of

". saturat_u gain. The TWT, with its power supply, is lt_. i perccn' efficient. The over_.!i

. efficiency of the exciter, TWT, and .oowcr supplies wo, _d be 15. 5 percent. A _'_"Pz_, . a-_.d

integral powe. supply "_h,,uld be available within the ne.:t year that will have Z0 watts of output

:_; power, 25 db of saturated gain and be 23.5 percent efficient, inc!uding a__,ociated power suD-

ph'. Th._ ov_rali exciter. TWT, and power supply efficiency would be 2Z.S percent.
z

.. The probienl of dc and RF breakdown, as the unit passes through critical pressure, will

• have to De studies and so_.ved if the unit is to re,_ain ON durir.g the launch phase. An alternate

solution to the b*eakdown problem would be a zeparate launch-naode exciter with sufficient

._ power output to be used directly as the transmitter. 2-hen the TWT would not have pov-er

-_ tpplied during the launch phase. The dc and RI: voltages for this rhode could be kept _elow

_" the values necessary to cause ionization breakdown. For the purpose of a cunsisler_ system

design a separate launch naode excizer will be in¢!uded in the weight and power estimates.

Th- _ transmitter would contain two redundant exciters an_ two redundant po.ver arnpli-

, tiers. The exciters w_ _!d be connected to the power amplifiers by a nonswitchin h power

spiJtting device so that either exciter could drive both power amplifiers. The active excit_ "."

,_ power amplifier combinatioa would be selected by. appropriate power supply zwitching. A
z
: cavity fii_=; would be required "n each TWT output circuit.

A t_!rculator switch network will be employed to select either amplifier output, either

, antenna and receiver input to give tb.efollowing modes of operation:

i) Receive HI .-fransmit HI

2) Receive LO - Transmit LO

3) Receive LO - Transmit HI

An additional switching function would allow the selection of either i3w-gain antenna.

•_ (See Figure 11-70. )

(Z) Spacecraft Receiver. The system uses a continuously operating narrow-

1 band, double-superheterodyne, automatic phase-tracking receiver with a turnaround ranging

channel. (i)

!
The receiver operates in the coherent mode when the receiver !s locked to a signal

transnlitted from the ground. In this mode the phase and frequency of the carrier transmitted

,; (1)Turnaround ranging is discussed in detail in Reference Z.
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,_ Figure II-70. Radio and Antenna System Switching Arrangement
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from the spacecraft is a :&tional multiple of the received signal, because the carrier

frequency is controlled by the receiver. When no signal is received, the receiver operates

f in the noncoberent ,node, and the carrier transmitted from the _pacecraft is controlled b "

a fixed-freq_ ency crystal-controlled oscillator.

For the minimal mission, a single receiver will be employed (,ee Figure 11-55). For

the nominal and maximal mission, two r _dundant receivers will be ezr,ploycd. The _vo

: receivers will be passively interconnected at the input and will be fr_qutncy addressed. The

possible use of t_nnel-diode amplifiers should be considered, if the 3 db _[gnal-to-noise ratio

less in the intercorulection cannot be tolerated. The receivers wi!l supply t_'odemod:,lated

c()mro_nd outputs, one fzc,n each receiver. When utilizing frequency add;es_'ing of the two

receivers (for command transmission to one of the two command systems), obout 350 kc

carrier sepa."ation will be required.
t

i

c. Telemetry and Mod,llation Subsystem

,

The telenletry systeln for the purpose of this discussion will be divided into the digltal

telemetry data processing, (not described in this section), sto:a_e, multiplexing and the

telemetry modulation subsystems.

; <I) Storage. The data storage requirement for the nominal mission could be

met by an isoelastic transport, multitrack, 15 x 106 bit capacity, buffered input, buffered

output: reel-to-reel rape recorder. The primary users of the tape recorder _,i!lbe the tele-

vision and the idars Scanne_ experiments. Television data reto;dlng will take place on four

03parallel tracks in addition to a clock _ecording at _ i bit per inch density. The television

recording speed is estimated at 4 ips and the TV hzt rate at 8 x 103 to 1.6 x 104 bps.

Recordin_ of the Mars Scanner data wiil be 5 x [65 hns on a single track and "_clock record-

ing channel at 4 ips recording speed with a density of Ig50 u'_tsper inch.

The estimated tape length is 400 feet and the playback speed is 0.5 _. 1.0 ips, The

i inpuflout,_ut core buffer would have a capacity of abou: 1320 bits corresponding to +he storageof one y\r line.

i (Z) [_ecording Capability. The nlaximlm mission concept requires recording
I
L capablhty of TV, Infrared, Ultraviolet and Mars Scanner experimental data. Because of the

.._h data rate and bit storage requirements such as:
r

&[ I) TV rates up to 64 x 103 bps a,_da maximum total of 30 x 106 bit

storage capacity

_o Z) Infrared experiment bit rates up to 2 x 103 b'o_ and a maximum total

of 4.8 x 106 bit storage capacity

11-175
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3) Ultraviolet experiment bit rates up to Z x 103 bps and a maximum total

of 4.8 x 106 bit storage capacity.

4) Mars Scanner experin'Aent bit rates of 5 x 103 bps and a maximum of

IZ x 106 bit storage capacity.

Becacse of reliability considerati_,n the use of three separate tape recorders is

recommendeo. All three tape recorders should be bvffered input, buffered output m_chines

with p_a)rback speeds of 0.5 to 1.0 !ps. On_ of the three tape recolders will store TV data

only, on four para'iel data tr=,cks aud a clock recording track. Assuming 8 to 72 inches per

recor.'ing speed this m.achine will iequire ._00 to 500 feet of tape capacity for 30 x 106 bits.

The s_.cond tape recorder will store tb.e da:_ of the Mars Scanner experiment on two parallel

tracks at 2.5 ips recording speed requiring 500 feet of tape capacity to record 40 minutes

worth oi data per orbit. _he ultraviolet and infrared experiments Will u.,.e a data and a clock

recording track. ]?he recording bit rate will be 200 bps at a recording spe_d o _ Zips. A

40 minute recozd:ng time per orbit will require a 400 foot tape capacity. The UV and IR data

recording must either be coinc;_dent or time sequenced, they cannc'_ be partially overlapping

in time.

All three tape recorders would be pr_,_..laea with the capability for _.o.._mand initiated

playbacl_, and new data recording without the possibility of destroying previously recerded data.

(3) Recorder Interface. The tape recorder provides one of the severest inter-

face problems that occur within the telecommuuication s'/stem. With either a single tape

recorder or multiple tape recorders the storage systems must interface with the data encoder,

data automation system and th= command subsystem. ::he interfaces are anticipated to

consist oi:

1) 'hq_ h th_ .data encoder:

a,_ .Da+a to the d&t_ encoder

'-_, End oi tape _ignal to the data encoder

c) Temperature ant l_r,-ssure transducer outputs to the data. encoder

d) Bit sync from the daLa _.ncoder

2) With the command decodu_.

a) Playback command or playback backup command

b) Stop playback command

c) Track change backup for Mars Scanner playb_,ck

3) With the data automation system:

a) Data and sync from DAS

-b) Record TV and MS from DAS

c) Stop record from DAS

d) End of tape to DAS

I!-176
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; (4) Multiplexing. It xs assumed that the nominal and the maximum _.-nissicn

i concepts will require th. -se of four data modes. Th_se n.odes are associated with certain

') events e( the flight, such as midcourse maneuve:' and s'_oaed ,lata playback. When the require-

ment for cL:anging data mode arises this means that certa_nn.,_.as_rements must be deleted

from, and other_ added to the multiplexer input. This is accomplished through the switching

in or out of data "decks" of the multiplexer. For the minimum mission 90, for the nominal

mission 130 and for the maxin_um mission [50 engineerih b measurements are necessary. In

addition, both the nominal and the maximum mission concepts require the use of three data

rates. The design p:.iio_cphy of the three different capacity data enco/ers would follow _he

basic Mariner 1964 data encoder design.

(5) Tele_./l-.._try. i'he telemetry modulation design must accommodat_ science

and engineering measurenlents in a reliable yet flexible manner. Recognizing the lin_itations

imposed by a<.ailab!e bandwidth, a synchronous two channel IDCM/IDSK/PM telemetry system

is recomn_ended. The reasons for th s recommendation are:

.. I) The coherent PSK system is the most efficient presently known

: t_ -hnique.

. Z) A Synchronous system provides relatively fasf data synchronization

, and consequently more real time telemetry data.

3) There is no need for inserting ",_,ordsync inforrrLation in +he data

stream and hence the system efficien__y is higher.

(6) Synchronization. Synchronization is accomplished by a pseudonoise (PN)

code of length 63 cycling at the word rate. This method conveniently supplies both bit and

word synchronization and also allows changing of data rates by fe,.ctors of two. The reason for

utilizing subcarriers is that the DSN _ecciving system is a phase-locl-ed receiver which

i requires that:

I) The carrier should not be compl_tely s_ppresscd by the modulation,

and

! 2) The n_odulation spectrum should not extend into the tracl.ing bandwidth

of the phase locked loop herr de.

Since b[phase modulation (PSK) does suppress the carrier, and the relatively low bit

"' rates do have appreciable energy near dc, the use of subcarriers is necessary.

: d. Command Subsystem
"'2

!

i There are two types of ground based commands that will be transmitted to the orbiter

II-177
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1) Direct Commands (IJC) a _ the typ, s of comm_nds which will be executed

bf the spacecraft immediately upo. r._.ceipt, such as, begin n,idcourse

rnane_-,_r, turn on power _or television. _ub._ystern_ etc.

Z) Quantitative Commandb {_C,% are firc_ _,-ored by the spacecraft and us_-d

la,.erin conjunction with a . _al tinle comrnand_ Such quantitative com-

m_nds are, for example, midcaurse w;loc_ty increment, midcourse maneu-

ver, pitch, y _',.;:,,_droll duration.

The command s,_:bsystem of the minimum rnission would baslcelly follow the present

Mariner i964 design. Th_c command syste,._,is capable of handling _.hi,tyconarnands

(Z9 DC/l QC). Fcr the t%ze hi_her colnplexity,,-q1_sions considered, the nunainal mission

requires 45 co_._lands (40 DC/5 QC) and the maxhnurn rnissicn requires 50 ccnumands (45/5).

The total number of commands quoted above will be divided between the two command decoders;

however, 15 of _.hemost important corn,hands (I0/5) will be redundant sc that either con_rnand

systei_n can accept them. This requires that each _ommand decoder shall be capable of accept-

ing a total of 30 comma_nds and that zhe address of the command _nust contain a few bits des-

ignaging the command decoder to which the command is sent.

As an additional reliability inlprovement all command addresses should be unique with

the possible exception of the redundant coinrnands. "£he command word structure will consist

of a stz rt of ".vord sync code, a command decoder designating code, a commana address code

(and its parity) i_entifying the nature (DC/QC) and the recipient subsystem of the cvrnn_and,

and additional bits for designating the magnitude of the command in case of a QC only. %'he

word sync code will consist of a 7 bit maximal length shift-register (PN) sequence.

The spacecraft receiver through which the command word is to enter the spacecraft

will be frequency addressed. Subsequently, the command detector associated withtbe

"addressed" receiver pt,.aselocks %o the received synchronization signal, provides the com-

mand decoder with an in-lock signal which serves as an alert for accepting valld _ommand

signals only. The command decoder perfornts the command signal demodulation and bit

detection also. The recommended con_rnand bit rate is one bit per second.

The command modulation scheme (see Reference 1) recommended for this missioni s a two-

channel PC1VI/PSK/PM system. The basis of this techniqu_ is a coherent sys tern employing a cor -

relation and matched filter detection techmque. This technique for an encounter distance of

Z. 7 x 108kin and abit error probability of 1 x 10 -5 will give a probabili._y of correcdy receiving

a command word of less than 50 bits long as 99.9 percent. In addition, th_ coding diotance

will be so mechanized that a one bit error will no% cause a false command to be issued.

II-178

_%, '_ ,/ ....'_." _'t_'. ,A • _,'_..,'

1965018274-483



EPD-250 Section X[

%

:_ 4. P_rforrnance Capabilities

4
a. Earth-to-Orbiter Ln_k

¢

Tables I1-47 and 11-48 lisL the assumcd parameters and estin-ates of the tolerances

Z for the EaltL-to-o_biter communications link for both low-gain antennas and the three-foot

single degree of freedcm hlgh-gain anteing.. A l-bps command data rate is considered. _he

_ p_rD_rrnance of the command link for both the io_ g_in and high-gain ante-n_z a_ i bps is

shown in Flour__ I1-7 i. A 0.0 db low- gain spacecraft antenna mode wiil support con_mand

"_ transmission to about i01 x 196 krn, while use of the spacecraft high-gain antenna will enaDi_

108command transmission to 12 x krn cr .more than the rnaximwr. ",,_=_'srange.

u

: b. Orbiter-to-Earth Data Link

J
} Tables 11-49 and 11-50 listthe assum£d parameters and estimates of the tolerances for

_he 85-foot and Zl0-foot diameter receiving anteni_a_."and the orbiter antennas parare_eters.

_stirnates of orbiter da_a rate capability versus range for both the 85-fo_t and 2]0-foot

diameter antennas and the various spacecraft high-gain antenna coz_'igurations ,;re presel,ted

in Figu .s 11-72, 11-73, and 11-74. The parameter used is the spacecraft tral sn_itter

power. The performance of Lhe telemetry link during rnane,,wers is shown in Figures 11-75

and II-76. Assumed is a spacecraft transmitter power of 10 watts and a data transnfission

rate of 8-I/3 bps, an([ tnat the spacecraft-to-Earth vector is kept in the forward henKsphere

of the respective low-gain antenna. Under these conditions the maximum transmission range

• 10 6is about 7.6 x km for the 85-foot diameter recelvinq anteuna and 23 x i0 b km for the

210-foot rec(;i_ing antenna.

, 5, Weight, Power and Volume

Weight, -olume and power estimates for the three mission concepts are given in

'Fables Ii-51 and ii-52.

l

Assumptions are listed below:
i

I) Two 10-watt TWT's and a third exciter fo_ launch mode telemetry.

2) Single receiver with turnaround ranging.

3) Two receivers, each with turnaround ra_ging.

4) Data enccder with 90 channels, 2 data rates and one data mode.

5) Data encoder with I_0 nannels, 3 data rates and 4 dat. modes.

61 Data encoder with 150 channels, 3 data rates and 4 data modes.

i 7) M/C comma,,d system with 30 command capability

11-179
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Table I1-47. DSIF Transmitting Parameters

item Value To'er_nce

!. Trans-.nitter Power OaLput 100 kw F0. -_
-3.0 db

2. Transmitting Circuit Less 0.5 d5 ±0. 1 db

3. Antenna Axial Rat_.o

4. Antenna Gait. +51.0 db ±1.0 db

5. Frequency Z 11 5 Mc

Table Ii-48. Orbit Parameters, Earth to Orbiter Link

Forward Looking Side Look 3-Foot

Item SIC Ornni-Anterma S/C Omni-#mtenna SIC High-Gain Antenna

C Value _ TolerRn_ Value Tolerance Value Tolerance

I, Antenna Gain -f.,0db j ±Z, 0 db +5.0 db _--Z,0 db Z3, 5 el, 0 dh

• Z. Antenna ._dal Variable Vari cble 7.0 db ±I. 0 db
Ratio

3. Antenna +11.0 +1¢.0 +0.0

Pointing -1; 0db _ 0.0db - .0 db _ 0.0db 1.5db _l.5db
Loss (.90")

4. Receiving 4. 0 db ±I. 0 db L. 0 db ±l. 0 db 4.0 db ±l. 0 db
Circuit Lo:_s

5. Noise Spectral dbm P# -164. C dbm +I.0
Densit 7 -164.0 --'cps -Z. 0 cr"_-. -2.0 db -164.0 dbrncps +I._2.00db
(I0 dbN. F.)

6, Carrier ArC Z0 cps Z0 cps Z0 cp_
Noise B.W.

7. Required 8.0 db -Vl.0 db 8.0 db ±l. 0 db 8.0 db ±I. 0 db

Carrier SNR 1

in .ZBLO'-_or
command

recep_on

8. Required 15.7 db ±I.0 db +15.7 db *i.0 db +15.7 db ±I.0 db
command

ST/N/B for

(Pe I x 10 "5)
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fable Ii-49. Orbiter Communication Parameters, High-Gain Antennae:
..

: klininl,an_ N-on_inal Maxi.._rmrn

Item

Val ,..-. Tolerance Valu:: Tolerance Value _ olerance

i. Total Transnaitter Variable :_I.0 db Variablt- +i. 0 db Variaaie +I. 0 dh

- ] Pewer

" Transmitting Circuit i. 0 db +0. 5 db !.0 db +0 5 db 1.0 db ±o. 5 db

Loss

: . Transmitting Antenna Z4.70 db 4`I.0 db 24.70 db - 1.0 it) Z7. I db _l.0

_ Gaiu

p: 4. Transmitting Antenna t. 0 db - 1. 5 db l. 7 db
• Pointing Loss maximum

_0. 5 db 1.0 db :k!. 0 db 0. 5 db 4'0. 5 db
5. Antenna Axial 1. 5 db -1. 5

- ] Ratio-.:

16. Frequency 2295 Mc ZZ95 Mc Z295 Mc

I
:::Maximum ellipticity at maximum off axis e_rth look angIe

{

Table 11-50. Orbiter Cornnmnications Parameters, Low-Gain Antenna_

Forward Looking Side Looking
": Parameter S/C Low-Gain Anteuna S/C Low-Gain Antenna

11 Value Tolerance Value Tolerance

1 1. Antenna Gain +5.0 db 2.0 db +5.0 db ±2. 0 db

2. Antenna Axial <6.0 db <6. 0 db

Ratio-Forward I
Hemisphere

E 3. Antenna Poi_lting -ll db _11 db -11 db +11 db
Lo_s-Forward Max (_, 0 Max 0.0
Hemisphere

1

i 4, Circuit Losses to 0.25 db _-0. 1 dh 1,75 db ±0,25
'i Communications 0. 30 db
i Pan

5. Frequency 2295 Mc 2295 Mc
[

._
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Figure 11-73. Information Rate vs _ange
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36-1nch Diameter Spacecraft
Siz_gie Degree of Freedom

High-Gain Antenna)
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,_ Figure I 1-74. Information Rate vs Range
,_ (210-Foot Diameter Ground Antenna,

48-Inch Diameter Spacecraft
Two Degree of Freedom

Jl High-Gain Antenna.)
1 11-183

1965018274-488



Section XI EPD-250

4-30 .........

i.,o_ , [
_L AN TENNA. I _.4c_,S/C LOW-GAIN ANTENNA
-,ol. ' '- ( p_, I

_j, i_ I IP _±
IO g 10 7 JO 8 IO 9

RANGE, km

Figure 11-75. Maneuver Telemetry Performance Margin
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4. Figure 1 i-76. Maneuver Telemetry Pezforn_ance Margin
vs Range (I0 w Spacecraft Tr,_nsmiUer, Zl0-Foot

,_, Diameter Ground Antenna, 8 i/3 bps
Information Rate)

[_. 11-184

1965018274-489



1 1 - 18_

iii ,_l -- ill.ill i , eL _ _

I

1965018274-490



/

Section X1 F PD-Z50
ii i i ii| lllll i - i lu i iii, i ill

O

"2 c_ VO

...... !
A

!

• _ < = ._ _. F _. _ _. o r
.-4 {
e_ N

nI 0

0

"_ _ _ o
Z o_ c_ c5

u

5 o i'
u _ O c_

• _ _' ° •
2

N =

11-186

?_:

1965018274-491



',_ EPD-Z50 Section XI
i i,ii , L , i

_ g) Two command systems with 45-command capability 15 redundant commands.

9) Two command system_ with 50--command capability 15 redundant commands.

J I0) Tape storage for 15 x 10 6 bits.e

II) Tape storage for 50 x 106 bits.
_: IZ) Three foot fixed high-gain and Mariner Mars 1964 type low-gain antenna.

_ 13) Three foot single degree of freedom high-gain and two low-gain antennas.

14) Four foot two degree of freedom high-gain and two low-gain antennas.

REFERENCES

; 1. J.C. Springett, "Telemetry and Command Techniqaes for Planetary Spacecraft, "
._ Technical Report No. 3Z-495, Jet Propulsion Laboratory, Pasadena, Pending.

J Z. R.P. Mathison, "Tracking Techniques for Interplanetary Spacecraft, " Technical
Report No. 3Z-284, Jet Propulsion Laboratory, Pasadena, August I, 196Z.
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J. ENVIRONMENTAL CONTROL

1. Functional Requirements for t_ e Mars Orbiter Temperature Control System

! a. Temperature Control System Capabilities
!

i
The _emperature control system for the orbiter shall provide all parts of the spacecraft

with tolerablr operating temperatures during a]l phases of operation, including:

1) Complete spacecraft system testing

Z) Launch pad operations

3) Launch

4) Cruise

5) Midcour se _naneuver s

6) Orbit injection

7) Orbit

Primary emphasis will be placed on the cruise and orbiting portions of fright, wherein

a telnperature environment will be provided which enhances the operating lifetim_ of the

electronic components.: Variations from this optirnurn temperature environment will be allowed

during all other phases o,_ operation, due to their transient nature compared with the cruise or

orbiting portions. Temperature control of the spacecraft requires cognizance of thermal design

at all levels of. design, i. e. , component, subassembly, assembly, ant, stem.

b. Passive Techniques

Passive techniques shall be used to the maximum extent possible.

c. Active Controls Reliability

Active controls, when required, shall be proven reliable to the maximum extent consis-

. tent with the launch schedule.

d. Active Temperature Control

Active temperature control continuous electric power requirements shall not exceed

2 3 -watt s.

11-188
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Z. Description

: a. General Descriptzon

The temperature control s?._tem for the orbiter consists of:

.i 1) All the external surfaces of the vehicles which are utilized as primary radiator

: surfaces;

Z) Any attachments, finishes, or mechanisms applied ,,: the primary radiator

surfaces which are used for varying the radiating ability of these surfaces;

3) Any electrical power dissipating devices and their controls utilized specifically

for temperature, control;

4) The radiative and conductive paths between the operating colnponents of the

spacecraft and the primary radiator surfaces.

Final control of the bulk temperature of all parts of the spacecraft is obtained by the

tree, tments and attachments or mechanisms applied to the external surfaces. Con"rol of +he

temperatures at any point inside the outer surface is provided by regulating the electrical

power disszp,_Lion and the radiative and conductive paths connecting the point of interest to the

primary radiators.

3. Tennperatur e Limits

1) The nominal temperature environment during cruise for operating components

located in the _nain octagon will be between 50°F and 120°F. Exceptions lo this

range shaA be held _o a minimum.

Z) Equipment mounted in locations other than the main octagon will be controlled

, on an individual basis and nominal temperature environments cannot be defined.

4. Influence of Meteoroids on Prope]lant Tank Wall Thickness

f

In addition to the uncertaintie_ described in Section V. C, regarding he interplanetary

i meteoroid flux, there is an additional uncex-tainty associated with the interaction of the
I

I_, meteoroid with the target material. Very little experimental data i_ available at meteoroid

_; impact velocities in the range 15 to Z0 k_m/sec Whipple 1 uses the correlation dcvcloped by

Hermann and Jones to estimate the depth of penetration. Whipple then compares this correla-
,]'

", tiun with other penetration equations of Bjork, Whipple, Bruce, and Opik. The analysis pre-

i sented here is baseo o_ the penetration equations of Summers and Charters. The analytical

results are then compared to thick target experimental results obtained by N. bcully at North

American Aviation, In Scully's experiments; he utilized 0.00Z-inch diameter glass projec-

._ tiles ( P = Z. 3 gin/cc) to bombard aluminum, stainless steel, copper, and beryllit_n at velocities

. 11-189
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to Z0 km/sec. Tl,is data i,_dica'_es that for impact velocities greater than 10 kin/see the depth

of penetration is equal to or greater than the impact particle diameter.
/

: In order to compare the results presented herein with those of Whipple, the penetration

i par_.meter t/m I/3 _sed by Whipple is shown in Table II-53 for the equation of Summers and

i Charters and the data of N. Suully, as well as the values given in Whipple's papers. These

va_%ies are for c_n aluminum target, an i-npact velocity of ZZ km/sec, a meteoroid density of

0.44 gm/cc (except for th_ data of Scully) and a thin £ar_.et factor of I. 5. The results in

Table 11-53 indicate that the analysis of SuJnmers and Charters ,_.resomewhat o_irv[stic

compared to other analyses.

The nominal meteoroid flux-.mass distribution used in the analysis is that given in Refer-

ence Z. The nominal flux-mass relationship developed in Reference Z is lower than the "best

estimate" suggested by Whipple in Reference I by approximately a factor of 3. Therefore, the

results of the analysis are not conservative on a total probability of puncture basis.

By combining the p£netration equation of Sun,mers and Charters with the flux-mass law

given in Reference Z, the resul_ing penetration equation is

t = K (Av) (Equation I)

Table Ii-53. Alur_irurn T,Lrg t t_.rr_pac_s_n_

|
Author Alu_ninum Target |

J
p/m 1/3

cm/gm I/3 !
Hermann and Jones_ I. 94 i

Bjork# 4.58

Whipple_ 6.04

,Druce_ 5.34

6pik_ 3 19

Summers and Charters I.56

Scully Z. 8Z

•Obtained from Re_.erence I
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where: t = penetration thickness, cm

K = Fk {a) I/3b

F = thin target factor (1.5 or Z.0}h

k = 4.0 P, Egc .

0m = meteoroid _tmsitv. gIn/cc

V = meteoroid velocity, ft/sec

Pt = target density, gin/co

_" E = modulus of target, lb/ft Z

gc = 3Z. Z ibm ft/lbf sec 2
2

A -- vulnerable area, rn
4 v

: time of exposure, seconds

P(o) = probability of no punctures during mission

a_.ndthe nxeteoroid flux is given by
!

-b
(_ = a m (Equation Z)

I

• Z
where: (_ = meteoroid flux, partic_es/m sec

10 -15 gin4/3a = !. 3 x /mZsec (coefficient in flux mass law)

b = 4/3 (exponent in flux mass law)

m = mass of meteoroid, gm

First, the inherent protection associated with the tank wall thickness based on a design

: internal pres sure of approximately 400 psia is considered. The minimum tankwall thicknes s has

been estimated to be O. 0Z4 inches, The tank wall is assumed to be titanium ( p = 4.4 gm/c ,

"_ E*= 16 x 10 6 psi). The ¢ulnerable tank srea is approximately i m _" (twotanks ofapproxlmately

31-inch diameter with a total propellant capacity of 1100 lb, ) An ave.'_ge meteoroid velocity*::'

! of 30 km/sec has been assumed rather than ZZ l*xn/sec as assumed by Whipple and a total

interplanetary flight time of g70 days (type lI trajectory) is utilized.

::_ The results of the calculations for an 0.0Z4-_nch wall thickness are shown in Table 11-54.

[ Assuming a cometary origin mv teoroid density of 0.4 gin/co and a t_in t_rget facfor of I. 5,

the probabQity of no punctures during the mission is 99 percent. For the same meteoroid

"i density and a thin target factor of 2.0, the probabili£y of no punctures during the mission is

98 percent. If the flux oI rnet¢oroids is indeed 100 times greater than predicted b_ Equation g

':i' (See Section V. C. ), the prob_.bility of no punctures during the missior is Zl percent for a
f

l

, ZE must be converted to lb/f_ before substituting in the equation for k.

**By utilizing a meteoroid veloc._ty of 30 km/sec, the P/m 1/3 using tLe penetration equation
of Summers and (;harters is equivalent to the Hermann and Jones equation used by Whipple.
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Table 11-54. Mission Probabilities of No Punctures

Thin Target Factor Density of Impacting _k_eteoroid

: (gm/cc)

Comecar i Origin A-teroidal Origin
PRO,4 P =3.0

(Same Flux-Mass Distri-
bution as Cometary

• Meteoroids)

1.5 P(0) =0.99 P (0)=0.86

• Z.0 P(0)=0.98 P(0)=0.58

i I00 Times Nominal Flux-Mass Distribution

_ : 0=0.4

1.5 : P (0)= 0.Zl

.. Z.O P (0) = 0 ,

thin target factor of I. 5 and approximat-ly 0 percent for a t},in target factor of Z. 0. If it is

,! . assl,med that the same nominal flux-rniss law used above pertains to asteroidal origin mete-

oroids ( P = 3 gm/cc) and that this flux i'- present throughout the heliocentric phase of the

mission, {he probability of no puncture during the mission is 86 percent for a thin target fac-

tor of I. 5 and cnly 58 percent for a thin target factor of Z. 0.r

The mass of importance for _ = 0.4 gm/cc particles is approximately 10 -4 gin, an_,),the

---partiele__ _ diaxneter is approximately 0. 030 inch. £f .*.hedepth, of penetration is I. 5 to Z. 0 times

. the particle diameter depending on the degree of penetration of tit.saturncompared to steel or

aluminomn (on the basis of the experimental data of Scully), the tank wall mickness should be

._ 0. 045 to 0. 060 inches. ,Thus, even if the nominal flux-mass distributio,_ pertains and the

: particles have a density of 0.4 gm/cc, the tank walls are no*.conservatively designed on the
&

:" basis of-in£ernal pressurization. "-'boseresults indicate that it is importan _.to define the

ineteoroid environment in Earth'Mars space.

.: There is an additional:L%ctor which has not been included in this analysis, if smaller

meteoroids impact the tanks, E_ey will not penetrate as deeply. However, considering that

_' nonfatal metedroid :'spall'imay occur at a number of locations on the tanks during the inter-

planetary flight and that maximum tank pressure occurs at orbit injection, the probability of

_ a meteoroid causing a failure is.. greater than has been calculated. It,,. seems_ appropriate.to

"_ give additional thought to this problem prior to committing to specific propulsion syetem

we_.ght ebtirnates.
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One last consideration is the degree of protection inherent in the temperature control

: insulation blanket. The "thickness" of the blanket is approximately 0.2 lb/ft Z compared to a

: thickness of approximately 1.0 lb/ft 2 required to stop l0 -4 gm meteoroids assuraing an

#" impact velocity of 30 km/sec. The insulation blanket will tend to shield the tanks from

smaller meteoroids, although the degree of shielding has not been evaluated. However, in

the case of meteoroids in the i0 -5 _o 10 -4 gm size range, the insulation blanket ,nay cause

the meteoroid to do more damage to the tank walls. Hypervelocity testing performed xt

Boeing indicates that the bumper may be spalled to such a degree to inflict more damage on

the target if the projectile impacts directly on the target even though the maximum penetration

depth is less. A complete review of test conditions, etc. , has not beea perfor:ned to deter-

mine whether this data is applicable in the flight situation.

In summary, the meteoroid flux in 7arth-Mars space is likely to detern.ine the

{ required propellant tank wall thickness f,_ a Mars orbiter mission.
4

!
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K. ALTERNATE SPACECRAFT CONFIGURATIONS

Figures II-77, I!-78, Ii-79 and II-80 show other spacecraft configurations incorpo-

rating dilferent methods for packaging the spacecraft subsy._ten,s, all with liquid propulsion

systems.

Figure II-77 shows a three engine retro system. Pitch and yaw thrust vector control

is acLieved by throttling three engines and the roll control Is accon-.pilshed by _imbaling one

of the engines,

The spacecraft bus has tilted sides tc reduce interact;.on of i.nf_ared raoiation emitted

from the solar panels with the spacecraft electronic packaging therma/ control subsystem.

Figures i 1-78, I 1-79 and 11-80 show early configuration ._.udies that were based on tLe

ground ru!e that a Mariner 1964 type b,:s he use_. These studies indicated that the propulsion

system and the solar panels strongly affected th_ total configuration. It is desirable to have

the spacecraft center of gravity as low in the Centaur fairing as possible. Generally this

means that the propulsion system he consoliaated in the lower portion of the e_.veiope and that

the spacecraft must be packaged around the propulsion system rather than in a stacked manner.

This tight packaging improves thermal contro] and also permits the retro-motor to be located

perpendicular to the rc!l axis. Some adapter weight sa_ngs results and the solar panels ,:_an

be packaged upward with the undesirable folded joint eliminated.
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Figure 11-77. Spacecraft Mars Orbiter,

JPL Drawing 4300619, Sl_eet 17
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I. General DSN Configuration _nd Availability

This section discusses the general configuration and availability of the Deep Space Net-

_" work for the Mars 1969 Orbiter. The suggested network is based on the use of a spacecraft

•i monitoring station at Cape Kennedy to provide pre-launch spacecraft-DSN compatibility,

" checkout and telemetering from lift-off to local horizon; a three-station 85-ft HA-Dec antenna

• _.etwork; and the Space Flight Opera:ions Facility (SFOF) at JPL.

Locations of the Deep Space Stations are approximately tZ0 degrees apart in longitude

and between 40 degl _es north and 40 degrees south latitude., so that a spacecraft which is

more than 10, 000 miles away from earth will be under continuous surveillance.J

All stations of the Deep Space Instrumentation Facility (DSIF) system will be opera-

tional on S-Band frequencies for the Mars 1969 Orbiter. Implementation of the S-Band sys-

: tem frequencies (Z110-ZlZ0 Mc from earth to spacecraft and 2290-2300 Mc from spacecraft

to earth) at Goldstone (Pioneer and Echo), Johannesburg, Canberra, Madrid and Woomera is

planned for completion during Calendar 1965.

Z. 85-Foot HA-Dec Antenna Network

The three-station 85-ft HA-Dec antenna network is proposed for i4ars 1969 Orbiter use

from launch up to encounter or as reasonably close to there as posrible This network may

be available 24 hours per day during critical phases of the mission and a nominal 10 hours

per day or one station view period per day for the cruise phase. General network configura-

tion and performance will be as follows:

1) Gain:

a) Listen/track: 53 db

b) T___ :._mit: 51 d13-

2) S-Band Receiver: Z295 :_5 Mc

3) S-Band 10 kw Transmitter: Z115 _-5 Mc

4) Antenna Bcamwidth: 0. 35 degrees

', 5) Receiver Threshold @ BW of i;-cps: -170.4 dbrn

; 6) Effective System Noise Temperature:

a) L_ :ten only: 55 ° _-I0°K
J

b) Two-way track, listen and
transmit siznultaneously: 60 ° ±i O°K

Use of the i00 kw transmitter at the Goldstone ('Venus) station is also proposed for com-

mand and two-way doppler backup in conjunction with either the Goldstone Pioneer and Echo

stations durin_ the entire mission. This backup capability would be similar to that available

for the Mariner 1964 mission.

A-I
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3. 210-Foot Az-EI Antenna

A 210-ft Az_Ei antenna located at the Goldstone Mars site is proposed for use during

the orbiting phase of the Mars 1969 mission. Upon successful completion of the construction

schedule, this antenna will be available on a nominal 10-hour per day basis (or one station

view period} during the orbiting phase, with the exception of one two-week period of non-

availability due to a possible support committment to an Apollo mission.

The general configuration an "_ oerformance of the Z l0-ft antenna will be as follows:

1) Gain:

a} Listen/track: 61 db

b) Transmit: 60. 3 db

Z) S-Band Receiver: ZZ95 ±5 Mc

35 S-Band 10 kw Transmitter: Zl15 +5 Mc

4) Antenna Beamwidth: 0. 1 degrees

5) Receiver Threshold @ 12 cps BW: - 170.4 dbm

65 Effective System Noise Temperature:

a} Listen only: 30° ±5°K

b} Two-way track, listen and
transmit simultaneously: _5 ° ±5°K

4. Tracking Capability

a. Tracking

The automatic angle tracking systems used in the DSII? are of the simultaneous-lobing

type. The 85-ft tLk-Dec antennas have a maximum tracking rate capability of 0.7 deg/sec

about each axis, depending on tracking system bandwidth req¢irements. During the periods

in which angle tracking accuracy is most significant ¢e. g., when data for an initial ephemeris

calculation are re_tuired}, the strong signal levels _ tilable result in a root-mean-square

angle tracking error from 0. 01 _.o 0. 02 degrees. ' - -ms tracking error at receiver thresh-

old increases to approximately 0. 05 degrees. Bias _zJrs lie in the range of -0. 1 to _-0. 1

d_..grees. However, optical calibration techniques such as star tracking have led to the accu-

r:tte determination of certain bias errors, and these are removed from the observed data at

the computational facility (SFOF}. Resolution of the angle encoders is 0. 002 degrees. The

85-it Az-EI mount antenna at the Goldstone (Venus) site is capable of tracking rates up to

2..0 deg/sec and has rms tracking errors comparable to the polar-mount 85-ft antennas.

A-2

9650 8274-509



-%

•_ EPD-ZSO Appendix A

Expected performance of the Z l 0-it -tltazlrrmth-mount DSI_ antenna includes maximum

;: tracking rates of 0. 5 deg/._ec and maximum acceleration rates of 0.2 deg/sec in azimuth and

I elevation. Tracking errors and bias data will be determined upon completion of the antenna
installation.

._ b. Doppler

!

One- and two-way doppler measurement capability is included at all stations in the

DSIF. Two-way deppler requires a ground transmitter in the vicinity of the r:SIF receiver tc

achieve frequency control by a single exciter. The distance at which the DSIF stations can

obtain doppler data is, of course, dependent on the sensitivity of the spacecraft receiver anti

the power output of the spacecraft transponder; if the carrier can be tracked in phase, dopp-

' ler data can be made available. One-way doppler accuracy is 30 rn./sec, and two-way accu-

racy is expected to be 0. 003 m/see. The latter accuracy is based upon a minimum of 5 hours

of tracking using correlation periods of 60 sec. The accuracy of one-way doppler data is

: limited primarily by the average frequency instability of the spacecraft oscillator. The

detected doppler in either the one- or two-way system is equal to th_ doppler shift at the

receiver I_F frequency with the addition of a t Mc bias. The 1 Mc bias is derived from the

station's ultrastable oscillator.

c. Precision Ranging

A ranging system presently under development by JPL is planned for installation at all

DSIF stations upon implementation of S-Band frequency capabilities. The system measures

the time difference between two identical, separately generated, pseudo-random noise codes

one generated at the transmitter for modulation, and the other generated at _he receiver for

correlation detection) to represent range. The transponder in the spacecraft receives the

code-modulated transmitted signal and retransmits the s_rne modulatiou back to the Eround.

The transponder is called a "turnaround" transponder, and normal signal-to-noise ra_io_

available with this type of system limit the measurement of range .to ]ess than 800, 000 kin.

The resolution of the ranging system _s 0. 007 micr,_seconds round-trip time, which is

approximately equivalent to 1. 05 meters one way. _Iowev,_.r, worst-case estimates of the

unknown time delays in the receiving system are expected to limit the accuracy of the rang-

ing system to ±0. 1 microsecond round-trip time, which i8 approximately equivalent to ±15

meters one way. This system will probably be extended to planetary ranges with comparable

resolution and with no change in the spacecraft (from Marine,- 1964 transponder).

!

The ranging system is operable as long as carrier Fnase coherence is maintained in

i the two-way system. The general mode of operation wil'_ be to initiate range modulation,

establish range lock, and then remove range modulatiou and count carrier doppler cycles to

maintain a range tally.

A-3
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d. Tracking Data Hardling

Tracking data handling equipment is operational at all Deed Space Stations. This

equiDment automatica11y punches out, on paper tape and in standard Baudot Teleprinter five_

hole code, characters which represent carriage return, line feed, figures, spaces and the

following technical information:

i) Station identification number

Z) Spacecraft identification number

3) Data condition

4) Greenwich Mean Time (GMT)

5) Antenna hour or azimuth angle

6) Antenna declination or elevation angle

7) Doppler frequency

8) Range data including "range condition" code (A)

' 9) Transmitter frequency (A)

I0) Day of year

The format is designed so that one complete set of information is printed on one or two

•:' lines of a teleprinter page printer, which will accept a nominal 60 characters per line,
:,

including spaces. The system is capable of pdnching at a rate of 60 characters per second,

_' using two punches connected to operate singly or in parallel. A control is available so that

_' both punches can operate in parallel but wx_h one punch set to punch at I/I, i/Z, I/3, I/4,

:[. I/5, I/6, i/7, I/8, I/9, or i/i0 the rate of the other punch. Since the normal maximumI

teletype speed is 6 characters per second (60words per minute), it is possible to use one

punch to punch out data for real time teleprinter transmission while the other punch is punch-9

[ ing out data at the maximum rate. The tracking data sampling rate is generally determined

by project requirements and varies considerably over the period of a mission.

[-
_" 5. CommunicationsI:

, a. Receiver Subsystem

. •

_, The S-Band phase-lock loop receiver is a double conversion superheterodyne receiver

with a 50 Mc first IF and a, i0 Mc second IF. The output of the I0 Mc IF passes through a

!_ bandpass filter which can be selected to have any one of four different bandwidths: 3.3 Mc,

4Z0 kc, Z0 kc, and 4.5 kc. When required, this filter may he repl.lced with one designed to

meet particular characteristics. The bandpass filter has two outputs. One output feeds an

IF amplifier with a 3. 3 Ivic,420 kc, Z0 kc, and 4. 5 kc. When required, this filter may be

replaced with one designed to meet particular character: stics. Tl_e bandpass filter b_ts two
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_s
_ outputs. One output feeds an IF amplifier with a 3. 3 Mc bandwidth input to the filter which

_ furnishes signal voltages to the input of the down converter associated with the FR-700 video

tape recorder. The other output feeds a wideband phase detector which in turn has two out-

_ puts. One of these outputs is a video amplifier with a bandwidth of 300 cps to 1.65 Mc; the

•_ uther is adc amplifier with a bandwidth of dc to 250 kc. The latter is called the narrow-band

!: telemetry output and would be the output used to provide inputs to the various discrirninator s

when standard IRIG telemetry channel s are used. Some stations are equipped with standard

? phase-lock IRIG discriminators and channel selectors for channels 1 through 8. If necessary,

arrangements car, be made to furnish an output from the _0 Mc IF amplifier with a bandwidth

of 10 Mc.

: b. Telemetry Data Handling
i

The data handling and instrumentation capability available at the DSIF sites foi the i969

Orbiter mission will be centered around the use of general purpose digital computers. The

processing of telemetry data for real time display and recording at the station, as well as

_ran_mission "9 the SFOF, will be accomplished by the DSIF On-Site Data Processing System

(OSDI=}. Two Scientific Data Systems SDS-920 computers will comprise the OSDl=. This

system offers a total memory capacity of 819E words. Telemetry demodulators and input

buffers for the system will still be classed as special-purpose equipment and therefore be

supplied by the Spacecraft l=roject Office to the DSN. These equipments will be designed such

that they can be operated independently of a_ much other mission=dependent equipment as

possible. The OSDP will be capable of the following functions during the mission if programs

for this purpose are supplied by the project:

1) Selective editing of spacecraft telemetry data

Z) Decommutation

3) Generation of alarms

4) Telemetry monitoring

5) Formatting telemetry data messages

6) Verification of spacecraft comn_an_ data both as received and as transmitted

7) Generation and verification of command tapes

i 8) Permissive and limit checking of commands

The telemetry data recording equipment installed or programmed for instailation at

each DSIF site is designed to allow recording of a variety of signals from spacecraft and
!

station sources. Signal-conditioning equipment of various types is also provided. The types

! of available recording equipment and a listing of their capabilities is included in the refer-

i enced DSIF capabilities document.
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The standard magnetic tape recording capability for telemetry data at each station will

consist of two ,ampex FR- 1400 recorders, and they will normally be used to record the

detected telemetry output from the phase-lock receivers. The FR-1400 recorders have

direct FM, and digital record and reproduce capability at six standard speeds varying from

3 3/4 to 120 in. /sec and use 1/2 inch tape. This recorder is capable of recording a band-

width of 400 cps to 1. 5 Mc and is normally used in a post-detection capacity.

Oscillograph recorders are used primarily for real-time system evaluation. In most

cases where the spacecraft data rate is low, oscillographic recordings duplicate magnetic

tape recordings of the ground system parameters.

c. Television

: The capability of recording teD:vision pictures is provided in the receiver at tw; points.

" For signa/s having a very wide band, an output 10 Mc wide is _ vaitable from the 50 Mc first

IF. A detection bandwidth of 300 cps to 1. 65 Mc is also available from the output of the video

amplifier which follows the wideband phase detector. Television recording capability is pro-

vided by an -FR-800 magnetic tape recorder. The FR-800 _s capable of recording a bandwidth

of 10 cps to 4 Me. The FR-800 is a special-purpose recorder using a transverse rotating

head and is intended for use with signals having an extremely wide band such as video. It ca

be used for predetection recording of the 10 Mc second IF, by down conversion to a lower]

fren,,_ncy, whenever the demodulation method is unknown or when demodulation on site will

destroy some of the received data.

f

d. Ground Command and Control

Presently planned JPL projects use a digital command and control system with a trans-

":'. mission rate of one bit per second. A ground command subsystem which is designed to meet

the requirements of the Mariner communication system and is adapt_.ble to other systems of

._ a similar desi_l is installed at zll DSIF stations and is authorized for Madrid and Canberra.

:.

: Three successive identical commands (26 bits lnng for ivi.armer) are sent by teleprinter

circuits to the station and received on punched paper tape. This tape is placed in the tape
'_ reader of the ground command subsystem; then it is read into the system where the command

I_ is verified, displayed, and recorded on punched paper tape. Initiation of actual command-

modulated RF transmission can be done manually or automatically by insertion of a given

time of day. I_ring transmission to the spacecraft, the RF signal is detected and compared

bit by bit with the stored command. Transmission is inhibited when an error is detected by

this monitor. Actual transmissions are recorded on punched paper tape for future reference.

A nearly universal ground command and control system using a general purpose computer is

under design and should be av;tilable for the Orbiter mission.

i
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e. Frequency and Time ,%tandards

1

The basic frequency standards at the stations consist of two stable crystal oscillatorsI (one for redundancy). In 1964 these oscillators will be supplemented with two atomic stan-

_ dard (rubidium vapor) oscillators per station, Using the crystal oscillatr, rs for the timing

standard, the drift is stable to Z parts in 1010 over Z4 hours, and the initial frequency setting

error is less than 5 parts in 109 . Local time readout can be syncl,ro_,_-ed -,o WWV or WWVH

to at least 10 milliseconds. Using the atomir s_ndard oscillatcrs, the drift error is not

greater than 2 parts in 1011. Using VLF zeceivers and WWVL it is anticipated that local

time settings can be made to 3 milli,',eco, tds or less.

f. Inter station Communi¢ations

A NASA-operated full duplex telepr:nter (TTY-FD) communications net presently exists

which links the Goldstone, W'oomera, Canberra, Madrid and Johannesburg Deep Space Sta-

tions to the JPL Space Flight Operations Facility in Pasadena. Voice circuits between the

Deep Space Stations and the SFOF are also available. The primary function of the TTY-FD

and voice circuits are to transmit tracking, ant telemetry data and to permit operational con-

trol of the DSIF net.

; A microwave link between Goldstone and the SFOF at JPL was made cuerational in 1964

and would be available for the Mars Orbiter mission. The link is capable of transmitting

resl time telemetry, tracking, and video date from Goldstone to JPL. It has the following

c apabili_ie s :

1) Cne 6 Mc video channel, Goldstone to JPL only.

"_ 2) One 240 Kc fuli duplex communication channel which provides the following

caps bilitie s:

a) Full duplex teletype

b) Simplex voice circuits (Z wire with signaling)

c) Full duplex voice/data circuit (4 wire with signaling)

d) Full duplex voice/d_ta circuit (4 wire without signaling)

e) 3 kc data circuit for 600 and lZ00 bit/sec dc_¢a transmission, Goldstone to

JPL only.

f) 96 kc fttl] duplex data circuit for analog data.

: 6. Space Flight Ol:erations Facility

The SFOF consists of a three-story building which houses th_ operations control cen-

ter.,, data displays, ccntrol consoles, digital computers and associated ;_r.at/output equip-

ment, 4eta reduction ,:quipment, and the communications center, and pro rt_es areas for

A-7

/

]9650]8274-5]4



Appendix A EI_D-Z 50

scientific and _ngineering spacecraft data analysis teams. It has _.c_Jities for the reception

and reduction of tracking data, the generation of trajectory, prediction, acquisition and com-

mand i_£formation, and tl,.e reduction of telemetry data for. use by cognizant engmeering and

scientific e..-cperimenters. -The SFOF will exercise controt over the 1969 Mars Orbiter

mission.
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"L

i. Preliminary System_ Sizing Analysis (Revised 9/17/64)

The material presented in this Appzndix is s!ipp!ementary to Section XI, Subsection C.

The mission profiles for i0 and Z0 watt systems (referenced in XI. C) are presented as

Tables B-] and B-Z.

a. General

B_ock diagrams of power subsystems using each of the three types of regulators dis-

cussed __nReference 4 are shown in Figures B-I, B-Z, and . 3. Tbe block di-,grarns of the

subsystem using a Boost Regulator or aSdries-SwitcbingRegulator may be anal/zeal in exactly

the same fashion with respect to solar array, battery, ,_nd charge control sizing. For brevity,

the three subsystem components: solar array, battery, and charge control will be referred

to herein as the "system. " This Appendix discusses various aspects ef system sizing.

The mission is assumed to be _ Mars orbiter as outlined in Reference 5. 12c_ver

requirements during launch, maneuver, and cruise modes are not dlscussed. It is presently

thought that a system capable of supporting a Mars orbiting mission is sized sufficiently l;Irge

so that itwould be capable of supporting all other phases of the mission. A check of this

statement will be the subject of a futu-F st'ady.

b. Summary

A specific energy balance technique is developed, whereby a minimum size power

s_sLem is derived for a particular power profile. Results of this sizing calculation are then

' utilized in computing power system weight for various electrochemical systems. The system

weight crossover loci are calculated as a function of orbital period for various battery

parameters.

A general energy balance technique is developed for a power profile which varies in a

continuous fashion. ResutLs of this calculation are used =olely to visualize the minimizi.lg

process occurring at the energy balance r.cndition.

! c. Conc]l,_iuns

"l 1) Array, battery, and charge control sizing is independe_.t of the kind of

regulator used.
'I

2) Although array overcapacity is maximum for the AgCd (70g0) system, sys-

tem weight is not necessarily so, but depends on the mission parameters:

Orbit period, T o, and eclipse fractlon a .
J

_ _ AgZn batteries prod_Ice minimum system _.,eightfor ext:e_nely short

orbits (less than appro_i.,r,aLely 4 hours), and AgCd (70_0) batteries

._ produce minimum system weight fox"long orbits.

•-_ B- 1

I
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Table B-2. Mariner BlocklV Power Profile
(Z0 Watt RF System)

Injection Post

Subassembly Maneuver Injection Apoapsis Eclipse Periapsis

-t Science 27.6 - 58. 5

Planetary Scan Electronics - 15.0

Tape Recorder Electronics 21.0 - 21.0

: Data Encoder 14.0 14.0 14.0 14. _

Command Decoder 8.0 8.0 8.0 8.0

CC&S 16.0 16.0 16.0 16.0

_. Control System Electronics 50.0 43.0 50.0 43.0

Pyro Control 2.0 Z. 0 2.0 2.0

_ Receiver TR 17.0 17.0 17.0 17.0

Control Unit 2. 1 2. i Z. 1 Z. 1

Exciter TR Z. 5 2.5 g. 5 Z. 5

Power Distribution Z. 0 Z. 0 2.0 Z. 0

Relay Hold TR

Control Gyro g_ Electronics 30.0 30.0

Control System Electronics I IZ. 3 IZ.0

Total From Z.4 kc 155.6 155. Z 155.6 ZOZ. ]

Total Into 2.4 kc 183 182 183 Z34

Total From 400 3 16 16

Total Into 400 3 19 19

Power Synchronizer 5 5 5 5

Total From Regulator 207 187 207 Z39

Total Into Regulator" Z50 228 Z50 286

RF Power Amplifier 85 85 85 85

Heater Power 10 i0 I0 i0

Total From PShL 345 323 345 381

! I ......i TOTAL POWER

, SOURCE DEN[AND I 367 344 _ 367 405

t

/7 , • . '
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INSOLATION

SOLAR ARRAY i

tPRIMARY DC BUS

! " SEN
EC 'LA" ED DC BUS

;
:' I.... "-- ....... -T" ..... --r .....

! ' 1 1

LOAD I LOAD ESSENTIAL I
No. I l [ No. 2 LOAD I

Figure B-I. Boost Regulator Block Diagram

B-4
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)
"2

i IN_%_5 J_N

[ '..,O,_,4.RARRAY I

' tPRIMARY DC BUS

_I__t1 4 "T ....

. 1 SER,ES/ I SER,ES1
CHA,G_I RF.GULATOR__REGOLATOR,; CONTROl-I No' III

| I I I REGULATEDDC BUS

, T T I
BATTERY1 II INVERTER INVERTER 3-PHASEPACK I No. I No. 2 INVERTERI

t __..;_ _i K

---- REGULATEDAC BUS

LOAD LOAD ESSENTIAL I
No. I No. 2 LOAD J

' Figure B-Z. Series Regulator Block Diagram

B-5
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INSOLATION

L SOLAR ARRAY ]

PARTIAL-

_; SHUNT},, LREOULATOR

SENSE

__ ;'--F--
c..._ I '_VE"'"I('-P"'S"I[ ! I 2 INVERTER

I CONTROL ] I No.

L______ L_ _._,._ "_"-_F REGULATED AC BUS

I BATTERYPACK ] IESSENTIALI iE:_ENTIALI I TYP NON-}LOAD

LOAD LOAD ESSENTIAL
_" No. No. 2
T
¢

(-

Figure B-_. Partial-Shunt Regulator Block Diagram

B-6R
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d. Power Calculations
4

• (1) Energy Balance - Array Power. An energy balance equation may be

g wr:tten which relates solar array, battery, and charge control parameters. The relation

= must ensure that suificient energy is available during the sunlit portion of the orb:t to supply

all load power _s v,ell as battery recharge power.

A typ:cat orb:_a_ power prof:le h,_b been assumed. The profile and a hst of symbo]._

are shown :n Figure B-4. Energy balance :s achieved when: Energy from Array - Energy
J

: to Loads = Recharge energy. Syi,_olically:

(Pa " Pl ) TI = PeTe/l_ ' (Pp - Pa ) Tp/h (1)
%

Where Pl ts the average ]oad power m sunlight excluding the peak load, and h :s the overall

battery recharge eff:ciency (h : hw • he). It should be noted that all parameters and

i variables are referred to the Primary System Bus.

Solving equation (1) for the required solar array power g:veg:

i

• P Tp)/h T 1p (PeTe .
= + TP/h " + Pl (Z)

: a T I P T I + Tp]-h

" On a unit power basis, equation (i) became:

Pa Pe Te/To P _ I - Te/T ° - Tp/T °

fItl ' fit/ + fIt)

where f(t) = 1 - T T + (l/h - 1) T T
e o p o

_' The additional array power fraction reqaired (!n excess of Pl) may now be calculated for two
J', cas(,s:

t
I; Tp/T ° = 0, which means no peak loading in sunlight)

"_ Tp/
,I II; T = 0.10, which is the case illustrated in Figure B-4.
! o

The additional array power fraction (array overcapacity) is plotted as a function of eclipse

fraction(T e To) for various electrochemical systems. Figure B-5(a) is a plot of array

,,_ overcapa:city for C_,se I (Tp/T ° = 0):

'_ B-7
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! P_ - |
Pe

J
i -- To -_

_. TO = ORBITAL PERIOD = T_+To+Te, hr

re = ECLIPSE TIME, hr

,_ = PEAK LOAD TIME, hr
_ Pe = AVERAGE LOAD DURING ECLIPSE, w

_' PI = AVERAGELC_D DURING SUNLIGHT, w

;_ /_ = AVERAGEPEAK LOAD, w
Po = ASSUMED ARRAY CAPACITY, w

i re/Tp - a

_ Pa
, "_I-I=-F%

_i Figure B--4, Typical Orbitai Power Profile
and List of Symbols

B-8
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-!
_,,

_:o
: o7 Pe=Pu / AQC6,70%

j,_ NiCd

0 6 ---- AgZn __

: //J AgCd,50%

0.4

03

,? IL _

_' 0OZ 0.2__ I

_ V- 01 -
° I_: _ o ,,.o o05 o.,o o.,5 0.20 o._5 o._o

(a) -'-3LIPSE FRACTION, Te/T 0
(..)

• <[ 0,8

-- rp=O.,Tou.J
> 07 Pe =PI NiCd

o Pp = 1.5PI AgZn
'_ 0.6 -- _ _,gCd,30%

,<_ 0,5

03 _ -"

0.2_0 '"

1 1 •
o o05 o._o o.L5 0.20 oz5 0.30

(b) ECLIPSE FRACTION, Te/T o

! Figure B-5. Array _vercapacity
for Cases I and II

B-9
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Pa Pe Te / To

PI 1 , is I hp 1 I - Te/T ° (3a)

Figure D-5(b) is a plot of array overcapacity for Case II (Tp/T ° = 0. 10):

J

P P Te/T ° P TtT T /F h

___a._ i = _tll = e _p___o_o p o (3b)
Pl hP I f(t) ": _ f(t) - f(t)

The set of equations (3a, 3b) are further red ted by substitution of the assumed power profile

;alues; Pe/Pl = 1.0, Tp/T ° = 0.10, and Pp/P1 = 1.50:

I a -" (4a)Case I; _! = h " 1 - a

1 0.5 + 10a

: ,= Case ii; PlI = h " 9 - 10a + l/h (4b)

where a = Te/T ° (4c)2

2

The total array power required; i5 a = I + gil' watts per watt : (4d)
1

(Z) Battery Capacity, Cb. The energy drain from thebi_tter 7 (corresponding

to the p.owerprofile of Figure B-4)- is a function of the absolute values of {peak and eclipse

." 16"d) time;

: + {Pp T (5)• go. PeTe - Pa ) p

Or, a unit power basis and in terms of fhe orhi.tal period:
_d

•; .... e ___ Tp T.... - -T:
: -'- _ EolPl T + Pl To _ii o [6)._; .= 0

!

Substi '_.ng for Pe/P1 , Pp/Pl' Pa/P1 and Tp/T ° gxves:

"E,, = .(0.15 + a - 0. I l_a) To (7)

L

For a giver depth of discharge allowable, d (based on cycle life),

-- go/d,Cb = watt hours per watt (8)

B- I0 . .:

-_--:_ .- o" .... . ' . _. . • . . ' . .. ' ',It"l_."?""...... e';,'_.i,i>;.:_._..-._¢"<",'.
',__, ."r_-..-_Z_..._',"" % -_'-::._:_.-' .' ._, ' • . : "..'.-,.,-", ...... ,"','-.',,,-" ",,', ,,'a-'_._', .' ....... ,s',,,.,: .... _" ,.... _/'._._'_":_ -_'-::'.
__:_,.._,_ .... ,..-. ,..:,.,._.:..,..................... _................. , ....

-| ¢ ,
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(3) Charge Control Rating, P . The rated power level, Pc' of the chargec

contrvl c,_nverter - regalator is taken as the average recharge power; recharge energy:

Ep = Eo/hw = Pc (To - Te - Tp) where Pc = Pc/P,. (9)

Substituting _quation (7) into equation (9) and solving for Pc' gives;

1.5+10_-P
a

P'c = 19 - lOa)h w , watts per w_ttt (10)

. e. Weight Calculations

_. (1) Array Weight, W a. Solar array weight is given by a constant 4.5 watts

per lb. This factor is approximately 5 percent higher than the present Mariner array It is

"_ assumed that the lower specific weight i_ ,_.u_........ _,_,_t"- wifl_ improved packing factor and higher

initial minimum efficiency. No weight allowance iv n, ade here for ar_y increase in structure

which may be caused by any increased folding mechanism-requirement.

} -- i _ Substituting equation (4d) yields:Solar array specific weight, W a - 4.5 a" -

W a 0. ZZZ(1 + _.iI ), lb pecwatt (I1)

(Z) Battery Weight, W b. Battery we.ight is a function of the er_ergy density

available (_,, watt hours per ib) and the depth of discharge allowable (d, fraction).

Battery specific weight, W b is given by:.

W b = Eo/Pd, Ib per watt (IX)

Substituting equation (7) into equation '(i2) yields:

'i To

, : W b - p_ (0.15+,_-0.1 Pa ) (13)

i

! Figure B-6 is a plot of battery specific wei_-ht for various electrochemical systems as

a function of eclipse fraction (a) for a 10 hour orbit.

(a) Battery Parameters. Table B-3 lists the various assumed

battery parameters.

B-11
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cTr i I
I

ro=lO hr
Tn =I.Oh_ t

o6--Pe:P,
Pp=t.5 P_

_o._ i ii ,I
_(_ 0.4
W

(..)

/ / NiCd
_o 0.3 _"

q
o I 1 i J

0 0 05 C I0 0_15 0 20 0.25 0 30

ECLIPSE FRACTION, Te / TO

Figure B-6.!( Battery Specific Weightu Hour Orbit)
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Table B-3. Battery Parameters

Parameter c? mbol Parameter Value IInit_

_ Cell Sys ten_ AgZn AgCd AgCd NiCd2

_" Depth of Discharge (I) d 0.20 0.30 0.70 0.70

'; Energy Density p 60 i Z 30 10 watt-hours/lb

• Upper Charge Plateau V 1.95 1.65 1. 55 1.45 voltsc

Lower Discharge Plateau V d 1.45 1.30 1.00 1.20 volts

Voltage Efficit-ncy (Z) h 0.75 0.79 0.64 0.83v

Current Efficiency 'Z) h. 0.98 0.95 0.9Z 0.8Zi

Energy Efficiency (Z) h 0.73 0.75 9.59 0.68%v

Charge Control Efficiencv h 0. 75 0.75 0.75 U. 75• c

Overall Recharge Efficiency h 0.55 0.56 0.44 0. 51

(1) De!co..Remy experience with sealed AgZn is that a discharge depth of less than 2:5%

is required for a life of 400 cycles.

STL erperience with sealed AgCd is that a 70% depth of discharge is reasonable for

several h,_ndred cycles.

(Z) Efficie_:cies vary from 99% toZ0% (or less) depending on charge and discharge rates,

amount of overcharging, stand time, and temperature. The figures shown are a

practical first estimate of average charge efficiency for a Mars orbit of 14 to 50 hours.

Table B-3 assu_ne "t values of parameters used to derive curves of Figures B-5, B-6,

B-7 and B-8. Values are representative and are used to illustrate the sizing technique only.

(o) Battery Efflciency. Cell current efficiency, to convert metal back

to its oxide, is 100 percent. However, parallel reactions within the cell also requice some

current. This additional parallel cub-rent appears at the cell terminals as a current effi-

ciency, h i. This parallel reaction _lso includes the self-discharge reaction of a given cell.

A block diagram of the cell is shown in Figure B-7.

Voltage efficiency of the cell, h w, is dete._mined by the emf at each pole plus the

; (equivalent) IR drop caused by the resistlvities of all the components in the cell system

(e.g., _eparator, plate, solution, and connections).

B-13
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L

-;" I SERIES

I RESISTANCE

CHARGE I REACTION
VOLTAGE, _lgO+Cd--lg+CdO) REACTIONS

v_h !

" CURRENT, I

I CELL

CURRENT EFFICIENCY, hI "-Im/ (Ira+Is)

: hz--z.,/zc,_,Z:h" zm+Zs
VOLTAGEEFFICIENCY, by= Vdisch/Vch

ENERGY EFFIC;ENCY, hw=(hz)(hv)
-%

)-

?

Figure B-7. Battery Cell Efficiency
.
&
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-4 (3} Charge Control Weight, W c.

_ (a) Charging Equipment. Although the specific weight of charge control

equipment does vary with power level (for a constant efficiency) this variation was not

included in this a,,alysis. The reason for the omission bel,_g that charge control weight forms

a small portion of the system weight. A value of 0.040 lb per watt is assumed and used

• throLlghout.

/

: Ch,_rge control specific weight. W = 0 04 P (14)
t, C C

Substituting equation (I0) into equation (14) for._c, yields:

! 1.5+I0_-P

_r = (0.040) a , ib per watt (15)
, c h (9 - 10a)
. w

(b) Discharge Equlpment. The weight of disch_._ge control equipment

_" has also been omitted on the basi_ that it is small in comparisen to the weight of charge con-

trol equipment. It is assumed that the discharge equipment _,_iIiconsist of a series controlled

rectifier along with it_ sensing and triggering circuits. _2he total weight of such circuitry,

packaged, should be less than 0. Z5 lb.

(4) System Weight, W. Total system specific weight is given by:

_' = Wa +-Wb +_c' Ib per watt ¢!6)

Substituting for the various component specific weights from equations (II), (13), and

{]5) yields:

1 ___1) hTo kl k2 klW- - 0.22Z + + I0p-----_ " ---_ + 0.03 -_-, Ib perwatt (17)

•". where k 1 = 0.5 + 10a, k z = 9- 10a, and A = 1 + hk 2.

Equation (17) is plotted for various electrochemical systems as _ functk.n of the eclipse

frac_ion for a 10 hour orbit. This plot is shown in Figure B-8. Because of the proximity

of the AgZn and the AgCd, 70% characteristics, it was postulated that there would be a cross-

over of these characteristics were some lower value of orbital period (To) used. A calcula-
!
} tion of T O , derived from the relation:i
]
: W {AgZn) = W (AgCd, 70%) _18)

was made. This calculation led to the following expression for To:

B° )

-_ ,% . - ._ • .. . . . • ¢ , , '. . ._ _
__e_-._,_ .._.-
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C

J

_ I Z i I
Tp= ID hr

,_ ' - Pp-.,.sp,----

_-_ 0 0.6

"E

)-

) 0.2
5

_ o_. o oo_ o,o o,_ 020 0.25
_ ECLIPSE FRACTION, Fe/r0

i'

og

.)

.._
"_" Figure 3-8. System Specific Weight
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Z.52 (h I - h2)

T O = hlAz hzAl , hours (19)

$ 01 _1 Pid2
-?
-A

• where the subscripts 1, Z refer to systems using AgZn and AgCd, 70% batteries respectively.

: A plot of the eclipse function {_) as a function oi T O for the condition of equal weights is

: shown in Figure B--9. A normalized version is shown m F_gure B-10. It should be empha-

i sized here that all of the above equations reflect only minimum requirements. No margin ori
redundancy requiremcnts are included in the sizing calculations. These will be treated in a

separate section.

f. General Expression for Energy Balance

Giv_.n the general power profiles shown in Figure B-If, an expression may be derived

for the required source output power.
J

Because they are easier to visualize and understand, the relationship_ h_olved are

} initiallywritten in terms of the variable time (t). After the calculation is co.nplete, the

results are rewritten in terms of the variable power (p) +o facilitate computation•

It is assumed that the power profile of Figure B-If repeats every orbit for the life of

the spacecraft•

Two cases are considered; a photovoltaic power source and a radioisotope therrnoelec-

tric (RTG) power source. The case of a RTG source is considered first, because the added

complication caused by eclipse is not present. The case of a photovoltaic power source is

the:, treated as an extension.

(1) Case I, RTG Source. In general: Energy available __ energy required,

and as a minimum, energy available = energy required.

.l

fotl 1 ftl To
,I Synlbolically" (Pa " p)dt = _- (p - Pa)dt (Z0)r

"1 By normalizing and rewriting equation (?-0), we obtain"

! - a I f(aI) - f(aIda = _PL '

where PL = (a)dc* = average load.

- B-17

-!
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,¢

; o_ol i̧ I
To Z,SZ(I-h2/h,)A,

_= Ai pidl hz ' A--_=I.2_CONST ._

o.4s_ p,d I I- AZ pzOz "¢'-T "A=,t

hz=0.55
._ 040_._ TO.== 063 h2=0.44 __

p,d,(,.04_.-Fa)A

F8 = p Id--..J-I
i o.3s P_#2

AI _ I+hlk 2

'_ 0.30 ---- k2m9-10 Te/T 0 --
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I
(?.20

o J5

O''O/ /O05

0
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,!

Figure B-10. Plot of Eclipse Functions
(Normalized Versions)
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P(t Pm
P(t)=._ _o f(t)

P(O) = Pmf(a), ,', - f/T 0

, Po P(,,)= --._-
,_ =f(al), ,q =tl/To

t I TO

(a) POWER PROFILE - RTG SCURCE

r P(t )

,_ =f(,,,)
: Pm V//. /_0 = f(I), a = to/T 0 = I

Pa
PO

._. o t, t2To
_ %

"e (b) POWER PROFILE - PHOTOVOLTAIC SOURCE

f_

f

%.

_!_' Figure B-1 1. General Power Profile

i_ B -Z0
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Given the peri ,dJcload functio.'_,f(_), explicitly, the integral equat._on (Zl) may be

LL.en
solved for "_I hi terms of the overall recharge efficiency, h. Power required may '- be

i found by calculating, Pa = f(al)" Pa may be calculated directly:, _ O '

"- where _ = f(])
o

A simple case may be used for an example: A__umec, = g(p) = p, then equation (ZZ)

becomes:

--ll-h _'a +f_ o pdp = "l-":b',h(_') +1,1 (23)
a

•.here _L : _dc* : _, and _o : 1

Performing the integration indicated in equation (23) and rewriting gives:

(_)2 2 1" I-'-_ _ + 1---'ff : 0 (24)

Solving equation (24) for _a' in terms of h, yields:

-- i
Pa : .-K(l-V-_) (z_)

(2) Case I.I, Photovoltaic Source. Case II relationslnps analogous to the ,e

presented for Case I are given below:

t2 !

tl (Pa- P)dt = _ (P- Pa)dt + _- pdt (Z6)

"l "Z

B-Zl

i._ - II1[_ II - I - IIIII II I .__tl II I I I I . I. II I I -*

(,, _,
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L_ terms of a] :

Z - a • f(a 1) - f(a_da, - l-hh _ L (?.7)

wt.ere o 2 is the surdlt fract_en of the orbx:_i period, Io" _

h_ te:-ns of P :
a

a2 _'Po h
_ "+ g(p)dP = l--'--hVZ_ + i_o (Z8)

a

2

: An obviol s limiting case results as a 1 approaches ag. That is, the fraction of time in

; " which the. source is required (a i) approaches the availabD. S_rLlight time (aEj. Substifvting

: _Z for a 1 in equation (g7) gives:

• - t'l

"" a Z f(<_}da = (29): I -h f(_Z) _Tt-KI_L
<x Z

i:

. Given the explic.;t function f(a) and solving equation {29) for a Z -yields the rninimurn

._ value of sunlight time (as a fraceion of the orbital period, To) as a function of the efficiency,

j_ h, and the average load, _L"

B--22
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Z. Justificat:on for Array Ore reap2 city

a. Sumnmry

The recharge :,anc._;.on_ is reviewed, t__rtingv.'i_2,a general case which Lncludes dutv-

i cycling by orbit. Se.eral _zr[i_.'.__rcases ;_rederived. Computin.g functions for AgCd and

1

rue,orion (overcapacit-¢ for severn[ cases.

, A specific naathe1_itica] rhode! of the array IV characteristic is assumed. The model

is normaii"-ed with respect Lo vnity _-n__ximun___.e':.'_ipoint and unity naaximunx power voltage

(and current). Ail sub_.equent caiculatlons are hc.&,d on _he :formalized mode'-'.

Parameter variatio;is ot the battery and of the re_xlaiors are assumed, and their effect

on array overcapacity is calculated. Figui-es B-15, B-!6, B-17, B-IS, B-19 and 13-20 show the

i results in term-c of the iV characteristics and in terms of overcapacity (;_n) as _ function of

the assumed variation (5 _. A discussion of several operatim_g-r.aodes between the battery a*',d

Array is presented.

An example of the calc_flation is carried out f._z_ t_-picalset of values of the varia-

tions, _ .
£

Overcap_city needed for decrease of array output as a function of electron flux and

p,'oton damage is calculated on the basis of an arbitrarily selected current and voltage

degradation.

b. Conclusions

Array overcapacity for battery recharge is a function of these par,_m'_ters:

_r = f (a, _, Pc' Pp' h, n) _,

L
5

where

ce = Te/To = eclipse (time) fraction,

= Tp/To = peak load (time) fraction,

pe_= Pe/P 1 = eclipse load. to nominal Sunlight load ratio,

PP ::PP/PI = peak load to nominal Sunlight load ratio

h = overall battery recharge efficiency (includes

'_ charge control converter-regulator efficiency)

........... B-Z3
i
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009lO'Oj I _F'l{q)=bzeq 1

0C3 [
Fz{q) = I--_
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I
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Figure B-19b. Intersection of F(x)
with l/x for Various 8
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d

i and

_" n = a ,_umeric defining duty-cycle by orbit--the

;/ number of or blts vcithno peak load.

} Operating margins :.re in some instances capable of prowling for more than one

'4 parameter variation: Regulatlon-starz (peak-point) voltage, batLery vultage {cell failure in
-) short-circuit mode), and solar distance (temperature-intensity effects) voltage variations

i are redundant. Thus the largest voltage variation will determine the overcapncity.

Operating margin for peak ripple current is simply added to the basic load.

Voltage Tolerances relating to _he battery discharge circuit ON and OYF le zels result

in increased array capacity (_m4) but are partly offset by the overcapacity necessitated b$

one of the above-mentioned voltag _ variations.

Degradation evercapacity is arbitrary in value, but is given by the product of'the

voltage and current array capacities.

c. Margin Calculations

Three kinds of array overcapacity (capacity beyond the direct Sunlight load) r_ay be

defined:

I) Battery recharge overcapacity -- _r'

Z) Operating Margin overcapacity -- _m'

3) Degradation overcapacity -- _d"

Recharge overcapacity--once calculated--becomes a portion of the load and is so

treated. Thereafter operating margin and degradation overcapacity o?co,ne factors of the

total array power required, thus:

; Pa= (l+_d) (l+_m) (l+_r) (1)

1

""I The three overcapacities are discussed in some detail below.I

!
(I) Batte'y Recharge'Overcapacity - _r" Battery recharge overcapacity, _r,

is a function of the recharge efficie'._c7,peak and eclipse load energy° and orbital parameters.

A general form of the re:harge function is given by equation (Z) below on the b__i_ of the

,_ power profile of Figure B-15, Re'ierence 9:

B-29 ':
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_In+l) aDe + _ (D_-I)
/*r - h (n+l) (l-a) +_ (l-h) (2)

Where a, Pe, Pp, h are as defined in Reference 9 and._ is the number of cycles during

which the peak load is off (i. e. , science off).

Several particular cases are of interest:

i) No duty-cycling by orbit:

_e + _ (_p- i)
(_r) - h (I-a) + ¢ (l-h)" ' n : D (3)

2) As in I) above and no peak load:

a De
l_r)=h(l -a)' ¢ =° (4)

3) As in i) above and no eclipse orbits:

¢ (Pp - I)
(_r_=i-7_(l_h), _-- 0 (5)

4) Peak load ON during whole stunlit period: This ease reduces to case

-,_: :,_,,,,,_ .... ,_t. that the reference level Pl changes te Pp (that is, Pp
for values of $ < 1 - a).

Figure B-12 shows the ar._ ,Ay overcapacity as a f,mcti_._ of the peak load duration for two

c.lectrochemical systen_s and for two orbital periods. Figure B-.12 assumes that the p_ak

load (science) is on once per orbit and is off during the eclipse period. Equation (3) _vas u3ed

to dexive the computing func_'iona, and P = 1.0, P = 1.5 is assumed for all cases:
e p

&g Cd System, h = 0.44

O. O2 + 0.5 ¢

(_r_= 0.43 + 0.56 ¢ ' a= 0.02 (6)

O. O7 + O.5 ¢

(_z)= 0.41 +0.56_ a= 0.07 (7)

Ag Zn System., b = 0.56

0.02 + 0.5

(/_"')= 0,55 + 0.44 _ ' a = 0.02 (8)

B-30
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0.07 + 0.5 _t

i (_r)= 0.5Z+ 0.44 _ ' a= 0.07 (9)

_: Figure B-i3 shows the effect of duty-cycling by orbit, it is similar to Figure B-I2, but

, assumes that the peak load is only on every other orbit. Figure B-14 also shows tke effect of

:_$ dut_'-cychng by orbit, but assumes that the peakload occurs both during sunlight ar.d Curing

e_lipse. Thus, frorr.F, gureB-}4, it can be seen that ifa= 0 07, and the peak load is r)f:,_ne

i orbit out of two (n-l), _h,;ar-av overca?acity is somewhat less than that required for c_= 0

:j_ (no eclipse orbits) and no duty cycling [iL-h).

'_. Computlng functions similar to e_quations (6) through "n_,, were derived for the cases

presented in Figure B-13 and Figure B-I.t.

(2) Operating Margin Overcapaeity - i_m. The overcapacity discussed here

,i is not to be construed as a safety margin (,r ar ray failure mode margin. This operating

margin is required in order for the system to operate stably when no battery is on the line

and to insare that. the nominal array operating voltage is greater than the maximum battery-j

discharge voltage. For the system to be as reliable as possible, the batteries must r c

,_ required except for those times when the system design calls for load shc_::ng. Ref, e 4

touched on this subject and described an operating mode which obviates the requirement for

a battery solely for purposes of operating stabiliry. To emphasize this point, we repeat; if

the peak-point load current is less than the minimum array output (at the corresponding

-; zo[tage), then sharing is _c + nossible and unstable oneration_becomes no consideration.

Regarding the battery; fo.- compatibility it is only necessa_'y tl.at the minimum battery

diQ_cha_'ge voltage be greater than the peak-p.gint voltage. Thus the input voltage range of

the regulato,:., be it a Boost_ cra Series-Switching type, is much more restricted than, for

• ' ll_rinstance, the _._.iiner 19o4 desi ,.n. Hypothet,_a_ . it would be sufficient if the peak-point

; voltage; the ._naxim_m-power-point voltage, and the battery dlsc.i,g_g = voltage were coincident.

Figure ]_-15 _hows the theoretical minimum requirements. Unfortunately, transient, product

I variation, ,neasurement uncertainties, and system stability and reliability requlrements all

combine to increase the source capability beyond this theore%ical n-,inimum. Flgure B-13 of

Reference 4 showed the 2ossible intersections of the array IV characteristic with the load IV

characteristic (as._,uming an ess£ntially constant pewer load). Of all the intersections

possible, only intersection A is desirabJe as an operating point, Thus, it is necessary to

calculate the power increa=e required of the array for each of the appropriate variations

which caald rcsul_: in undesired intersections.

• (3) Basis for Margin CalculatJc_s. It should be noted that all of the array

characteristics used heroic, at= ba_v.u on the following mathematical model:

blX
Y = l-b?. (, -:) (10)

B-31
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Where

X = V/Voc, Y = I/!sc,

b I = 13.5, b2 = 1.37 x 10 -6

r

These values of b I and b 2 were obtained from Reference !; a plot of Y (X) is shown in

Figure .B-!5. 2'0 obtain tne power out of the array, we multiply current and voltage to obtain:

%

p = x Y (ii)
2

Differentiating P with respect to X yields:

. 2

dP dY
> _t--X = X : + Y (12)

and di_erentiating equation (10):
2

d Y _bl X
-:" --.... b I b Z (13): dX

£

"Substituting equations (10) and i13) into equation (1Z) and allowing _-_ to vani:-h _ives:

C

• b 2 ebl X = 1 (14)

_- 1 + hi'X

The solution to the transcendentaI equation (14) was obtained graphically by obtaining the

intersection of F 1 (q) with F 2 (q); where q= blX,

1

F I (q) = bz _q, and F Z (q) = __

From Figure B-16we have that X J=-0.816,
z- mp

q

' Y _= 0.9i7, andP = 0.8'_6x0.917 = 0.748
mp mp

To further simplify calculation, the array char_.cteristics were normalized again with respec_t

to P = 1 (unity power instead of unity isc, Voc ). The new c..Jrdinates x, y are given as:J

1

B_-3Z
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z

x
i! x =X_ I.zz4x,

3-"

Y
=

-_ Y = Ymp 1. 089 Y,
3

i: P = I. J36 P

and

4

y = f0(x) = 1.09 (I - 1.37 x i0 -6 ¢llx) (15)

_' =- (4_ Peak-Point Voltage Uncertainty. Figure B-17 shows the way in wt ich _ :ray
_ " .

"_. current capacity must be increased to accommodate a p_ssible decrease in the "regulati n-
7

start, " or peak-point, voltage o_fa pulse-width-modulated regu!ator.

From the figure shown:

Yl = fl (x) =_ f0 (x) (161
f0 (x) Ix A -,

From equation (15) we see:that the_ maximum power occurs at the same value of voltage, x,

for both fl(x) and fo(X), if we let Xm p be the voltage at the maximum pewer point of the array,

and let _ml be the excess array capacity required, then:

Pm__p__l- 1 =.-_-_ "11 (Xmp) 1 (17)

/*Ynl_= Prop 2 Xmp "f0 (Xrnp) -

but fl (x)'= Yl l' fron, equation (15). (18)

'_ f0 (x)
X A

]
Substituting equation (17) into (16) yields:

!:; "' -- YYY_0x A - 1 - Lmp/xl-]
•,I vml fo (x) [ - I (19)

X A-i

'_ Now let _

_ v

_,,= I - X A = Uncertainty in Peak-point voltr.ge, (7-0)

.i
1 ..= r - ,,t ==, , J i,J . - __ .... ,-% , • .,.,;,l
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and

1

_*ml = (I - _v) f0 (I - 6v) - 1 (ZI)

Given fo {x), _._n.!.._c_n be calculated _d plotted as a function of _v. Figure B- 18 shows

_ml as a function of 8v, ass,Lm_ng the model for the a£ray descrlbed above in Paragraph Z. c. (I).

Referring to Figure B-17 again, it is also evident chat if the array current is increased to

satisfy the require,nent of peak-point voltage variations, the array must also provide a slight

voltage increase at B, the operating point. [['his:voltage increase due to current increase,

6xy is plotted in FigureB-19a as a function of the peak-point uncertainty, 6v. Figure B-19b .

is the graphical solution for 6xy.

(5) Battery/Array Voltage Compatibility. 5 The requirement that the batterf

with one or more cells shorted, must remain compatible with th_ system, and the requirement

that the sys:ern be stable with respect to peak-point voltag e uncertainty, result in the same

constraint on the array. ;.'ssentlall_ this constraint is an increase in the value of 6 . Which-v

evez of the two variations above is the greater, will govern the increase in array size. Thus

the minimum battery discharge voltage, with one or more cells shorted, is selected to be

equal to the minimum value of the "regulation-start" voltage.

Many battery-array relative voltage combinations are possible. Of these, three co,mbi-

nations are considered:

b

I) As shown in F-[g_.ireB-Z0, IV characteristic f3 (x). This situation

necessitates the use of an activ_ sensing and discharge circuit in

ordel _ to fully utilize the array and the battery. ]:'or Inst_nce, if _a

SCR discharge path is provided (as shown in Figure B-Z1 _ and if the

trigger level used to turn on the SCR is th9 max__:,,um power point

volta.ge, then as the load increases, the bus voltage drops from V"o

to Yap, the SCR turns on, and the bus voltage rises tothe first

discharge plateau.(_dl) of the battery.

A_s the lo_d subsequently decreases, the battery _o]tage remains

at V11 or at son_.e value less than Vdl, but the arra)r voltage tends to

--- _-eturn to V o. Then the current through the SCR goes to zero, thus

turning the SCR off ar.d resetting the circuit for the _ext peak load or

load transient. This arrangement also limits the ir.put voltage design

range rcqulzca 6f the re-gulat0r to ippr0xirnately i. 5:1.

---?.) The array may be desigaed as shown in Figure B-Z0, IV characteristic

" f4 (X). An advantage of this scheme is that an active discharge circuit

- " - L 5

.......B-34 --- - -
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is not required--a simple rectifier will connect the battery to the bus.

However, two penalties are incurred:

a) The array weight and size increase by approximately 33 percent.

"_% Tho innnt voltage range is increased to approximately I 75:!v! _ _ - • . . .

Because of the penalties this system will not be considered further.

5) If it is feasible, in terms of capacity, to utilize only the second dls-

charge plateau of Paragraph (5) l) above, then the input voltage range

during the orbital phase of the mission is narrowed to approximately

l.Z:l. The obvious penalty for this is a possible increase in battery

weight. Not so obviously, the system weight decreases fer _he follow-

ing reasons:

a) The array size necessary to provide load current at the second

discharge plateau is lower by approximately 15 percent (assuming

that the reversible potential for the first discharge plateau is

1.35 v_,its/ce!l and for the second plateau is I. 15 volts/cell).

b) _ne battery watt-hour efficiency is higher for the first charge

plateau, corresponding to the second discharge plateau, increas-

ing the recharge efficiency from h = 0.44 to h = 0.5Z. This

increase in recharge efficiency cecreases the overcapacity of the

array (l,r)in the following way: For exa,-np!e, for a power pro-

filewhich consists of a constant lo_d, the overcapacity required

for recharge is changed by an amount; A_,/_. in this simple,

;!lustrative cas e,

A_/_ = - Ah/h = -0.08"/0.44 = ..0.18.

c_ The weight of the charge control equipment also decreases by the

sam£ amount; ,%_/_ .

If the system described in (5) 3) above is utilized, rhea the following

sequence of events occur:

d) The spacecraft ('.,/c)is launchedw_tll the SCR turned on and

< 1.35 volts/cell.Vb > 1 O0

i e) During launch sequence the battery discharges to' the minimum,

V b = 1.00 volts/cell.

f) When the sun is acquired the solar array (s/a) voltage increases
{,

so that the voltage difference across the SCR decreases (in the
i

B-36
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:. forward direction) and the forward current through the SCF_ tends

to zero. When the forward current drops below the holding cur-

. rept, the SCR autornatically recovers its forward blocking char-

.. acterist._cs and resets (turns off).

g) During cruise between Earth and Mars, the s/a provides all of

the s/c pox_er, the s/a will also pxovide battery recharge power.

:* The battery will be recharged _o approximately I. 55 volts/ceil.

"_" h) Subsequent trajectory correction and/or erbit injection maneuvers

_" will cause the system to follow the sarape sequence (d), e), f), g)).

i) After the injection maneuver, the first planetary orbit is used

"i solely for battery recharge.

9 j) During a"normal" orbit, the battery is sized so that battery

__ energy, for the peak load and for eclipse load discharge, is
_"., returned to the battery at approximately i. 35 volts/cell daring

the sunlight period (less the oeakload period). This cycle =

4 repea_s for the life of the spacecraft.

(6) Solar Distance Variations. Another possible constraint on the array _s

given by the Earth-space output voltage decrease. ']7hearray voltage decrease is caused by

the increased array temperature. However, this is somewhat offset by the high _]1,'_nzi**=czor,

__ intensity [relative to k4ars-space). Figures B-18 and B-Z2 may be used to calcLdate Lhe _rray

overeapacity required as a function of the expected open-circuit voltage difference between

_£arth and Mars-space.

If the ratio of open-circuit voltage at Earth to open-circuit voltage at Mars, (VE/VM)oc

, = 0.75, then the regulator must operate to ._ ] ;wer voltage limit than that assumed previousl/

(0.9). The new lower voltage lint is 0.86 (Linear _nterpolation of Figure B-ZL'). The voltage

difference between the original hmit and the new limit (0.04) thus cause _ another increase in

array size. Entering Figure B-18wlth 6 = 1 - 0:86 = 0.14, we hay= that _m3 = 0.085, com-'-: V

pared with the value _ml = 0.048 for 6v = 0.10. The increase in cap,_city, caused by the

'_ additional 0.04 voltage variation, is A_m/_m I = 0. 037. The regulator input voltage range

ii must increase to approximately 1. 5'?:! to operate within its range at Earth-space. On the

iI other hand, if the array temperature gradient between Earth and Mars-space is of the same

order as that given in Reference Z, then _he open-circuit voltage ratio i_ 0.83 and no addi-

",! tional array voltage or increased regulator input range is required.

i Because operation at Earth is on the voltage side of the IV characr.eristic, an increasei

in array voltage could provide _utomatic SCR reset. The increase in voltage must be suffi-

ciently great so tha_ array voltage, after resumption of the average sunlight load (peak loads

,$ off) will return to a value greater than the maximum second discharge plateau voltage. In the

case of a Ag Cd battery this is taken to be 1.05 volts/cell. At this batt:ry voltage the load

"_ B-37
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,; current is y = i:_'. 05 = 0.953, and at this load current the array voltage in Earth-space is

x= 0.96. The increase in array voltage, and therefore power, is: #m3 = 1.05/0.96- 1 = 0.09Z.

;', This voltage margin will insure that the SCR discharge circuit will reset automatically both in

_" Eal,d_ and Mars space. The 9.2 percent penalty is, however, not acceptable. To circumvent

this overcapacity requirement, a ground initiated command may be used to reset the SCR.

!_ Such a command would al_ provide operational margin (or redundancy) in Mars-space in
-%z
_ terms of SCR or undervoltage trigger circuit failure.

(7) Rzpple Consideration. The ripple current caused by the gating action of

a pulse-width-modulated regulator is generally minimi_.ed by means of a regulator il_put low-

pass filter. However, a small fraction of ripple current is demanded from the array. The

_- simplest way in which to account for the ripple current is to consider the peak ripple current

i;' as part of the load. Because ripple currents occur both in the regulator and in the charge

i._. control, the calculation for array overcapacity should proceed as follows:

_, where I = peak ripple current, and

_.' Idc ; average regulator current.

_i B-38-i
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_] (8) Dndervoltage Circuit Tolerance. Assuming that an _ctive discharge c_r-

_; cuit is used, an allowance must be made for variations and hvsteresis in turn-on and turn-off

voltages. Simple SCR turn-on may be accomplished by the circuit shown in Figure B-Z3.

i'. From Figures B-17 and B-19 we see that 8xy would serve as the undervoltage tolerance,

is sufficiently large. In tileparticular instance illusl:rated, 8 = 0. I0, 8 --
;; provided 8 v v x)

0. 085. Thus _ is accounted for, and no additional capacity is r6quired. If $ or _ were
i t v t

"'_" such that 8xy < 8t ' then the curves of Figure B-34 may be used to calcalate the additio_alL,

array capacity, _m 4, imposed by 8t (Replace abcissa _x by 8t and ordinate _m 2 by _m4).

Thus if _ and 8t were i0 percent, enter Figure B-34 at 0. i0 on the ahcissa to the intercept_ v

_'_} with the 8 = 0. I0 line, yielding _m 4 = (J.0075 (0.75 percent).k v

Generally, 8 is relatively small so that littleor no additional array capacity is required.

.&

(9) negradatlon Margin - _d' Aside from the normal degradation, random "

failure, and m_asurement uncertainties which are taken care of in the detail array design,

#" integrated electron ilux and proton damage due to-solar flares mus; be considered. Because

no environmental data is available, an arbitrary degradation of array current of 6 percent, and

8A'r';ERYBUS PR,MAR'rB,:S

.: QI ._RI CR2
: _/ R3

Q2 _

i R4 .__ ..o R8
'CRI R9

RE-rURN

!

',! Figure B-23. Undervoi_ge Trigger Circuit
|
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Figure B-Z4. Array Overcapacity Required as a Result of

Battery Discharge Voltage Range or Undervoltage
-Trigger Level Range

voltage of 5 percent have been assumed. These assumed values correspond approximately to

an electron dose of 1014 , Reference i, and result in a degradation overcapacity of,

_d= (t.06)(I.05)- i : 0.113

(]0) Margin Requirements Summary. Let PL be the load power required at

any step in the array size calculation, and let PL :"ImL/I°I: Table 1 below summarize,,; the
calculation.

B-40
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An example of the calculation is given belov_ using typical values of the varlaiicn,:

"_' Ip/Idc'_ Step I. Ripple current, Ip = 0,050 Idc, peak; = 0.05C

_:i' Step Z. Peak-point voltage, _Vpp = 1.0 volts; 8v 0. 030

(33 cell, Ag Cd system)

or Cell Failure, three cell failures allowed: 8v = 0. I0

or Solar Distance, AT = 65=C, -2. g mv/°C,

_" V = 590 _-nv;
,_ OC

Table B-4. Margin Calculation Requirements Summary

I-- Curnulaf ire Reference

; Over capacity Power La-¢el Paragraph
:

A) Battery Recharger (_r) PL = i + _r 2. c.(i)

B) Operating Margin 2. c. (2)

I. Ripple Current (Ip/Idc) --PLI = (i+ Ip) PL 2. c.(7)

;: 2. Peak-Point Voltage (pro) (I) PLZ = If+,_ml) PLI 2. co(4)

3. or Cell Failure (_m2) (i) --PLz = (I+ _mZ) PL! 2. c.(5)

or Solar Distance (#m3) (I) PLz = (I+ _m3) _LI 2. c.(6)

3. Undervoltage Tolerance (_rn4) PL3 = (I+ _n4 ) PL2 Z.c.(8)

pL 4 -- 2. c. (9)
_) Degradation (,Ld) = (I+ #d) PL3

(I) The s,_lection of _*m to use in step (BZ) depends on which of the three variations

8v' _b' or 8t is largest.

From Figure B-Z2:

(VE/VM) oc = 0.83 and thus a = 0.050V

Thus for the assumed values, the three-cell failures (shorts) allowed go'_ern the evercapacity:

8 v = 0.10 yields _mZ = 0.048

b-41
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Step 3 U/V Tolerance, Trigger voltage tolerance +Z percent,

and hysteresis l0 percent gives 8 t = 0.140

but from • = 0.!0 and Figure B-19, 5 = 0.084
v xy

Thus 8 t > 8xy and using Figare B-Z3, we obtain, .. ". 008

_tep 4. Calculation of the total array cap_city required p_- _ds as

ou£1ined in Table B-4 above:

PLI = I'05PL 0' where_L 0 = (I +_r)

PLZ = 1.0 48 x 1.05 PL0 = I. I00 PL0

PL3 = 1.008 PLZ = I. 109 PL0

PL4 = (1.113) (i. 109 PL0) = i. Z34 PL0

and finally:

Pa = PL4 = 1.234 (! + _r ) (23)
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